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Hybrid rockets are chemical propulsion systems that, in the most common configuration, employ
a liquid oxidizer (or gaseous in much rarer cases) and a solid fuel; the oxidizer, stored in tanks, is
properly injected in the combustion chamber where the solid fuel grain is bonded. In the classical
arrangement, one or more ports are present in the fuel grain whereby the oxidizer flows and burns with
the fuel vapors. When speaking about hybrid rockets, one cannot avoid stating that, although they
may seem to lie somewhere between a liquid and a solid propellant system, this propulsion technology,
thanks to the phase separation of the two propellants and the vast choice of available inert fuels,
features unique advantages, well known in the propulsion community [1,2], which are not enjoyed by
either liquids or solids. In fact, because they essentially preserve performance comparable to the high
level of the most complicated liquid rocket engines, their several benefits, spanning lower development
cost, higher safety and less environmental impact, can lead to extensive employment as game changing
technology in the current space arena characterized by a dramatic upsurge of worldwide activities and
the parallel emergence of different types of space actors [3,4].

The hybrid rocket concept dates back to the early twentieth century [5], but till about a decade ago,
hybrids have been perceived as a niche technology; nowadays, however, they are attracting renewed
interest from both the propulsion technical community and industry. The number of researchers
involved in this subject has increased more and more all over the globe along with the launch of
student sounding rockets [6,7].

Hybrid propellant engines can be used in practically all applications where a rocket is needed, but
there are certain cases where they present a superior fit, such as the above-mentioned sounding rockets,
tactical missile systems, launch boosters and the emerging field of commercial space transportation. The
novel space tourism business will definitely benefit from their safety and lower recurrent development
costs. The famous Virgin Galactic SpaceShipTwo is, indeed, a spacecraft propelled by a hybrid
rocket engine that aims to take tourists on brief trips to suborbital space at an unusually large flight
frequency [8]. Manufactured by The Spaceship Company, the vehicle is currently in an advanced
testing stage. Furthermore, it was last October 8 that Boeing announced a strategic investment in Virgin
Galactic, which could eventually support high-speed future passenger transportation systems [9]. Those
are all clear signs of growing, genuine attention toward the hybrid rockets alternative, and probably the
real challenge facing researchers is inseminating the hybrid culture to enable the widespread adoption
of this technology, which is still hindered not for technical reasons, but due to societal factors like the
stereotype represented by the mature solid and liquid propellant rockets. Within this framework and
with the latter purpose, the Special Issue of Aerospace “Advances in Hybrid Rocket Technology and
Related Analysis Methodologies” was born.

The current key research areas include systems to improve the slow fuel regression rate, such
as the selection of paraffin-wax-based fuel casting; the enhancement of wall heat transfer with
nonstandard oxidizer injection methods and/or fuel grain configurations; the effects of the addition of
energetic ingredients into the fuel, the suppression of combustion instability; and the optimization of
engine components.

Aerospace 2019, 6, 128; doi:10.3390/aerospace6120128 www.mdpi.com/journal/aerospace1
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Scientists from Japan, USA, China, France, Australia, South Korea and Italy have contributed to
make this Special Issue an amazing collection of papers drawing a picture of the state of the art. I am
honored to present twelve excellent articles from some of the most accredited scholars active in the sector
as well as from emerging research organizations covering a wide range of topics, which encompass
nearly all the subjects just listed above, from fundamental research to real-world applications.

Three review papers appear in the Special Issue; Marquardt and Majdalani [10] revise the
Marxman’s classical diffusion-limited regression rate model with the purpose of complementing the
existing literature, providing a unique combination of detail and brevity that will be appreciated by
newcomers entering the field. The development of accurate simulations of reacting flows incorporating
the capability of modeling the fuel surface regression poses significant challenges for computational
methods, and the article from Di Martino et al. [11] is concerned with the application of computational
thermo-fluid-dynamics to the simulation of the internal ballistics of rockets burning either standard
polymeric or liquefying fuels; finally, Chen et al. [12] conducted an excellent survey of several innovative
methods under testing to improve the solid fuels’ combustion properties, presenting a number of
experimental results.

Three research papers address particularly innovative themes in the hybrid rocket literature: the
article from Messineo and Shimada [13] is centered around a non-conventional engine configuration
where the oxidizer injection in the fuel port is split in two separated streams: one of which is axial
and the other is tangential with the idea of controlling, independently, both the injected flow rates to
optimize the mixture ratio with a given thrust profile. A theoretical investigation into the feedback
control of hybrid rocket engines is, thus, addressed; Casalino et al. [14] examined the viability of
an electrically driven pump-fed hybrid rocket for small launcher upper stages of the Vega class,
demonstrating that it can be a suitable option for the replacement of the conventional pressurized gas
feed system. The third paper from Moon et al. [15] reports on an assessment of a hybrid rocket for
underwater propulsion, suggesting that the throttleable hybrid engine could be an effective candidate
for a short-duration, high-speed marine boosting device as an alternative to the solid propulsion system.

The remaining research articles deal with more standard topics, yet are well deserving of attention.
They focus on the scaling up problem, the CFD modeling of the regression rate, the application of ballistic
reconstruction methods to the engine performance evaluation and the effect of energetic ingredients to
improve the regression rate. Experimental results from a number of firings of a paraffin-based, 1 kN
thrust rocket are discussed by Battista et al. [16]; the results of numerical simulations carried out with
an ad-hoc CFD code are reported by Bianchi et al. [17] for the high-density polyethylene regression
rate calculation, highlighting the influence of the gas-phase radiation contribution to the total heat flux
to the surface; some preliminary data from small-scale static firings of 3D printed fuel grains made by
several materials are shown in [18], by Mc Farland and Antunes; the experimental performance data
acquired from a hybrid rocket fed by nitrous oxide and high density polyethylene for the application
to an apogee kick motor were treated by Kamps et al. [19]. Regression rate and mass burning rate
obtained with the addition of nano- or micron-sized aluminum powders and oxidizer-containing
fuel-rich composites to HTPB (Hydroxyl-terminated Polybutadiene) are investigated in comparison to
the baseline pure fuel in the paper of Paravan [20].

Finally, the subject analyzed by Whitmore [21] in the twelfth paper, which at the moment of this
foreword is still on the publication path, is the investigation into a fluid blend of nitrous oxide and
gaseous oxygen as a significantly safer and higher volumetrically-efficient alternative for the current
generation of environmentally-unsustainable spacecraft propellants.

The first article appearing in this issue was published on 6 March 2019, whereas the last was just
a few days ago; since then, from the MDPI articles’ access metrics service, one can see a continuous
increase of interest in the papers, with peak numbers of about 1300 downloads and 2000 views per
article. The latter data are extremely encouraging and, considering the relatively small competent
community compared to the solid and liquid propulsion groups, make us hope one day soon we will
see large-scale development of hybrid rocket engines.
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Since the Editorial [1] of this Special Issue was published last 26 November 2019, I have had the
pleasure to accept the submission of a couple of new articles which are now included in the Issue;
moreover, for the sake of clarification, I want to mention that, over the revision process, the title of the
paper [2]—which at that time was thought of as the last to be published—has been changed to more
fairly comply with the revised topics.

The last two papers now appearing in the Special Issue deal, in the temporal order of publication,
with the design and testing of a student hybrid rocket engine featuring an external carbon fiber
composite structure [3], and with the development of an oxygen-methane torch ignition system
designed for a hybrid rocket and later improved to be used in the testing of solid and liquid ramjet
engines [4].

The former was developed in the framework of the German educational program Studentische
Experimental-Raketen (STERN), by students of the Technische Universität Braunschweig, whereas the
latter reports on a part of a research funded by the Foundation for the Scientific Research Support of
the Brazilian Federal District at the University of Brasilia. I have particularly welcomed these two
articles, in that, both being born in institutions recently involved in hybrids, they further prove the
nice spread of the research activities in this subject across the world.

The aim of this short addendum is to give the final picture of the contents of the Special Issue,
which collects 14 papers and 1 Editorial, 3 of which are review papers, 10 are original research papers,
and 1 is a technical note.

The success of this experience has laid the groundwork for the “Hybrid Rocket (Volume II)”, edited
in collaboration with Toru Shimada and Arif Karabeyoglu [5], which, alongside articles addressing the
advances in hybrid rocket technology and related analysis methodologies, will welcome papers dealing
with novel space transportation systems, new flight systems, and mission concepts and optimization
using hybrid rockets.
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Abstract: This paper presents an attempt to use the hybrid rocket for marine applications with a
500 N class hybrid motor. A 5-port high density polyethylene (HDPE) fuel grain was used as a
test-bed for the preliminary assessment of the underwater boosting device. A rupture disc preset to
burst at a given pressure was attached to the nozzle exit to prevent water intrusion where a careful
hot-firing sequence was unconditionally required to avoid the wet environment within the chamber.
The average thrust level around 450 N was delivered by both a ground test and an underwater
test using a water-proof load cell. However, it was found that instantaneous underwater thrusts
were prone to vibration, which was due in part to the wake structure downstream of the nozzle exit.
Distinctive ignition curves depending on the rupture disc bursting pressure and oxidizer mass flow
rate were also investigated. To assess the soft-start capability of the hybrid motor, the minimum
power thrust, viewed as the idle test case, was evaluated by modulating the flow controlling valve.
It was found that an optimum valve angle, delivering 16.3% of the full throttle test case, sustained
the minimum thrust level. This preliminary study suggests that the throttable hybrid propulsion
system can be a justifiable candidate for a short-duration, high-speed marine boosting system as an
alternative to the solid underwater propulsion system.

Keywords: hybrid rocket; marine propulsion; rupture disc; idling operation; underwater
environment

1. Introduction

Underwater propulsion systems using conventional chemical rockets are uncommon and quite
rare because of their short operating time, high noise, non-stealthiness, and shallow water depth
operability with respect to the screw propeller driven system. These result from the limitations
of a hot gas jet propulsive mechanism, which differs from the mechanical driver device where
two-phase flow and high water-to-gas density ratios are present at the exit of the convergent/divergent
nozzle, complicating the flow structure [1,2]. Mechanical driver devices, i.e., screw propellers,
are usually driven by diesel engines, gas turbines, or even nuclear reactors for marine vessels,
while, with the exception of rare trials using rocket propulsion, compressed heated air, electric
motors, monopropellants, and gas turbines are used mostly for torpedoes. Modern marine vehicle
development, either for watercrafts or torpedoes, focuses on speed augmentation, longer range and
noise reduction, and additional depth increase for the underwater apparatus [3]. None of these factors
are favorable for rocket application for marine propulsion, except for the speed augmentation, since the
objective of a high-speed exhaust gas jet is a means of propulsion rather than noise reduction [4]. If a
short-range and high-speed vehicle is enough for tactical purpose without taking any countermeasure
for the noise, the underwater rocket propulsion could be an answer [4–6].

Aerospace 2019, 6, 28; doi:10.3390/aerospace6030028 www.mdpi.com/journal/aerospace7
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From the 20th century until today, marine propulsion designers and engineers have worked to
increase torpedo speeds such that the modern high performing torpedo generally operates at around
50 knots. It is known that the increase of necessary power is proportional to the cubic of the rotational
shaft speed, and therefore 240% increase in power output is required for a speed increase from 45 to 60
knots with a mechanically driven screw propeller [5,6]. Thus, rocket propulsion has been sporadically
considered even up to the present time. From the first US Navy trial of the Ericsson rocket [4] proposed
in the early 1880s to the recent “supercavitating rocket” [7], the underwater rocket has its own heritage
with respect to the conventional torpedo in terms of cost, lack of moving parts, simplicity, minimal
preparation, low maintenance, and low weight, depending on the rocket type. Research interest in
high-speed torpedoes relying on solid propellant rockets increased in the past mid-twentieth century
following World War II due to their speed, low cost, reliability, and negligible pre-launch preparation
requirements [4]. To the authors’ knowledge, projects such as HEYDAY [4], CAMROSE [4,5] for
anti-torpedo mission shown in Figure 1a, and BOOTLEG [4,5] for anti-ship missions were the earliest
rocket-propelled torpedo studies conceived by the British since World War II. However, these projects
were all abandoned due to the lack of financial support, which instead prioritized noise reduction
studies. The focus of this study is not on supercavitating rockets nor on torpedo applications. Rather,
the work proposed in this paper is focused on conventional chemical rocket propulsion systems for
marine vessels.

In addition to a pure underwater main propulsion device, a rocket can also be envisaged as an
auxiliary propulsion device for boosting the already running watercraft for some duration when used
together with the conventional screw propeller driven system [8–12]. If a further rocket thrust variation
is achievable, it would increase the mission flexibility of a marine vessel. It is also important to mention
that thrust control for a soft-start is essential for marine vessels because the sudden acceleration in the
start-up stage is dangerous, since it can disrupt the balance of the marine vehicle. Hence, the throttable
rocket propulsion system can not only be applied to conventional vessels but also to high-speed vessels,
which can be faster than the speed of ”Ghost” (50 knots), built by Juliet Marine System shown in
Figure 1b, which uses a gas turbine based engine [13].

  
(a) (b) 

Figure 1. (a) CAMROSE dynamic test vehicle c.1954 [5]; (b) Ghost (Juliet Marine system) [13].

Until now, there has been no systematic classification of solid, liquid, and hybrid rockets for
underwater environments. Marine propulsion using a solid propellant rocket has two main drawbacks:
(1) the lack of thrust modulation capability with respect to hybrid and liquid counterparts; and (2) the
low thrust level required for somewhat longer underwater operations. For the former, a lack of thrust
modulation capability by means of propellant feed rate is a key classical drawback of solid propellant
rockets since the thrust controllability is not frequently demanded for solid propellant systems. For the
latter, solid propellant underwater propulsion systems have no choice but to have low thrust levels
because these solid propellant rockets are forced to have “end-burning” grain configurations for

8



Aerospace 2019, 6, 28

prolonged operation time. The enlargement of propellant grain diameter required for a tubular port
solid propellant grain is not a good solution for increasing the thrust level or for increasing the
operating time because the drag force is increased as the square of the diameter. Concerning the liquid
propellant rocket, it is obvious that its relatively heavy weight, large dimension, and complicated
plumbing system are not very effective for underwater application.

Meanwhile, with its thrust controllability, the hybrid rocket used to be known as a cost-saving
rocket with many advantages in terms of insensitivity of fuel, multiple shut on/off capability, easy
handling, and environmental friendliness compared to solid and liquid propellant rockets. In addition,
a typical hybrid propellant system can achieve a higher specific impulse than a solid propellant system,
even though the belief that the hybrid propulsion system has a lower thrust/weight ratio than the solid
propulsion system due to the addition of an oxidizer tank is still controversial in the field. Nonetheless,
the throttleability of a propulsion system using a solidified fuel by means of a single oxidizer flow
is very attractive since it reduces tremendous plumbing unlike conventional liquid bi-propellant
systems. Owing to this, the underwater hybrid rocket can be an attractive alternative to solid or liquid
counterparts, not to mention a safer alternative. Furthermore, common solid fuels used in the hybrid
rocket propulsion system are suitable in humid environments due to the moisture-resistance of these
fuels. From this point of view, a novel application of a hybrid rocket propulsion system for underwater
application is introduced in this paper.

This study aimed to demonstrate the feasibility of the hybrid rocket application in an underwater
environment rather than underlying interests on motor performance, e.g., use of high performing
cryogenic oxidizers like liquid oxygen (LOX) [14–16] and use of high regression rate fuels with energetic
particle addition [16–18] or swirl assisted injectors [19,20]. For this reason, nitrous oxide (N2O) was
selected as the oxidizer since it does not require an additional pressurization system, while high
density polyethylene (HDPE) was selected as the fuel since HDPE is known to be easily accessible
for academic purposes in laboratory scale experiments. This is one of the simplest and most compact
hybrid propulsion systems that can minimize the vehicle weight and the number of components.
A series of hot firing tests was conducted to demonstrate the feasibility of the hybrid rocket application
in an underwater environment where the 500 N class lab-scale hybrid rocket motors were used together
for the underwater experimental set-up. A rupture disc was attached to the nozzle exit during each
test to prevent the intrusion of water. Special emphasis was also placed on investigating the oxidizer
supply timing and ignition characteristics. We also investigated the feasibility of an underwater hybrid
rocket system in terms of full power thrust and factors to be assessed for minimum power thrust, i.e.,
the idle case.

2. Underwater Setup

2.1. Underwater Experimental System

Figure 2 shows the schematic of the experimental setup for the 500 N class lab-scale hybrid rocket
motor used for the static-tests. The experimental setup of each unit was composed of an oxidizer feed
system, ignition system, data acquisition (DAQ) system, and the hybrid rocket motor, where the unit
number 8 represented the water filled tank. For the ground test, the hybrid motor was out of the water
tank, while for the underwater test, a supplemental cap plugged in the rocket nozzle exit and the water
filled tank accommodating the hybrid motor were additionally used.

The cross-sectional view of the lab-scale hybrid motor used both for ground and underwater
combustion experiments is shown in Figure 3a. From the head-end, a shower head injector,
pre-chamber, fuel grain, post-combustion chamber and a water-cooled copper nozzle used to prevent
over-heating of the environment were all attached in-line making a total motor length of 457 mm.
Pressure transducers were each mounted in the pre-chamber and post-chamber for static pressure
measurement with a K type thermocouple to monitor the temperature level in the nozzle section.
Figure 3b is an outer tank view showing the vertical transfer line, nozzle cooling line, and a cap
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plugged into the nozzle exit with the motor unit. The supplemental cap for the underwater firing test
comprised a rupture disc provided by FDC Co. Ltd. (shown in Figure 4a,b) that not only prevented
the intrusion of water during the ignition stage, but also blasts at a given preset chamber pressure.

Figure 2. Schematic of experimental setup for underwater hot-firing test.

(a) (b) 

Figure 3. (a) Cross-sectional view of lab-scale motor; (b) lab-scale hybrid rocket motor mounted in the
water tank.

 
(a) (b) 

Figure 4. Rupture disc (provided by FDC Co. Ltd. Gimhae, Korea), (a) bursting pressure set to 2 bar
gauge; (b) bursting pressure set to 3 bar gauge.
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Figure 5 shows the oxidizer supply system for the ground and underwater experiments.
All combustion experiments were conducted in blow down mode using liquid N2O by assuming no
spontaneous mixing of the liquid and vapor during the evacuation of N2O from the tank. The oxidizer
run tank was charged from two N2O tanks, and the oxidizer mass flow rate was measured by a load
cell capable of measuring the weight change in the run tank. Additionally, plumbing was installed
at the bottom of the oxidizer run tank so that the liquid N2O could be discharged in advance of gas
phase N2O.

 

Figure 5. Oxidizer run tank and mass flow measurement.

2.2. Internal Ballistics

Table 1 lists some specifications of the basic experimental conditions and fuel geometry, where
liquid nitrous oxide and HDPE were used for the oxidizer and solid fuel, respectively. A 5-port fuel
grain was chosen to shorten the motor length instead of a single port grain to avoid an unrealistically
long motor unit. Figure 6a,b shows the front and side view of the 5-port grain, respectively, with an
initial port diameter of 10 mm and distance between port’s centers of 25.5 mm before the test. On the
other hand, Figure 7a,b each shows the front and rear view of the grain after combustion. One can
notice that with a burning time of 10 s, there was no merging event between ports during the hot firing
tests. An in-depth analysis on port merging can be found in reference [21].

Table 1. Specifications of the experimental conditions for underwater firing test.

Heading Heading

Design thrust (kgf) 50
Oxidizer Liquid nitrous oxide
Solid fuel High density polyethylene (HDPE)

Igniter Potassium nitrate/sorbitol (KNSB) propellant
Fuel density (kg/m3) 950

Burning time (s) 10
Oxidizer mass flow rate range (g/s) 15–134

Initial port diameter (mm) 10
Grain outer diameter (mm) 104.5

Port number 5
Grain length (mm) 146

In a typical hybrid rocket internal ballistic design, knowledge of the fuel regression rate is of
primary importance and crucial for the right performance prediction. Therefore, for the design of the
500 N class motor, the empirical regression rate of our previous works [21–24] for multi-port grains
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were used. The empirical relation used in this study for the overall regression rate,
.
r, was a time–space

(burning time–fuel length) averaged value:

.
r = 0.01G0.83

o (1)

The overall regression rate can be evaluated with the measured fuel mass difference Δm, initial
and final port radius (Rpi and Rp f ) from the cross-section areas (Api and Ap f ), the port number N,
the fuel density ρ, and the fuel length L by following equations:

Δm
Nρ

=
(

Ap f − Api

)
L (2)

.
r ∼= Rp f − Rpi

tb
(3)

Go is the averaged oxidizer mass flux defined as:

Go
∼= 4

.
mo

π
(

Rpi + Rp f

)2
N

(4)

where
.

mo is the averaged oxidizer mass flow rate. The complete details of the procedure can be found
in references [21–24]. Figure 8 shows the N2O/HDPE multi-port regression rate correlations [22]
where Equation (1) is the empirical relation corresponding to “three to seven” ports shown by the red
dotted line. It was found that three to seven-port HDPE laboratory scale grain can be fitted by a single
empirical regression rate. Results of ground and underwater hot-firing experiments using the 5-port
grain motor are shown in Section 3.1 and idle cases in Section 3.4.

  
(a) (b) 

Figure 6. Fuel grain configuration, (a) front view; (b) side view.

  
(a) (b) 

Figure 7. Fuel grain after combustion, (a) front view; (b) rear view.
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Figure 8. N2O/HDPE multi-port regression rates correlations [22].

2.3. Underwater Subsystem (Ignition, Flow Control, Thrust Measurement)

Concerning the ignition system, Potassium Nitrate/Sorbitol (KNSB), widely used in
semi-professional rocketry, was used as a pyrotechnic ignition for simplicity. The KNSB igniter
was mounted upstream of the fuel port entrance inside the pre-combustion chamber, as shown in
Figure 9. The amount of igniter chosen was either 30 g or 60 g depending on the preset rupture disc
bursting pressure. The oxidizer mass flow control system was made using a commercially available
throttle valve with a stepping motor in which they are connected by a coupling for accurate alignment.
Among numerous valve types, pintle valves are known to be best fitted for hybrid and liquid propellant
rockets. However, they are expensive and custom-made. For this study, being a preliminary assessment
of an underwater hybrid rocket application, with the exception of the water-proof load cell, which
directly contacted the water, all underwater systems were assembled using conventional systems that
were widely available and cost effective, such as the ball valve, stepping motor, and KNSB ignition
system. Thus, the ball valve was selected for the oxidizer flow control considering the temperature
range of liquid nitrous oxide (–40 to 24 ◦C). The specification of the oxidizer control valve and stepping
motor are presented in Tables 2 and 3, respectively.

 
Figure 9. KNSB igniter mounted in pre-chamber.
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Table 2. Specification of oxidizer mass flow control valve.

Model
Supplier
(Country)

Orifice Diameter
(mm)

Temperature Rating
(◦C)

Pressure Rating
(bar)

VL82A-D-4T-S DK-lok (KOR) 3.2 −54 to 65 172

Table 3. Specification of oxidizer mass flow control motor.

Model
Supplier
(Country)

Motor Type Motion
Max. Resolution

(deg/pulse)
Min. Resolution

(deg/pulse)

MDrive 23 Plus Schneider
Electric (USA) Stepping Motor CW/CCW 1.8 0.007

2.4. Water Filled Tank Containing the Motor

Figure 10 shows the accommodated laboratory scale motor within the filled water tank prior to
the underwater test. Three pressure transducers each measuring the static pressure of the injector
manifold, pre-chamber and post-chamber can be seen with a water-proof load cell (CAS SB-100L)
situated at the head end of the motor. The water tank was designed to have a minimum length and
width so that the wake reflected back from the far end of the tank wall would not disturb the jet flame
coming out of the nozzle. For the time being, we assumed that the reflected wake would merely
disturb the nozzle exit area. The width and depth were set as 1 m × 1 m with a total water capacity of
3 tons. The side wall of the water tank was made of tempered glass to aid in visualizing and observing
the wake structure. Figure 10 also shows the vertical transfer system that submerged the hybrid rocket
motor into the water where the motor base was set to be located at 70 cm beneath the water surface.

 

Figure 10. Water tank and vertical transfer system of hybrid motor.

2.5. Signal Command and Sequence

In order to guarantee a smooth and uniform ignition curve, the “pressure signal triggering loop”
was tested following the flow chart shown in Figure 11. During the ignition sequence, at the time when
the pre-chamber pressure attained the “preset Ox. v/v opening pressure”, the main oxidizer valve was
opened, and the igniter power was turned off simultaneously. The “preset Ox. v/v opening pressure”
was preset (before the combustion test) to 1.2 bar due to a delay time (0.5–0.7 s) existing between
power signal “on” and the real valve opening moment. As the rupture disc bursting pressure was
set to 2 bar (or 3 bar), the valve opening command was signaled earlier than expected to compensate
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this delay time. Figure 4a,b shows two rupture discs set to burst at a gauge pressure of 2 bar and
3 bar, respectively. If the hot firing test of 10 s duration is successful, nitrogen is purged for 8 s
and the sequence is terminated. On the contrary, if ignition does not occur within 15 s and thus,
the pre-chamber pressure does not rise, the test is stopped immediately. Detailed experimental cases
are shown in Table 4.

 

Figure 11. Pressure signal triggering loop.

Table 4. Ground and underwater hot-firing test cases.

Identifier GT_Lab-01 UT_Lab-01 UT_Lab-02 UT_Lab-03 UT_Lab-04

Test environment Ground Underwater

Oxidizer control valve angle (deg) w/o v/v w/o v/v 52 54 56

Average oxidizer mass flow rate (g/s) 121.1 134.6 15.0 22.0 32.0

Average fuel mass flow rate (g/s) 21.2 21.8 - 8.5 10.5

Average oxidizer-to-fuel (O/F) ratio 5.7 6.2 - 2.6 3.0

Rupture disc bursting pressure (bar) 2 2 3 3 3

Preset Ox. v/v opening pressure (bar) 1.2 1.2 1.2 1.2 1.2

Amount of pyrotechnic igniter (g) 30 30 60 60 60

3. Results and Discussion

3.1. Ground Tests versus Underwater Tests

In order to assess the technical feasibility of the hybrid rocket application in the underwater
environment, comparisons between underwater test results with ground test results were performed.
Firing test comparisons on these two different mediums were necessary to check any difference that
may exist on the chamber pressure and thrust level, or that may be revealed during the ignition time
and combustion period. Therefore, two identical hybrid motors, one for the ground test and one
another for the underwater test, were made and designated for their own medium. The pressure and
thrust curves of the ground tests are shown in Figure 12a,b, respectively, while those of underwater
tests are shown in Figure 12c,d. The unstable wavy pressure curve (from 7.5 to 11 s) in the early stage
of the ground test (GT_Lab-01) was due to the lengthy oxidizer feeding line, which required a settling
time until a sufficient amount of oxidizer was stably supplied. Due to the inherent characteristics
of the self-pressurized liquid nitrous oxide, whose tank pressure depends highly on the ambient

15



Aerospace 2019, 6, 28

temperature, the injected oxidizer supply pressure of ground and underwater cases could show a
difference. However, as seen in Figure 12a,c, the difference was minor. Additionally, the average thrust
level around 45 kgf, which corresponded to 90% of the design thrust, was observed for both cases.
Comparing the ground test data of Figure 12a,b with the underwater test data of Figure 12c,d, it was
found that there were no significant qualitative differences in chamber pressure curves and mean
thrust levels. The snapshots of hot-firing tests in atmospheric and underwater media are shown in
Figures 13 and 14, respectively.

It should be pointed out that as far as the nozzle throat is choked, the built-up pressure of the
combustion chamber for both the ground and underwater tests would behave similarly for the two
mediums. Conversely, it is expected that the combustion characteristics within the chamber of the
underwater rocket motor would differentiate with respect to the ground test case for the non-choked
nozzle, since the underwater back pressure, downstream of the nozzle exit, is subject to a violent
change during jet evacuation. However, in terms of thrust behavior in the underwater environment
and under choked nozzle conditions, it is questionable whether the underwater environment gives
a notable effect on thrust variation with respect to the ground case. Therefore, the following section
assesses the outer motor underwater environment.

  
(a) (b) 

  
(c) (d) 

Figure 12. (a) Pressure curve of ground test (GT_Lab-01); (b) thrust curve of ground test (GT_Lab-01);
(c) pressure curve of underwater test (UT_Lab-01); (d) thrust curve of underwater test (UT_Lab-01).
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Figure 13. Snapshot of ground hot-firing test.

 

Figure 14. Snapshot of underwater hot-firing test.

3.2. Thrust Oscillation in Underwater Environment

Extensive works [1,2,25–31] have reported that the gaseous jet injected into water results in
complicated flow structures due mainly to the high water-to-gas density ratio leading to an extremely
unsteady and turbulent multiphasic environment. In addition, the intermittent pulses of back
pressure and nozzle exit pressure make the prediction and measurement of the flow structures
extremely challenging either by computational fluid dynamics or experiments. From the literature [1,2],
the nozzle exit environment can be categorized as expansion, bulge, necking/breaking, and back-attack
depending on the formation and dissipation of the gas bag at the rear of the nozzle. In order to check
and validate the gas bag formation encountered in this study, snapshots of exiting gaseous jets as
well as Fast Fourier Transform (FFT) analysis of chamber pressure and of thrust were performed.
Figure 15a,b shows the snapshots of the flow structure at the onset of jet exhaust into the water where
the aforementioned four categorized phenomena can be depicted. The three snapshots of Figure 15b
show the presence of necking/breaking and back-attack phenomena in which a high pressurized
gas bag situated just downstream of the necking region is clearly seen. Following Tang et al. [1,2],
it is believed that the oscillating back pressure can result in oscillating thrust. Accordingly, this fact
may have triggered the thrust vibration observed in Figure 12d. It should be pointed out that the
back-pressure variation of an underwater medium does not affect the chamber pressure for the case of
the maximum supply oxidizer flow rate, i.e., with a choked nozzle throat. At the contrary, the chamber
pressure can interact with the gas bag (filled with hot gas) downstream of the nozzle for the case of
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low oxidizer flow rate, i.e., with non-choking condition. To clarify this, FFT analyses were performed
with the data from post-chamber pressure (Figure 16) and from thrust data (Figure 17). From the
comparison shown in Figure 16, one can observe that the chamber pressure FFTs of the ground and
underwater firing tests were nearly the same for both environments. Thus, one can confirm that the
underwater test was conducted well within the choked condition. The observed frequency band of 18
Hz and 33 Hz was the signal noise frequency. Meanwhile, the thrust FFTs analyses of GT_lab-01 and
UT_lab-01, shown in Figure 17, behaved differently as a consequence of gas bag presence in the water.
Comparing the UT_Lab-01 spectrum shown in Figures 17 and 18 of Tang et al. [1,2], one can remark
that the amplitude observed in the frequency bandwidth of 0–100 Hz of this study nearly matched the
one observed by Tang et al.

 
Figure 15. Snapshots of flow structures during underwater hot-firing test, (a) expansion and bulging
process; (b) necking/breaking and back-attack process.

 
Figure 16. Fast Fourier transform (FFT) results of post-chamber pressure for ground and
underwater test.
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Figure 17. FFT results of thrust data for ground and underwater test.

Figure 18. FFT results of back pressure oscillation from Tang et al. [1,2].

3.3. Ignition Characteristics

For a rocket motor submerged in the water, a dry environment of the combustion chamber
is necessary especially for pyrotechnic ignition. The rupture disc is used to prevent the eventual
intrusion of water and to keep the environment in the chamber dry, at least during the initial stage of
ignition. The pyrotechnic ignition characteristics, with a rupture disc bursting at 2 bar for ground and
underwater environments, are shown in Figure 19a,b, respectively. These two tests were conducted
under identical experimental conditions (i.e., with the same rupture disc bursting pressure, the same
“preset Ox. v/v opening pressure”, and the same amount of igniter).

As cited in Section 2.5, when the growing pre-chamber pressure attains the “preset Ox. v/v
opening pressure”, the main oxidizer valve opening signal is triggered (signal on), and the igniter
power is turned off simultaneously. The “preset Ox. v/v opening pressure” was preset to 1.2 bar
due to a delay time (0.5–0.7 s) existing between the power signal “on” and the real valve opening
moment. The rupture disc bursting pressure being set to 2 bar (gauge), the valve opening command
was signaled on earlier to compensate this delay time. The optimal condition would be the exact
moment when the oxidizer valve opens at the bursting event of the rupture disc. In order to find
out the valve opening delay time after the command signal, numerous ignition tests were performed.
It was found that a preset gauge pressure of 1.2 bar for the “preset Ox. v/v opening pressure” was the
best preset value to resolve this delay. Since then, the “Identifier” number was given, e.g., UT_Lab-01.
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Figure 19. Ignition curve, (a) GT_Lab-01 w/rupture disc 2 bar; (b) UT_Lab-01 w/rupture disc 2 bar.

Figures 19 and 20 show the moment of signal transmission time, rupture disc bursting time, and
oxidizer valve opening time for a clearer observation of the ignition sequence. It can be seen that after
the rupture disc burst, the chamber pressure started to decrease toward atmospheric pressure followed
later by the opening of the oxidizer valve that triggered the combustion leading to an abrupt pressure
rise. It was observed that water intrusion was prevented during the ignition stage of the underwater
tests. Figure 19a,b also shows early bursting events (below 2 bar) prior to the expected preset rupture
disc bursting pressure. It seems that this was a consequence of the direct exposure of high temperature
gases to the plate of the rupture disc, which resided in the small internal volume of the lab-scale motor.

 

Figure 20. Ignition curve, (a) UT_Lab-03 w/rupture disc 3 bar; (b) UT_Lab-04 w/rupture disc 3 bar.

When the minimum ignitable oxidizer mass flow rate was supplied to the combustion chamber,
the pressure rise occurred very slowly with respect to the full throttle test case and there may have
been a possibility of extinguishment due to water intrusion. In order to find out the safe operating
condition for the minimum achievable and ignitable oxidizer mass flow rate, the amount of KNSB
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propellant as well as the rupture disc bursting pressure were varied and investigated (cf. Table 4).
Figure 20a,b shows the case of the oxidizer valve angle of 54 degrees (UT_lab-03) and of 56 degrees
(UT_lab-04), respectively. These correspond to 16.3% and 23.7% of the maximum (UT_Lab-01) oxidizer
mass flow rate, respectively, where the minimum chamber pressure could be maintained at a gauge
pressure of 0.5 bar and 1.2 bar, respectively. These conditions were achieved by increasing the amount
of KNSB to 60 g.

3.4. Motor Idling Condition in Underwater Environment

The sudden acceleration in the start-up stage is dangerous since it can disrupt the balance of
the marine vehicles. Thus, finding idling conditions for the soft-start is crucial for stable operation.
Experiments were carried out to find the optimum valve angle that can sustain the minimum thrust
level. Figure 21a–c shows the results of experiments performed in the water where the valve angles
were set to 52 degrees, 54 degrees, and 56 degrees, representing around 11.1%, 16.3% and 23.7% of the
full throttle oxidizer supply, respectively. For all tests, the oxidizer tank pressure was initially set to
48 bar intentionally to retain the exact initial conditions of Figure 12c, i.e., the full throttle case. For all
three Figures, one can clearly see that a bump in pre-chamber pressure trace was observed following
the “rupture disc burst” event. This bump represents the pressure build-up section where the main
oxidizer started to deliver fresh oxidizer to the combustion chamber mixed with KNSB propellant,
which was still continuously burning. Looking to the case of valve angle 52 degrees (Figure 21a),
it was confirmed that 11.1% of maximum flow rate was not enough to trigger any pressure rise, since
the oxidizer mass flux was too low to sustain the main combustion in the chamber. Thus, the flame
extinguished due to the extremely low oxidizer-to-fuel (O/F) ratio. However, three pressure build-up
sections are depicted in Figure 21b,c (16.3% and 23.7% of the maximum flow rate, respectively) where
the combustion was sustained, representing the motor idle case. The first pressure build-up section
was due to KNSB propellant burning before the “rupture disc burst” event, while the second pressure
build-up section that lies on the bump was due to the mixture of supplied fresh main oxidizer with
the still burning KNSB as cited earlier. Finally, the third pressure build-up section was purely caused
by the main combustion of N2O/HDPE in which the low slopes shown in Figure 21b,c resulted from
the low oxidizer supply of 54 degrees and 56 degrees valve angles, respectively. It is worthwhile to
note that the ignition delay after the second pressure build-up was decreased for augmented oxidizer
mass flow. The ignition delays for the 54 degrees and 56 degrees cases were approximately 5 s and
2.3 s, respectively, while for the final combustion chamber pressure, it attained up to 3 bar and 7.5 bar,
respectively. Meanwhile, Figure 22 shows the thrust and normalized thrust curve for underwater
idling conditions. Due to the existing “bump” in the early operating stage and the self-pressurizing
N2O blow down nature, fluctuations of instantaneous thrust were inevitable. For a clearer quantitative
observation, we displayed the normalized thrust in percent with a double Y-axis. The thrust delivered
from the main combustion of N2O/HDPE starting at 14.5 s (UT_Lab-03) and the one starting at 10 s
(UT_Lab-04) each reached 6% and 12% of the maximum thrust, respectively.
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(a) 

 
(b) 

 
(c) 

Figure 21. Pressure curves at idling condition, (a) UT_Lab-02 (52 degrees oxidizer control v/v angle);
(b) UT_Lab-03 (54 degrees oxidizer control v/v angle); (c) UT_Lab-04 (56 degrees oxidizer control v/v
angle).
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Figure 22. Thrust and normalized thrust curves for underwater idling conditions.

4. Conclusions

In this study, attempts at hybrid rocket motor hot-firing tests were conducted in an underwater
environment for marine application. A laboratory scale hybrid motor of 500 N class using liquid
nitrous oxide and 5-port high density polyethylene (HDPE) fuel grain was used as a test-bed for the
preliminary assessment of the underwater main propulsion or auxiliary boosting device. The use of
a rupture disc for preventing the water intrusion, and the rupture disc blast timing both required a
special precaution of the ignition signal command and sequence. From the FFT analysis of chamber
pressure for the ground and underwater tests, no critical and notable difference was observed for
the combustion chamber environment, while FFT analysis of underwater motor thrust revealed a
vibration-prone environment, which was due in part to the wake structure downstream of the nozzle
exit, a common fact encountered for a jet propulsive system compared to a screw propeller system.

Compared to the solid rocket counterpart, the hybrid rocket, with its throttleability, can offer a
soft-start capability, which is essential for a marine vessel’s early stage of operation. The minimum
power thrust, viewed as the idle test case with stable operation, was evaluated depending on the
flow controlling optimum valve angle. It was found that 16.3% of the full throttle case sustained the
minimum thrust level. Under full power, severe thrust oscillation was not observed in the underwater
environment. These factors imply that the throttable hybrid rocket propulsion system can be a
justifiable candidate for a short duration, high speed, marine boosting system or applied as a tactical
system for naval application as an alternative to the solid propellant underwater rocket.
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Nomenclature

Api Initial cross-section area (m2)
Ap f Final cross-section area (m2)
Go Averaged oxidizer mass flux (kg·m–2·s–1)
L Fuel grain length (m)
Δm Fuel mass difference (kg)
.

mo Averaged oxidizer mass flow rate (kg·s–1)
N Port number (-)
.
r Overall regression rate (m·s–1)
Rpi Initial port radius (m)
Rp f Final port radius (m)
tb Burning time (s)
ρ Fuel density (kg·m–3)
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Abstract: An electrically driven pump-fed cycle for a hybrid rocket engine is proposed and compared
to a simpler gas-pressurized feed system. A liquid-oxygen/paraffin-based fuel hybrid rocket engine
which powers the third stage of a Vega-like launcher is considered. Third-stage ignition conditions
are assigned, and engine design and payload mass are defined by a proper set of parameters.
Uncertainties in the classical regression rate correlation coefficients are taken into account and robust
design optimization is carried out with an approach based on an epsilon-constrained evolutionary
algorithm. A mission-specific objective function, which takes into account both the payload mass
and the ability of the rocket to reach the required final orbit despite uncertainties, is determined
by an indirect trajectory optimization approach. The target orbit is a 700 km altitude polar orbit.
Results show that electrically driven pump-fed cycle is a viable option for the replacement of the
conventional gas-pressurized feed system. Robustness in the design is granted and a remarkable
payload gain is achieved, using both present and advanced technologies for electrical systems.

Keywords: hybrid rocket engines; multidisciplinary design optimization; robust optimization;
electric feed system

1. Introduction

Hybrid rocket engine (HRE) performance is comparable to semi-cryo or storable liquid rocket
engines (LREs) and solid rocket motors (SRMs). HREs have higher density-specific impulse Iρ than
typical bi-propellant LREs, whereas their mean specific impulse ISP is higher than SRMs. HREs gather
many favorable properties from SRMs such as safety, reliability, and low cost. On the other hand,
HREs and LREs share shut-off/restart capabilities and can be throttled within a wide thrust range.
Moreover, HREs are more environmentally friendly than both LREs and SRMs. Thus, many research
programs worldwide are focusing on the development of HREs. Examples of applications are
micro-gravity platforms, hypersonic accelerators, small satellites, upper stage for small launchers,
launchers from Mars, Moon landers, debris removal, and commercial space flights [1–5].

In previous studies the authors analyzed the effect of the presence of uncertainties in the
design parameters, such as in the regression rate, on rocket performance and mission goals [6,7].
Results showed that even small uncertainty in the determination of the regression rate may jeopardize
vehicle performance and threaten seriously the mission. A proper robust design multidisciplinary
approach [8] has been developed to couple propulsion system design and trajectory optimization,
while reducing the sensitivity of the engine performance to uncertainties. The concept of “robustness”
can be summarized as “the capability of the system to grant a fixed level of performance” (i.e.,
to match mission goals), “minimizing the effect of uncertainties in the design parameters without
eliminating their causes” [9,10]. A Vega-like upper stage, powered by a gas-pressurized liquid-oxygen
(LOX)/paraffin-based fuel HRE, was considered as test case. Results showed that robustness in the
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design was achieved with a small payload reduction with respect to the optimal deterministic design.
Gas-pressurized feed systems were adopted aiming to keep cost as low as possible. However, the high
tank pressure, required to keep the thrust magnitude and regression rate sufficiently large during
operation, results in relevant auxiliary and oxidizer tanks masses. Due to the relevant value of the total
impulse of the upper stage, the liquid oxidizer tank is relatively large and the use of a turbopump feed
system can reduce the engine dry mass. The tank weight reduction and the elimination of possible gas
vessels overcome the turbopump system weight.

In a turbopump feed system, the pump is classically driven by a turbine, which is fed by gas or
liquid working fluid. Electrical pump feed systems (EPFS), where a battery-powered electric motor
replaces the turbine, have also been proposed for bi-propellant LREs. Different applications have
been considered since the 1990s [11,12], and the advances in batteries and electric motor technologies
have been making this feed system increasingly competitive [13–16]. In 2016 an EPFS bi-propellant
engine was considered, alongside other classical propulsion systems, to power a Mars ascent vehicle
(MAV) [17]. Results showed that EPFS, although lower in technology readiness level, was able to
outperform a conventional gas-pressurized feed system. The application to small-sat launcher appears
to be very appealing and feasible [18], as the use of the Rutherford engine proved (this LOX/RP1
(Rocket Propellant 1) engine, used to power the Rocket Lab’s Electron launch vehicle in its recent
successful second flight test, has an electrically driven pump feed system). Recently, Ref. [19] assessed
the viability of an EPFS LOX/kerosene upper stage for the Korean Space Launch Vehicle-II, which is
designed to insert 1500 kg into a 700 km Single Stage to Orbit (SSO) orbit.

In an HRE, the presence of just one liquid propellant makes the generation of a proper working
fluid for the turbine more challenging. A gas-generator cycle cannot be adopted, unless auxiliary liquid
fuel is embarked. Hydrogen peroxide could produce hot gases by means of a catalyzer, but this is not
the case of LOX, here considered. LOX heating would not be so effective, while a tap-off cycle would
introduce complexity, reduce reliability, and increase costs. Thus, the electric pump solution is even
more appealing than in LREs. Nevertheless, no great attention has been devoted to EPFS in HRE. In a
previous work [20], the authors proposed the EPFS for a HP (Hydrogen Peroxide)/PE (Polyethylene)
upper stage, performing a deterministic optimization. In the present work, a robust-based design and
optimization is performed considering EPFS with LOX/paraffin-based fuel. Only uncertainties in the
classical regression rate correlation are taken into account. The authors use a combined procedure:
an indirect method optimizes the trajectory for each combination of engine parameters [21,22] which,
in turn, are selected by a particle swarm optimization algorithm [23]. The robust-based objective
function is evaluated as a linear combination of an index that quantifies the effective reaching of the
target orbit, based on the average performance under uncertainty, and the payload (that instead is not
affected by uncertainties).

In the following sections, we sum up the main features of grain geometry, ballistic model,
feed systems, and indirect optimization procedure. Then we compare the performance of
gas-pressurized and pump feed systems, making our conclusions.

2. Numerical Models

2.1. Grain Geometry and Ballistic Model

In the present work, the authors considered LOX/paraffin-based fuel as propellant combination
for HREs design. Cryogenic LOX is stored in liquid phase in a tank and injected into the combustion
chamber during operation. The combustion chamber stores the wax in solid phase as a cylindrical grain.
Paraffin-based fuels, such as wax, present an unstable melt liquid layer that causes the entrainment of
droplets into the gas stream [24]. The fuel mass transfer rate into the flame zone is strongly increased
by the entrainment of droplets. Combustion takes place in the flame zone through diffusive mixing of
oxidizer and fuel coming from the grain. For this reason, regression rate is relatively large, and a single
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circular port can be adopted for the fuel grain, whereas classical fuels would require a multi-port grain
design to avoid excessive length to diameter ratio (L/D) [25].

The grain outer radius Rg, the web thickness w, and the grain length Lb define the geometry of the
circular-port grain as shown in Figure 1. The initial inner radius, i.e., the port radius before ignition,
results to be Ri = Rg − w. The burning perimeter P and the port area Ap, for any given burning
distance y (0 ≤ y ≤ w), can be computed as:

P = 2π (Ri + y) (1)

Ap = π (Ri + y)2 (2)

An approximate relation, between chamber head-end pressure p1 and chamber nozzle-stagnation
pressure pc, is used to take into account pressure losses inside the combustion chamber [26]:

p1 =

[
1 + 0.2

(
Ath
Ap

)2
]

pc (3)

where Ath is the throat area. The authors assumed a uniform regression rate along the port axis while
the combustion of the lateral end is neglected. Its value is determined by the oxidizer mass flow rate
ṁO and grain geometry:

ẏ = a (ṁO/Ap)
n (4)

In the present work a and n are assumed to be uncertain parameters. a = 9.1 × 10−5m2n+1sn−1kg−n

and n = 0.69 are taken into consideration as reference nominal values when International System (SI)
of units are used [24].

Figure 1. Schematic of the grain geometry.

The oxidizer flow rate is determined by the hydraulic resistance Z in the oxidizer flow path and
the pressure provided by the feed system. Under the assumption of incompressible turbulent flow:

ṁO =
√
(p f s − p1)/Z (5)

where p f s is the feed system pressure. We assume a constant value of Z during the operation. Fuel mass
flow ṁF can be obtained as:

ṁF = ρFẏAb = ρFẏLbP (6)

where ρF is the fuel grain density, Ab is the burning area. One can compute the mixture ratio α as:

α =
ṁO
ṁF

∝ ṁ1−n
O An

p/Ab (7)
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An isentropic expansion in the nozzle is assumed, and the chamber nozzle-stagnation pressure pc

can be determined by:

pc =
(ṁO + ṁF)c∗

Ath
(8)

The authors used a 10-bar chamber pressure in performance evaluation of the propellant
combination as a function of the mixture ratio α. Even though the actual pressure in the combustion
chamber can span over a wide range during engine operations, the performance error, due to the
constant chamber pressure assumption, is small for pressures and mixture ratios considered in this
article. Frozen equilibrium expansion is assumed: exhaust gas composition is fixed throughout the
nozzle and equal to combustion chamber one. We adopt the conservative assumption of frozen
equilibrium expansion to account for the low combustion efficiency of HREs. Moreover, a 0.96
c∗-efficiency [27] is introduced. Third-degree polynomial curves, fitting the characteristic velocity and
specific heat ratio, are embed in the code, to compute accurately and quickly the proper values as the
mixture ratio changes during operation [28]. Thrust coefficient CF can be evaluated as:

CF = 0.98

⎧⎪⎪⎨⎪⎪⎩
√√√√√√ 2γ2

γ − 1

(
2

γ + 1

)γ + 1
γ − 1

⎡⎢⎣1 −
(

pe

pc

)γ − 1
γ

⎤⎥⎦+ E
pe

pc

⎫⎪⎪⎬⎪⎪⎭− E
p0

pc
(9)

where a 0.98 correction factor is introduced to modify the vacuum thrust coefficient of a 1-D isentropic
expansion to the exit pressure pe with constant heat ratio γ. Atmospheric pressure-related term
E · p0/pc is always small since the third stage always flies at high altitude. One can determine mass
flow rate at ignition (i.e., at t = 0) as:

(ṁp)i = (1 + αi)(ṁF)i =
1 + αi

αi
(ṁO)i (10)

Then initial throat area (Ath)i and initial port area
(

Ap
)

i can be obtained:

(Ath)i =
(ṁp)i

(pc)ic∗i
; (Ap)i =

(Ath)i
J

(11)

Nozzle throat erosion is here considered [29,30]. Bartz’s method is used to model the dependence
of the rate of throat erosion ṡ on throat radius Rth and chamber pressure pc:

ṡ = ṡre f

(
pc

pc,re f

)0.8 (Rth,re f

Rth

)0.2

(12)

Rth and E values are computed by integrating Equation (12). ṡre f = 0.1 mm/s, obtained from
CFD analysis on the ablation of a carbon/carbon nozzle for LOX/wax HREs [31], is here adopted.
Our model does not consider erosion along the nozzle, obtaining a greater reduction of E and a
conservative solution. Eroded mass is not taken into account, either for thrust augmentation or for
rocket mass reduction.

2.2. Feed Systems

In the present work, the authors compare the performance of two different feed systems:
a gas-pressurized feed system (GPFS) and an EPFS. During engine operation of a gas-pressurized feed
system, the oxidizer mass flow rate is determined by the pressure drop between tank and chamber
head-end pressures. The tank pressure is maintained constant by a pressurizing gas, contained in a
high-pressure auxiliary tank during an initial regulated phase, which is then followed by a blow-down
phase. The pressure at the pump outlet is instead considered in an EPFS. EPFS requires additional
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masses for batteries, electric motor, and pump while GPFS needs a heavier oxidizer tank, due to its
higher pressure, and auxiliary gas and vessels. The performance of GPFS here considered, and put
into comparison with EPFS, are taken from a previous optimization work by the authors [8]. Two sets
of electrical properties for batteries and electric motor and pump are used in EPFS performance
evaluation. Set A has already been employed by the authors, back in 2010, for the deterministic
optimization of a HP/PE powered HRE [20]. Set B, instead, is taken from the most recent literature
available [19].

2.2.1. GPFS

The GPFS has two operational modes. Initially, constant tank pressure is maintained by helium
flowing from an auxiliary tank, thus p f s is constant too. Later, a subsequent blow-down (BD) phase is
performed and p f s decreases during operation. The authors assume an initial ullage volume equal to
3% of the oxidizer volume to have a stable regulator response when the out flow starts [32]. The GPFS is
characterized by two design parameters: the auxiliary gas tank volume Va and the initial pressurizing
gas pressure pa. The exhausted oxidizer mass at the beginning of the BD phase (mO)BD is conveniently
used instead of Va while the initial pressurizing gas pressure is kept constant at pa = 200 bar. During
the constant pressure mode, p f s = (pt)i = 25 bar, whereas, during the BD phase, p f s is calculated
assuming an isentropic expansion of the pressurizing gas in the tank:

p f s = (pt)i

[
(Vg)BD

Vg

]γg

(13)

where the gas volume in the tank Vg =
(
Vg

)
i + mO/ρO depends on the oxidizer mass mO that has been

exhausted,
(
Vg

)
BD =

(
Vg

)
i + (mO)BD /ρO and γg is the specific heat ratio of the pressurizing gas.

2.2.2. EPFS

In the EPFS, an electric motor is used to drive the pump which feeds the oxidizer to the combustion
chamber. A battery pack supplies the energy required by the electric motor during operation. Pump,
electrical systems and batteries masses are evaluated by means of typical power density (power to mass
ratio) values provided by existing literature. Thus, the electric motor and pump mass is evaluated as:

mep =
Pe,max

δep
(14)

where Pe,max is the maximum electrical power required. In the following, two values for the power
density δep has been assumed for the electric drive system plus pump: (δep)A = 1.25 kW/kg represents
current technology [13,33] and (δep)B = 3.92 kW/kg for advances designs [19]. The electrical power
required by the motor to drive the pump is:

Pe =
ṁO(p f s − pt)

ρOηep
(15)

where p f s is equal to the pump discharge pressure pd and pt is the oxidizer tank pressure. The tank
pressure is assumed to be constant during operation and equal to 1 bar. The mass used to keep pt

constant during operation is small and then can be neglected. The conversion of electrical energy,
stored in the batteries, into flow head rise is taken into account by the overall efficiency ηep. In the
present work, we assume two values for the overall efficiency, (ηep)A = 0.64 and (ηep)B = 0.53.
One can notice that (ηep)B < (ηep)A, but mep ∝ (δep · ηep)−1 which is actually smaller for the newer
Set B quantities. Battery pack mass is constrained by the most stringent requirement between the
maximum electrical power required Pe,max and the total electrical energy Ee,tot needed to drive the
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pump during the whole burning time. In the present case, the discharge time is equal to the overall
HRE burning time tburn. Thus, the needed electrical energy is:

Ee,tot =
∫ tburn

0
Pedt (16)

Batteries mass mb can be evaluated by means of typical values of power density δbp and energy
density δbe (energy to mass ratio) that can be found in literature. A safety factor of 1.2 is assumed
and therefore:

mb = 1.2 max

(
Pe,max

δbp
,

Ee,tot

δbe

)
(17)

Due to their small size and light weight compared to all other technologies, Lithium batteries,
are considered for the present application. The authors considered two couples of densities to evaluate
battery pack mass: (δbp)A = 3.0 kW/kg and (δbe)A = 90 Wh/kg, based on Ragone plots [34],
and (δbp)B = 6.95 kW/kg and (δbe)B = 198.5 Wh/kg, based on state of the art Lithium-Polymer
batteries [19]. These kinds of batteries are suitable for HRE applications because they require high
power levels for a relatively short time, so that high rate capability is required. The pump is operated
at constant power Pe = Pe,max. Thus, Equation (16) can be easily integrated and:

Ee,tot = Pe,maxtburn (18)

The value of (pd)i at the beginning of the HRE operation is an additional parameter, used in the
direct optimization procedure. It fixes the value of Pe,max = Pe = constant, which is crucial for feed
system and engine performance.

One can notice that power-constrained batteries mass can be evaluated before the actual trajectory
is optimized, while energy-constrained mass must be computed “a posteriori”. The authors define
a characteristic burn time t∗burn = δbe/δbp that represents the simultaneous fulfillment of both
constraints. If tburn ≤ t∗burn, power-constrained mass is larger than energy-constrained one. Hence,
battery pack mass does not depend on the actual ascent trajectory. On the other hand, if tburn ≥ t∗burn,
energy-constrained mass is larger than power-constrained one. In this case, batteries mass must be
checked “a posteriori” to take into account the additional energy required by a longer mission. Electric
properties values are summarized in Table 1 for the sake of clarity.

Table 1. Electric properties.

Design Set
δbp δbe δep ηep t∗burn

kW/kg Wh/kg kW/kg - s

A 3.00 90.00 1.25 0.68 108
B 6.95 198.50 3.92 0.53 103

2.3. Trajectory Optimization

Once engine design parameters have been defined, an indirect procedure optimizes the
orbit insertion trajectory [21]. A point mass rocket is considered for the trajectory optimization.
State equations provide the derivative of position r (radius, latitude and longitude), velocity v (radial,
eastward and northward components) and rocket mass M. In a vectorial form one has:

dr
dt

= v
dv
dt

= g +
F − D

M
dM
dt

= − |F|
c∗CF

(19)

An inverse-square gravity field is assumed:

g = −GM⊕
||r3|| r (20)
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where G is the gravitational constant and M⊕ is Earth mass. An interpolation of the standard
atmosphere, as a function of the rocket altitude, provides density and pressure evaluation. Equations
of motion are written in a non-dimensional form to improve the accuracy of the numerical integration.
Indirect optimization procedure details are here only summarized and can be found in Ref. [35].

An adjoint variable is associated with each equation; the theory of optimal control provides
Euler-Lagrange equations, algebraic equations that determine the control variables (i.e., the thrust
direction), and the boundary conditions for optimality (which also implicitly define the engine
switching times). A Newton’s method-based procedure is used to solve the multi-point boundary value
problem which arises. Further details about this procedure can be found in Ref. [36]. Tentative values
are initially chosen for the problem unknowns and progressively modified to fulfill the boundary
conditions. The unknown parameters are the time lengths of each phase and the initial values of five
adjoint variables (the variable corresponding to longitude is null, the one corresponding to the mass is
fixed at one, as the problem is homogeneous in the adjoint variables, which can therefore be arbitrarily
scaled). Moreover, the overall oxidizer mass and the grain radius are additional unknowns. Dynamic
pressure, heat flux and acceleration constraints are checked "a posteriori" and are not explicitly imposed
during the trajectory optimization. However, the authors add a constraint that forces horizontal flight
at the end of the first burn, to prevent the rocket from reentering the lower layers of the atmosphere
(where the heat flux would become larger). Analogously, an additional unknown (the adjoint variable
corresponding to the horizontal velocity component has a free discontinuity at the end of the first
burn) is introduced in the trajectory optimization procedure.

In the present work, an HRE suitable for the replacement of third (solid) and fourth (liquid) stage
of the Vega launcher is considered [37]. The performance of the first stage, second stage, and the
exhausted masses are given. The conditions at the ignition of the third stage, consistent with a launch
from Kourou, are assigned: altitude h = 86.88 km, latitude φ = 9.11◦, velocity components in the
radial, eastward and northward directions ur = 0.142 km/s, ve = 0.230 km/s, wn = 4.146 km/s,
respectively, and mass mi = 14, 522 kg [25]. Altitude, eccentricity and inclination (700 km, zero and
90 deg, respectively) define target final orbit . The longitude of the ascending node is left free.

2.4. Robust Design Model

Robust optimization problem can be formally cast as [10]:

find b ∈ R
n

to maximize Φavg (b, p)

subject to gj (b, p + zp) � 0, j = 1, ..., r

and to bL � b � bU

(21)

where b is the design variables vector, p is the uncertain variables vector, zp is the noise vector of p, gj
is the j-th inequality constraint, bL and bU are the lower and upper boundary of the design variables,
respectively.

Here the initial mass of the upper stage is given at ignition and the hydraulic resistance Z is
evaluated to have pt/pc = 2.5 at ignition in nominal condition. Six parameters are required to define
the propulsion system: the grain outer radius Rg, the web thickness w, the fuel grain length Lb, the final
exhausted oxidizer mass (mO) f and the initial nozzle area ratio Ei. The sixth parameter is the exhausted
oxidizer mass at the beginning of the BD phase (mO)BD, when GPFS is used, while the pump discharge

pressure pd is needed when EPFS is considered. Therefore bGPFS =
[

Rg, w, Lb, (mO) f , (mO)BD , Ei

]
and bEPFS =

[
Rg, w, Lb, (mO) f , pd, Ei

]
. Upper and lower boundary of the design variables for GPFS

and EPFS are shown in Tables 2 and 3 respectively.
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Table 2. Design parameters ranges: GPFS.

Boundary
Rg w Lb (mO) f (mO)BD Ei
m m m kg kg -

bL 0.55 0.25 4.3 6971 3195 15
bU 0.60 0.35 4.5 7697 3631 20

Table 3. Design parameters ranges: EPFS.

Boundary
Rg w Lb (mO) f pd Ei
m m m kg bar -

bL 0.55 0.25 4.3 6971 10 15
bU 0.60 0.35 4.5 7697 50 20

Uncertain parameters are the regression rate coefficients a and n, i.e., p = [a, n].
Uncertainties are taken into account assigning three different levels for each uncertain variables:
ai × 105 = 9, 9.1, 9.2 m2n+1sn−1kg−n for i = 1, 2, 3, respectively, and nj = 0.68, 0.69, 0.7 for j = 1, 2, 3,
respectively. The altitude of the attained orbit hij is evaluated for each of the nine possible couples
ai, nj. Since two objectives are relevant (i.e., payload μ and altitude h), an ε-constraint approach is
adopted [38] to find the Pareto front of robust solutions. Here only the average performance is analyzed.
The average constraint violation Δavg = ∑ij pi pj maxij(0, h∗ − hij) is considered. We assume a binomial
distribution giving p1 = p3 = 0.25 and p2 = 0.5. The average altitude is then havg = h∗ −Δavg and the
objective function can be computed as:

Φavg = μ − k max(0, ε − havg) (22)

k = 20 kg/km is selected to force the average altitude at ε. Only the case ε = h∗ = 700 km (that is the
most demanding in terms of robustness) is here considered.

The selection of the optimal robust design is performed by means of a particle swarm optimization
(PSO) algorithm. PSO is an optimization procedure belonging to the class of evolutionary algorithms
(EAs) that search for an optimal solution in a prescribed search space. It is inspired by the social
behavior showed by flock of birds and school of fishes [39,40]. Solutions, here called particles,
fly through the problem space by following the optimum particle (i.e., the alpha-member of the
flock or school). Cognitive and social acceleration drive the motion of each particle and their position
and speed are updated at each iteration. Basic steps of PSO are shown in Figure 2 and PSO settings
are presented in Table 4. Additional details about PSO implementation and tuning can be found
in Refs. [23,41].

Table 4. PSO settings.

Parameter Value

Number of generations, NG 100
Number of particles, NI 20
Dimension of particles 6

Ranges of particles bU − bL
PSO method 1-trelea type 1

Cognitive acceleration, C1 2.0
Social acceleration, C2 2.0

Check population method Saturation
End velocity weight 0.4
Linear varying factor 0.2

Maximum velocity, vmax 0.25(bU − bL)
Mass mutation parameter 98%
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START
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Particles position and
velocity updating

Meet stopping criterion?

END

Yes

No

Figure 2. PSO: flow chart.

3. Numerical Results

As described in the previous sections, a two-layer optimization is employed for trajectory and
engine design: the indirect trajectory optimization maximizes the final mass given engine geometry,
which, in turn, is optimized by means of a robust-based design approach. The average height violation
Δavg is forced to zero, due to the large value for k in Equation (22), and Φ coincides with the payload
for all the robust designs summarized in Table 5. Please note that the final burn of the HRE has a very
short duration and a limited influence on the rocket performance. Hence subsequent figures show
only the first burn for the sake of simplicity.

Table 5. Design parameters and performance.

Case
Rg w Lb (mO) f Ei (mO)BD pd μ Δavg Φavg tburn ISP
m m m kg - kg bar kg km kg s s

GPFS 0.591 0.294 4.360 7403 17.32 3195 - 2069.8 0.0 2069.8 177 296
EPFSA 0.579 0.303 4.438 7408 17.44 - 27.7 2321.7 0.0 2321.7 157 296
EPFSB 0.563 0.334 4.368 7381 18.14 - 39.8 2467.7 0.0 2467.7 158 296

When pump feed system is adopted, mixture ratio and regression rate tend to be larger at
the end of the engine burn with respect to GPFS values, as shown in Figures 3 and 4 respectively.
Figures 5 and 6 display that pump discharge pressure and oxidizer mass flow variations are
actually limited (less than 5%), due to pump constant power operation during the engine burn.
Hence efficiency and electrical density assumption for the electric motor and pump system are valid.
Thrust history and longitudinal acceleration exhibit different behavior for GPFS and EPFS as reported
in Figures 7 and 8 respectively.
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Figure 3. Mixture ratio history.

Figure 4. Regression rate history.

Figure 5. Discharge pressure history.

Figure 6. Oxidizer mass flow history.
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Figure 7. Thrust history.

Figure 8. Longitudinal acceleration history.

The thrust in the first half of the burn is larger for the GPFS, with respect to EPFS one, to maintain
an acceptable thrust level during the subsequent BD phase. On the other hand, EPFS can maintain
an almost constant thrust for all the burn duration and thus its initial thrust level can be lower than
GPFS one.

One can notice that EPFSA and EPFSB have almost the same thrust history. Nevertheless, the thrust
level is obtained in two different ways: EPFSA optimal design is characterized by lower discharge
pressure (i.e., low chamber pressure) and a larger nozzle (i.e., large throat area) than EPFSB ones.
This behavior is forced by the low electric motor and pump power density (δep)A that penalizes
high-pressure designs. On the other hand, EPFSB optimal design favors a higher discharge, and thus
chamber, pressures alongside a smaller and lighter nozzle (i.e., small throat area) than EPFSA ones.
The latter optimization strategy is allowed by the advanced electrical properties considered in set B
and grants a remarkable nozzle mass saving without thrust reduction.

Mass budgets for robust solutions are reported in Table 6 whereas normalized mass ratios are
summarized in Table 7. The current Vega configuration payload for the mission considered in the
present work is equal to 1500 kg [37]. The main sources of performance improvement, for both GPFS
and EPFS designs, are a remarkable saving in the dry masses of the upper stages and reduced Δv
losses. Furthermore, one can notice that EPFSA saves roughly 350 kg due to lighter tank (pumps allow
for unpressurized oxidizer tank), smaller nozzle, and far lower pressurizing gas mass than GPFS one.
Moreover, EPFS does not require the auxiliary tank. Thus, the total mass saving is close to 500 kg
with respect to GPFS. On the other hand, EPFS requires electric motor and batteries masses that are
equal to roughly 230 kg for EPFSA and 150 kg for EPFSB. Hence, the payload gain when EPFS is
considered, with respect to GPFS, is equal to 252 kg and 398 kg when current or advanced technologies
are considered in electric motor and pump masses evaluation. EPFSB motor, pump and batteries
masses are smaller than EPFSA ones due to better electrical properties despite an actually larger electric
power consumption (i.e., higher initial discharge pressure) and electric energy requirement.
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Table 6. Mass budget comparison.

Case
μ mO mF msl mcc mt mnz mcase mg ma mb mep

kg kg kg kg kg kg kg kg kg kg kg kg

GPFS 2069.8 7403.5 3364.0 0.00 160.2 299.4 351.1 165.6 23.6 149.8 - -
EPFSA 2321.7 7407.7 3392.4 0.00 147.4 12.0 309.7 163.7 0.0315 - 98.0 134.4
EPFSB 2467.7 7380.5 3414.6 0.00 162.3 12.0 239.7 158.4 0.0314 - 77.3 74.4

Table 7. Mass budget comparison: normalized ratios.

Case
μ

mi
mp
mi

mp
mp + mdry

- - -

GPFS 0.143 0.741 0.904
EPFSA 0.160 0.744 0.926
EPFSB 0.170 0.743 0.937

4. Conclusions

An indirect trajectory optimization procedure coupled with an evolutionary algorithm has been
used to assess the performance viability of an electrically driven pump-fed HRE. The performance of
EPFS have been compared to GPFS ones. The optimization of an upper stage of a Vega-like launcher
has been considered. The optimization is performed for a given insertion orbit and lift-off weight.
The authors take into account uncertainties in the regression rate to grant robustness of the optimal
solution. A linear combination of average altitude and payload has been used as mission-specific
performance index. The solution is forced to nullify the spread of the orbit altitude by the chosen index
formulation, thus assuring the required robustness.

Results show that electric pumps are a viable option for the replacement of a GPFS for the present
application. Present technology in batteries and electric motor allows for a payload improvement of
approximately 250 kg with respect to GPFS, granting the same level of robustness. A further payload
gain is achieved when advanced batteries are considered. Pump power control law can be taken into
consideration in future works to improve engine performance and reduce electrical systems masses
and maximum longitudinal acceleration.
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Abbreviations

The following abbreviations are used in this manuscript:
BD Blow-Down
CFD Computational Fluid Dynamics
EA(s) Evolutionary Algorithm(s)
EPFS Electric Pump Feed System
GPFS Gas-Pressurized Feed System
HP Hydrogen Peroxide
HRE(s) Hybrid Rocket Engine(s)
LOX Liquid-Oxygen
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LRE(s) Liquid Rocket Engine(s)
MAV Mars Ascent Vehicle
PE Polyethylene
PSO Particle Swarm Optimization
RP1 Rocket Propellant 1
SI International System of units
SRM(s) Solid Rocket Motor(s)
SSO Single Stage to Orbit
Nomenclature

Ab burning surface area, m2

Ap port area, m2

Ath nozzle throat area, m2

a regression constant, m1+2n kg−n sn−1

b design variables vector
bL lower bound vector
bU upper bound vector
CF thrust coefficient
c∗ characteristic velocity, m/s
D drag vector, N
D rocket outer diameter, m
E nozzle area ratio
Ee electric energy, Wh
F thrust vector, N
F thrust, N
G gravitational constant, Nm2/kg2

g gravity acceleration, m/s2

gj (b) j-th inequality constraint
h altitude, km
h∗ target altitude, km
ISP mean specific impulse, s
Iρ density-specific impulse, kg s/m3

J throat area to initial port area ratio
k linear combination constant, kg/km
L overall engine length, m
Lb fuel grain length, m
M rocket mass, kg
M⊕ Earth mass, kg
m mass, kg
N number
n mass-flux exponent
P burning perimeter, m
Pe electric power, kW
p uncertain variables vector
p pressure, bar
Rg grain outer radius, m
Ri grain initial inner radius, m
Rth throat radius, m
r position vector, m
s eroded distance, mm
t time, s
ur velocity component in the radial direction, km/s
V volume, m3

ve velocity component in the eastward direction, km/s
v velocity vector, m/s
vmax maximum particle velocity vector in PSO
w web thickness, m
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wn velocity component in the northward direction, km/s
y burning distance, m
Z hydraulic resistance, 1/(kg m)
zp noise vector of p
α mixture ratio
γ specific heat ratio
δep electric motor and pump power density, kW/kg
δbe batteries energy density, Wh/kg
δbp batteries power density, kW/kg
Δ altitude violation, m
ε multi-objective constraint, km
ηep electric motor and pump efficiency
μ payload, kg
ρ density, kg/m3

Φ objective function, kg
φ latitude, deg
Superscripts

˙ time derivative
∗ characteristic
Subscripts

0 ambient
1 combustion chamber at head-end
A set A electric properties
a auxiliary gas
avg average
B set B electric properties
BD beginning of blow-down phase
b batteries
burn engine burn
c combustion chamber at nozzle entrance
cc combustion chamber
d discharge
dry dry
e nozzle exit
ep electric motor and pump
F fuel
f final
f s feed system
G generations
g pressurizing gas
I individuals
i initial value
max maximum
nz nozzle
O oxidizer
p overall propellant (oxidizer + fuel)
re f reference
sl sliver
t oxidizer propellant tank
th throat
tot total
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Abstract: Static firing tests of a hybrid rocket motor using liquid nitrous oxide (N2O) as the oxidizer
and high-density polyethylene (HPDE) as the fuel are analyzed using a novel approach to data
reduction that allows histories for fuel mass consumption, nozzle throat erosion, characteristic exhaust
velocity (c∗) efficiency, and nozzle throat wall temperature to be determined experimentally. This is
done by firing a motor under the same conditions six times, varying only the burn time. Results show
that fuel mass consumption was nearly perfectly repeatable, whereas the magnitude and timing of
nozzle throat erosion was not. Correlations of the fuel regression rate result in oxidizer port mass flux
exponents of 0.62 and 0.76. There is a transient time in the c∗ efficiency histories of around 2.5 s, after
which c∗ efficiency remains relatively constant, even in the case of excessive nozzle throat erosion.
Although nozzle erosion was not repeatable, the erosion onset factors were similar between tests, and
greater than values in previous research in which oxygen was used as the oxidizer. Lastly, nozzle
erosion rates exceed 0.15 mm/s for chamber pressures of 4 to 5 MPa.

Keywords: ballistic reconstruction technique; fuel regression; nozzle erosion; c∗ efficiency

1. Introduction

Hybrid rockets are currently the focus of countless aerospace propulsion projects worldwide.
Possibly the most prominent example is Virgin Galactic Ltd.’s hybrid rocket-powered spaceplane,
“SpaceShipTwo”, which is projected to begin commercial operations this year (FY2019) [1]. The attention
on hybrid rocket development is justified by the logistical cost savings and risk reduction during
operations of hybrid rockets compared to their liquid bi-propellant and solid rocket counterparts [2,3].
One potential use for the current state-of-the-art hybrid rockets is as apogee kick motors, which will
alleviate satellite operators from relying solely on piggy-backing on larger satellite buses to destinations
beyond geostationary transfer orbit (GTO), thus reducing launch wait times, and increasing freedom
of movement to desired orbital placements.

Kuo and Chiaverini summarize the advantages of hybrid rockets for upper-stage use as having
high specific impulse, throttling capability, safe manufacturing, and low cost [4] (p. 632). These
attributes are especially attractive when considering the application of hybrid rockets as apogee kick
motors. Jens et al. reported extensively on the concept of a hybrid rocket-powered apogee kick motor
for placing CubeSats into deep space [5–7]. A key aspect of their proposed design is the storage of
gaseous oxygen at very high pressures—roughly 50 MPa—to keep the storage volume at a minimum.
Thus, one major technical limitation to such a vehicle is the maximum size and cost of the pressure
vessels necessary to store the oxidizer. In the case where payloads larger than CubeSats are desired, it
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may be advantageous to have a vehicle that uses an oxidizer that can be stored as a liquid to avoid the
requirement for large and expensive pressure vessels.

Heister and Wernimont elaborate on the practicality of hybrid rockets for space applications which
demand storable oxidizers, highlighting nitrous oxide (N2O) for its low toxicity and self-pressurization
ability [8]. To clarify the self-pressurizing ability of N2O, values for density, ρ, in kg/m3 and vapor
pressure, Pv, in Pa are plotted as functions of temperature in Figure 1 based on data from the National
Institute of Standards and Technology (NIST) online database [9]. The main conclusion that can be
drawn from this figure is that N2O can be self-pressurized as a liquid with densities ranging from
700 kg/m3 to 900 kg/m3 at pressures ranging from 4 MPa to 6 MPa for a range of temperatures typically
permissible to satellite operators—roughly 280 K to 300 K.

 
Figure 1. Thermodynamic properties of liquid nitrous oxide (N2O).

Many noteworthy hybrid rocket demonstrations in recent years have been achieved in part
by taking advantage of the self-pressurizing ability of N2O. These include the aforementioned
SpaceShipTwo, as well as its predecessor vehicle, SpaceShipOne [10], the highly successful Stuttgart
University student-based hybrid sounding rocket, HEROS 3, reported by Kobald et al. [11], the rocket
test sled trials of Muroran Institute of Technology reported by Nakata et al. [12], the small launch
vehicles of TiSPACE Inc. reported by Chen and Wu [13], as well as the sounding rockets of Space
Forest Ltd. reported by Gamal et al. [14]. However, it is also important to point out that N2O can be
pressurized above its vapor pressure to increase the flow rate capability of, and prevent two-phase
flow within, the feed system. For example, Whitmore et al. used helium to pressurize a liquid N2O
feed system for closed-loop throttling and thrust control [15]. Similarly, the Peregrine sounding rocket
project of NASA, Stanford University, and SPG Inc. reported by Zilliac et al. used helium to pressurize
an N2O reservoir to slightly above the vapor pressure [16]. The current research uses a similar feed
system, which will be described in detail in the Materials and Methods section.

There are two distinct fuel design strategies used in the aforementioned N2O hybrid rocket projects
to achieve high thrust-to-weight ratios. One strategy is to use non-liquifying fuels with multiple ports
and/or chambers to increase the burning surface area and/or create a vortex-like flow field. This is
true for SpaceShipOne/Two, and the hybrid rockets reported by Chen and Wu, and Whitmore et al.
in [1,13,15]. The other strategy is to use liquefying fuels with a single port, in which case the entrainment
of liquid droplets from the surface of the melting fuel leads to high burning rates. This is true for
the hybrid rockets reported by Kobald et al., Gamal et al., and Zilliac et al. in [11,14,16]. In a 5 kN
thrust-class sounding rocket launch reported by Nagata et al., the former strategy was employed with
great success using a high-density polyethylene (HDPE) fuel of the Cascaded Multistage Impinging-jet
(CAMUI) design and liquid oxygen as the oxidizer [17]. With a characteristic exhaust velocity, c∗,
efficiency, η∗, of 99% and a sustained acceleration during launch of 4 G to 5 G, the major concern of
this development project shifted to nozzle thermochemical erosion. The tests in follow-on research
to investigate nozzle erosion consistently showed values of η∗ greater than 95%. Furthermore, the
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mass “equivalent” regression rates, based on the fuel grain outer dimensions and mass consumption
rates, reached values upwards of 3 mm/s, which is comparable to or exceeding that of liquefying
propellants [18]. The main drawback of using a CAMUI-type fuel, or something similar in nature, is
the rigor involved in the fuel design itself. It can be said that the main benefit of using liquefying
fuels in place of geometrically complex fuels, like CAMUI, is the simplicity of the single port fuel
design that can be used. Mazzetti et al. make a strong argument on behalf of hybrid rockets in general,
but specifically for liquefying fuel-based hybrid rockets because of the combination of the high fuel
regression rate and fuel design simplicity [19].

In the context of designing an apogee kick motor, achieving a high thrust-to-weight ratio becomes
less critical than in the context of a planetary launch vehicle. For example, to achieve a transfer from
GTO to Mars orbit, a change in velocity of roughly 1200 m/s is required. Even at a constant acceleration
of only 1 G, this apogee kick would require only a two-minute burn time. Thus, it can be said that
achieving a high specific impulse, low manufacturing costs, and minimal combustion oscillations is
more important in the development of an apogee kick motor than improving the fuel regression rate.
In fact, Jens et al. selected the non-liquefying fuel, polymethyl methacrylate (PMMA), over a liquefying
wax fuel for their hybrid rocket apogee kick motor development specifically to prevent acceleration
from exceeding 3 G [5].

In the fiscal year of 2018, the authors of this paper began the development of a hybrid rocket
apogee kick motor in collaboration with the Japanese Institute of Space and Astronautical Science
(JAXA/ISAS) that will be capable of transporting small satellites (less than 100 kg) from GTO to lunar
orbits and beyond. Nitrous oxide (N2O) was selected to be the oxidizer for its long-term storability,
non-toxicity, non-corrosiveness, low cost, widespread commercial availability, self-pressurizing ability,
and successful role in the numerous projects mentioned in the previous paragraphs. High-density
polyethylene (HDPE) was also selected for its non-toxicity, low cost, and widespread commercial
availability, as well as for its mechanical strength and heritage in the development of the CAMUI-type
hybrid rocket by the authors and their predecessors.

The propellant combination, N2O/HDPE, has mostly gone overlooked in previous research due to
the heavy focus on the development of launch vehicles with high thrust-to-weight ratios. The latest
version of the SpaceShipTwo engine may be an exception to this claim; however, the details of the
current propellant combination have not been made public yet. The two previous publications that
were closely related to the proposed work were an experimental study conducted by Doran et al. on
a laboratory-scale N2O/HDPE hybrid rocket [20], and a numerical study of nozzle thermochemical
erosion conducted by Bianchi and Nasuti [21]. Doran et al. reported η∗ values ranging from 90% to
95%, and a weak correlation between fuel regression rates—ranging from 0.4 mm/s to 0.6 mm/s—and
oxidizer port mass flux. Bianchi and Nasuti predicted that the erosion rate of graphite is 0.06 mm/s
when the equivalence ratio is close to 1 and the pressure is 1 MPa. Moreover, they demonstrated that
as a general trend among all propellant combinations, the erosion rate decreases with an increasing
equivalence ratio and is linearly dependent on pressure.

The results of Doran et al. and Bianchi and Nasuti serve as a valuable starting point for this
research, but there are some reasons why this information is inadequate for our purposes. Doran
et al.’s experiments had combustion times in the range of 5 s to 7 s, which is too short of a span to
determine if the fuel regression correlations will remain true in time, yet long enough to introduce
uncertainty due to the time-averaging of nonlinear terms needed for the correlations. For example, test
42 from Doran et al.’s study shows a duration of 5.9 s with an initial port diameter of 13.4 mm and an
average regression rate of 0.76 mm/s. This means the oxidizer port mass flux decreased by roughly
40% during the test, which for this test would account for a span of almost 100 kg/m2-s. Also, Doran et
al. supplied N2O to the motor as a gas, whereas it is crucial for the purposes of this study to supply the
oxidizer as a liquid. Bianchi and Nasuti’s results will prove to be consistent with this study, but they
are only valid when the nozzle throat temperature has reached a steady state.
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Due to the lack of previous work on the propellant combination of N2O/HDPE, the authors found
it necessary to conduct basic research to form empirical correlations for the fuel regression rate, c∗,
efficiency, η∗, and nozzle erosion for the first time. Of the multitude of measurement techniques
introduced in previous research, the latest versions of the data reduction methods referred to as ballistic
reconstruction techniques appeared to offer the most effective means of pursuing this research in a
cost-effective and expedient way. In general, ballistic reconstruction techniques only require some
combination of the following commonly measured experimental values: (1) Oxidizer mass flow rate,
.

mox; (2) chamber pressure, Pc; (3) thrust, F; (4) overall fuel mass consumed, ΔMfu; and (5) final nozzle
throat diameter, dt,f. This means that the same measurement equipment can be used regardless of
fuel design, configuration, or scale. This is done by using either the c∗ equation, thrust equation, or
both, in an iterative algorithm to determine instantaneous values of the oxidizer-to-fuel mass ratio,
ξ; c∗ efficiency, η∗; thrust correction factor, λ; and, recently, nozzle throat area, At. Wernimont and
Heister, and Nagata et al. introduced ballistic reconstruction techniques, which used the c∗ equation to
determine fuel mass consumption under the assumption that η∗ is constant and nozzle throat erosion
is negligible [22,23]. Carmicino and Sorge, and Nagata et al. alleviated the need to treat η∗ as a
constant by measuring thrust and incorporating the thrust equation [24,25]. Most recently, Kamps
et al. combined these works, incorporating both the c∗ and thrust equations, and treating η∗ as a
constant in order to determine the history of the nozzle throat area in an effort to investigate nozzle
throat erosion [26]. This ballistic reconstruction technique was titled “Nozzle Throat Reconstruction
Technique” or “NTRT,” and was later used in a follow-on study by Kamps et al., which demonstrated
how to use the results of the NTRT with thermocouple measurements from within the nozzle to
determine the wall temperature history at the nozzle throat [27]. This follow-on technique was titled
the “Throat Temperature Reconstruction Technique” or “TTRT.”

Unfortunately, reconstruction techniques, such as the NTRT, have a region where multiple
solutions exist for the results of ξ, typically when hybrid rocket tests are conducted in fuel-rich
conditions. Nagata et al. [25] and Saito et al. [28] demonstrated that approximations for c∗ can be used
to overcome this problem in the data reduction of hybrid rocket firing tests using oxygen. However,
as will be evident in the following section, these approximations are not suitable when using N2O
as the oxidizer because the region of multiple solutions that exists is too large. The objective of this
research is to further develop the experimental methodology introduced by Kamps et al. so that the
analysis of tests conducted under the propellant combination of N2O/HDPE yields results for the
histories of fuel consumption, nozzle erosion, and characteristic exhaust velocity efficiency regardless
of the oxidizer-to-fuel-mass ratio. The purpose of this research is to lay the groundwork for effectively
conducting basic combustion research in the development of a hybrid rocket apogee kick motor using
N2O as the oxidizer and non-liquefying fuels, such as HDPE, as the fuel.

2. Materials and Methods

Kamps et al. recently introduced a method, titled the “Nozzle Throat Reconstruction Technique
(NTRT),” for determining both At and ξ histories through the data reduction of commonly measured
experimental values with the aim of enabling hybrid rocket researchers to accurately and cost-effectively
investigate nozzle erosion experimentally [26]. The two governing equations of this method are the
thrust equation shown by (1), and the characteristic exhaust velocity equation shown by (2):

F = λ
.

mue + (Pe − Pa)Ae (1)

c∗th = PcAt/η∗
.

m (2)

Here, the thrust, F, is in N and the theoretical characteristic exhaust velocity, c∗th, is in m/s. The term,
λ, is the dimensionless thrust correction factor,

.
m is the propellant mass flow rate in kg/s, ue is the

nozzle exit velocity in m/s, Pe and Pa are the nozzle exit pressure and atmospheric pressure in Pa, and
At and Ae are the nozzle throat area and exit area in m2. The thrust correction factor, λ, accounts for
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the momentum losses due to non-one-dimensionality and non-isentropicity of flow, as well as the
momentum losses in the axial direction due to the divergence angle of the nozzle exit. The propellant
mass flow rate can be shown in terms of the oxidizer-to-fuel-mass ratio according to Equation (3):

.
m =

.
mox(1 + 1/ξ) (3)

where the subscript, “ox”, indicates that the mass flow rate term is a property of the “oxidizer” only.
When the propellant combination of N2O/HDPE is used, there exists a region of multiple solutions

of ξ where maximum specific impulse can be achieved.
This is shown by breaking down the calculation of the thrust equation. The value of Pe is calculated

implicitly from Equation (4):

(Pe

Pc

) 1
γ
(
γ+ 1

2

) 1
γ−1

√√√
γ+ 1
γ− 1

⎛⎜⎜⎜⎜⎜⎝1− (Pe

Pc

) γ−1
γ

⎞⎟⎟⎟⎟⎟⎠ = At

Ae
(4)

and ue is calculated explicitly from Equation (5):

ue = η∗c∗th

√√√√
2γ2

γ− 1

(
2

γ+ 1

) (γ+1)
(γ−1)
⎡⎢⎢⎢⎢⎢⎣1− (Pe

Pc

) (γ−1)
γ

⎤⎥⎥⎥⎥⎥⎦ (5)

where γ, the specific heat ratio of combustion gas, is calculated using the NASA Chemical Equilibrium
with Applications (CEA) computer program as a function of Pc and ξ [29]. Although it is not a problem
in the tests conducted in this study, it is worth noting that Equations (4) and (5) are not valid if shocks
occur in the nozzle, which is possible in ground tests where the chamber pressure is relatively low.
Figure 2 plots F as a function of ξ for the case where dt is 4 mm, Pc is 4.7 MPa, and

.
mox is 36 g/s—which

is representative of the tests conducted in this study. Here, the efficiency terms, η∗ and λ, were assumed
to be 1 (i.e., 100%). The range of ξ from 4.0 to 7.1 results in roughly the same value for thrust. Specific
impulse, Isp, has also been plotted in Figure 2 to show that optimal performance is achieved when ξ
is roughly equal to 7. This is important because in a typical hybrid rocket, the value of ξ increases
in time. Thus, for the goal of maximizing Isp in long duration firing tests, it may be advantageous to
begin operations in the multiple solutions region of ξ. Furthermore, from the vantage point of nozzle
erosion prevention, it is advantageous to operate with the smallest value of ξ that is possible [21].

F = 100 N

Multiple 
Solutions

Region

Figure 2. Example of multiple ξ solutions in the Nozzle Throat Reconstruction Technique (NTRT).

In previous data reduction methods, such as the NTRT, data are analyzed separately for each
firing test conducted, with no cross-over of data between tests. However, in this research, a different
approach is taken. The concept of the method employed in this paper is to include an additional
experimental input in the governing set of equations of the NTRT, allowing for an additional output,
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and avoiding the issue of multiple solutions arising from the thrust equation’s dependency on ξ. More
precisely, the value for overall fuel mass consumption, ΔMfu, which is a constant value input to the
original NTRT, will be replaced by a fuel mass consumption history, mfu. Thus, η∗ can be solved at
every time, rather than be treated as a constant. Since the outputs of the data reduction method in this
research are in effect the same as the NTRT, the method in this paper will be referred to as “NTRT plus”
or “NTRT+.”

The operational flow of the comprehensive data reduction procedure used in this research is shown
in Figure 3. Data reduction steps are separated into “tiers” based on the information flow between
operations. First, a firing test is repeated multiple times, varying only the combustion time between
tests. In this way, a trendline can be determined that describes the overall fuel mass consumption
progression between tests. This trendline is the only “tier I” operation. It is crucial that there is a clear
agreement with the fuel mass consumption history trendline and the overall fuel mass consumption
values determined through direct measurement in each test separately. With the fuel mass consumption
history determined, it is possible to run all “tier II” operations: The NTRT+, NASA CEA, and fuel
regression rate correlation operations. Finally, in this paper, the only “tier III” operation carried out is a
simplification of the TTRT, which is used to determine the nozzle throat wall temperature histories.

Oxidizer Mass Flowrate Chamber Pressure Thrust Fuel Outer Dimensions, Overall Fuel Mass Consumption
Final Nozzle Throat Diameter, 2 x Inner Nozzle Temperatures, and Burn Time

c* Efficiency 
Throat Diam.

Gas Temperature
Composition

Wall Temperature, 
Heat flux

Regression Rate
Port Flux

Fuel Consumption 
History

Figure 3. Flowchart of comprehensive data reduction operations in this research.

Although the set of governing equations for the NTRT+ is essentially the same as the original
NTRT, the algorithm is significantly different. The computational flow of the NTRT+ is shown in
Figure 4. There are two iterative loops: Loop A and loop B. Loop A iterations are conducted only
once to solve for λ. Loop B iterations are conducted at every time step to solve for the η∗ history.
Convergence of loop A depends on reducing the final throat diameter residual, ψd, to zero, according
to Equation (6):

ψd =

∣∣∣∣∣∣1− dt(tb)

dt, f

∣∣∣∣∣∣ = f (λ) (6)

were dt(tb) is the calculated value for the nozzle throat diameter at the end of the firing duration. The
calculated nozzle throat diameter history is backed out of the value for the nozzle throat area, At, which
is determined by rearranging the terms in Equation (2), as shown by Equation (7):

dt =

√
4
π

At =

√
4
π

η∗c∗th
.

m

Pc
(7)
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The value of λ is iterated until the nozzle throat diameter calculation matches the known value at the
end of the firing test. Convergence of loop B depends on reducing the thrust residual, ψF, to zero,
according to Equation (8):

ψF(t) =

∣∣∣∣∣∣1− λ
.

m(t)ue(t) + (Pe(t) − Pa)Ae

F(t)

∣∣∣∣∣∣ = f (η∗(t)) (8)

The value of η∗ is iterated until the thrust calculation matches the measured value at that time.

* t
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Figure 4. The NTRT+ algorithm computational flowchart.

The most common adaptation of Marxman et al.’s diffusion-limited regression rate model, first
introduced in [30], will be used for the analysis in this study. This model is shown by Equation (9):

.
r f u = aGn

ox = a

⎛⎜⎜⎜⎜⎜⎜⎝ .
mox

πr2
f u

⎞⎟⎟⎟⎟⎟⎟⎠
n

(9)

where
.
r f u is in m/s, a and n are empirical constants, Gox is in kg/m-s2, and rfu is the fuel port radius

in m. Two methods of fuel regression rate correlations are compared in this study. In both cases, the
concept behind the correlations is to run tests under the same oxidizer mass flow rate, varying only the
combustion time. As the fuel burns, the port diameter will increase and the oxidizer port mass flux
will decrease accordingly. This is different than the traditional approach of limiting the combustion
time and varying the oxidizer mass flow rate to vary the oxidizer port mass flux. With that in mind, the
correlation procedure remains essentially the same. The more conventional correlation procedure is to
use only the endpoint data (i.e., changes in value before and after firing) for fuel mass consumption
and the measurement of the oxidizer mass flow rate. This method is referred to as the “endpoint”
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method. By separating the variables of the port radius, rfu and time, t, Equation (9) can be integrated
as follows in Equation (10):

πn
(
r2n+1

f u, f − r2n+1
f u,o

)
(2n + 1)

= a
∫ tb

0
mn

oxdt � a
∑

mn
oxΔt (10)

where Δt represents the sampling rate of the experimental measurement history in s, and tb is the burn
time in s. Burn time is defined as the duration of time from the moment the (gauge) chamber pressure
reaches 10% of the maximum value to the time at the aft-bisector of the pressure drop at the end of
burning. This designation is outlined in [31] (p. 459), and was used in [26,27]. The fuel port radius in
Equation (9) is calculated based on the fuel mass, Mfu, fuel density, ρfu, and the outer diameter and
length of the fuel, Dfu and Lfu¬, according to Equation (11):

r f u =

√√
D2

f u

4
− M f u

πL f uρ f u
(11)

where rfu, Dfu, and Lfu are in m, Mfu is in kg, and ρfu is in kg/m3. The constant, a, is determined
by using the least-squares method (for a given value of n) on Equation (10), and the exponent, n, is
determined by finding the value that maximizes the correlation of determination (i.e., R2) of the results
of a. The second fuel regression correlation method attempted in this paper simply considers the
solution to Equation (11) for all times, and performs the least-squares method directly on Equation (9).
This is possible because we can integrate the fuel mass consumption history trendline from the tier I
operations to determine the history of Mfu.

The Throat Temperature Reconstruction Technique, or TTRT, employed in this study is a
simplification of the method introduced in [27]. A single iterative loop solves for the nozzle throat wall
temperature history, Tw. Convergence of the TTRT depends on reducing the thermocouple temperature
residual, ψT, to zero:

ψT(t) =

∣∣∣∣∣∣1− Tn1,calculation(t)
Tn1,measured(t)

∣∣∣∣∣∣ = f (Tw(t)) (12)

Here, Tn1 is the temperature at the position of the thermocouple placed closest to the nozzle throat in
K. In general, the governing differential equation for 1D conductive heat flux in cylindrical coordinates
reduces to Equation (13) by assuming a negligibly small axial temperature gradient and no internal
heat generation:

∂T
∂t

=
α
r
∂
∂r

(r
∂T
∂r

) (13)

Here, α is thermal diffusivity of the nozzle in m2/s, T is the local instantaneous temperature in K, and r
is the radial position from the centerline of the nozzle in m. Approximating the partial derivatives in
Equation (13) by the first term of the Taylor series expansions near the points of interest, consolidating
terms, and rearranging yields the following finite difference equation:

aj
i T

j+1
i−1 + bj

i T
j+1
i + cj

i T
j+1
i+1 + dj

i T
j
i = 0

aj
i = 2α jriΔt− αΔrΔt

bi
i = −(4α jriΔt + 2riΔr2)

cj
i = α jΔrΔt + 2α jriΔt

di = 2riΔr2

(14)

where Δt is the time step, subscript i specifies the radial node index, and superscript j represents
the time index. Note that the thermal properties of graphite, k and α, are treated as functions of
temperature, as described in the following paragraph, but this behavior is approximated by using the
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solution of the temperature profile from the previous time step. With one temperature boundary set as
the nozzle throat wall temperature, Tw, and the other set as the nozzle thermocouple measurement
temperature, Tn2, we can solve for the temperature distribution history within the nozzle according to
Equation (15):

⎡⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎣

Tj+1
w+Δr

T j+1
w+2Δr

...
Tj+1

rn2−2Δr

T j+1
rn2−Δr

⎤⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎦
=

⎡⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎣

bj
w+Δr

aj
w+2Δr

0
0
0

cj
w+Δr

bj
w+2Δr

. . .
0
0

0
cj

w+2Δr
. . .

aj
rn2−2Δr

0

0
0
. . .

bj
rn2−2Δr

aj
rn2−Δr

0
0
0

cj
rn2−2Δr

bj
rn2−Δr

⎤⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎦

−1 ⎡⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎣

aj
w+ΔrT

j
w+Δr

aj
w+2ΔrT

j
w+2Δr

...
aj

rn2−2ΔrT
j
rn2−2Δr

aj
rn2−ΔrT

j
rn2−Δr

⎤⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎦
−

⎡⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎣

aj
w+ΔrT

j
w

0
...
0

cj
rn2−ΔrT

j
n2

⎤⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎦
Tw at j + 1 Stiffness Matrix Tw at j Boundary

(15)

A mesh size of Δr = 10−5 m and a time step of Δt = 0.5 s was used for the calculations in this study.
Static firing tests were carried out on a 100 N-thrust class motor. Depictions of the test setup,

motor assembly, and fuel and nozzle schematics are shown in Figure 5a–c, respectively. The test setup
consisted of three fluid supply lines in parallel: A main oxidizer line with an Ar gas tank and an N2O
reservoir; a purge gas line with an N2 gas tank; and an ignition assist oxidizer line with an O2 gas
tank. The flow in each line was controlled using a Swagelok pneumatic ball valve operated by an SMC
solenoid valve. Solenoid valve operations were controlled in LABVIEW7. The N2O in the reservoir,
which was stored at outdoor atmospheric temperature (≈290 K), was pressurized to 7.6 MPa using
Ar gas to ensure that it remained in a liquid phase until injection into the combustion chamber. The
oxidizer mass flow rate was determined by measuring the pressure drop across an orifice plate with
an orifice diameter of 1 mm located between the N2O reservoir and the motor. The equation used to
calculate oxidizer mass flow rate is (16):

.
mox = Cor

(
π
4

d2
or

)√
ρox
(
Pup − Pdw

)
(16)

where the oxidizer mass flow rate is in kg/s, Cor is a dimensionless orifice flow coefficient determined
experimentally to be 0.92, dor is the orifice hole diameter in m (i.e., 0.001 m), ρox is the oxidizer density
in kg/m3, and Pup and Pdw are the pressure upstream and downstream of the orifice in Pa, respectively.
Note that the density of N2O is a function of temperature, and was calculated based on the following
equation determined from the NIST database [9]:

ρN2O(T) = −(6.533 ∗ 10−7)T6 + (3.920 ∗ 10−5)T5 − (6.267 ∗ 10−4)T4

−(2.521 ∗ 10−3)T3 + (4.280 ∗ 10−2)T2 − (5.114)T + (907.7)
(17)

where, in this case, T is the temperature of N2O in ◦C.
All tests were conducted using polyethylene (formula: C2H4) with a density of 955 kg/m3 as the

fuel. Fuel grains were assembled from multiple short cylindrical fuel blocks, which allowed for a
pseudo-one-dimensional evaluation of the fuel mass consumption. As is shown in Figure 5b,c, the
initial fuel port diameter of the first four blocks (blocks 1�– 4�) was 20 mm and that of the last four
blocks (blocks 5�– 8�) was 30 mm. The step-increase in port diameter between blocks 4� and 5� was
used to force a disturbance in the boundary layer and improve mixing. After assembly, fuel grains
were loaded into glass fiber-reinforced plastic (GFRP) insulating tubes and sealed in a steel motor case.
An impinging-type injector with 4 × 0.8 mm holes at a convergence angle of 45◦ was used to promote
atomization. The nozzles used in all tests were manufactured using the same grade of isotropic
graphite, Tokyo Tokai Carbon Ltd. G347. The density and thermal conductivity at atmospheric
conditions are listed by the manufacturer to be ρn = 1850 kg/m3 and k = 116 W/m-K, respectively [32].
The temperature dependency of these and other properties of G347 graphite is not specified by the
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manufacturer, and so values were referenced from previous research on similar graphite. An empirical
correlation of data for thermal conductivity, k, based on Figure 1 in [33] yields Equation (18):

k(T) = (3712)T−0.602 for 200 < T < 2500 (18)

and an empirical correlation of data for specific heat, cp, based on Figure 1 in [34] yields Equation (19):

cp(T) = (651) ln(T) − 2877 for 200 < T < 3000 (19)

where k is in W/m-K, cp is in J/kg-K, and T is in K. The initial nozzle throat diameter, dt,o, was 4 mm in
all tests, and the nozzle exit diameter, de, was 8 mm in all, but one test. The nozzle exit diameter in a
single test was lowered to 6 mm to examine the effect of the nozzle expansion ratio, ε, on the nozzle
throat erosion history and thrust correction factor. Thus, in all tests, with the exception of one, ε is 4,
and in one test, ε is 2.25. There are three thermocouple measurement ports at the nozzle throat plane.
The initial radial distances from the thermocouple measurement points to the throat are 5 mm, 8 mm,
and 10 mm, as shown in Figure 5c.

Figure 5. The experimental apparatus (a) test setup; (b) cut-away view of the motor assembly;
(c) detailed schematics of the fuel grain and nozzle (units of mm).

The three digital cameras labeled “A”, “B”, and “C” in Figure 5 were used to monitor key
components of the test apparatus at all times. These cameras were displayed on a T.V. located in a
concrete bunker near the test stand. The T.V., computer, control box, and batteries were operated from
a desk within the bunker. A depiction of the test sequence using screenshots from camera “B” (see
Figure 5a) is shown in Figure 6. In all tests, ignition was achieved by sending an electrical current
through a coil of nichrome wire affixed to the lip of the first fuel block using 1 g of an epoxy gunpowder
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mixture: 0.8 g epoxy and 0.2 g gunpowder. Wire leads were fed through the nozzle exit and attached
to a DC voltage source. A test section of wire and nichrome coil was attached in series to the main
ignition line to allow for a visual confirmation that the current was large enough to heat the nichrome
wire. Nichrome wire was heated for 10 s before actuating the oxidizer supply valve and initiating the
firing test. Ignition was first achieved using 2 s of a flow of 1 g/s of gaseous oxygen (O2) to ensure
heating and gasification of fuel. After two seconds of O2 ignition, the O2 line was closed, and the main
oxidizer (N2O) line was opened. Firing tests were shut down by closing the N2O line and opening
the N2 purge line. The chamber was purged with N2 for a minimum of 30 s, both to extinguish the
combustion of fuel and to cool the nozzle to less than 500 K for handling.

Figure 6. Screenshots of the firing test sequence (a) nichrome wire heating (0 s to 10 s); (b) O2 ignition
assist (10 s to 12 s); (c) main burn (12 s to 12 + tb s); (d) N2 purge/cooling (12 s + tb s + 30 s).

As required for the NTRT+ and TTRT, multiple dynamic and static measurements were taken
during the experiments conducted in this study. Pressures were measured using KYOWA DCS-10 MPa
and KYOWA DCS-5 MPa pressure sensors with rated accuracies of ±40 kPa and ±28 kPa, respectively.
Thrust was measured using a KYOWA LMB-A-200N load cell with a rated accuracy of ±3.5 N. These
instruments were calibrated by the manufacturer such that the rated accuracies account for uncertainty
due to nonlinearity, hysteresis, low-temperature conditions, and external loading. Nozzle temperatures
were measured using RC Pro k-type thermocouples rated up to a temperature of 1100 ◦C, which
exhibited a response time of 0.3 s. Dynamic measurements were recorded at 200 Hz using DCS-100A
series software, and later filtered using a 20-point moving average. The reason for applying a moving
average was to reduce the presence of oscillations in the reconstructed nozzle throat erosion histories.
The uncertainty introduced by applying such moving averages is much smaller than the precision
limits of the sensors used, and therefore will not be addressed in detail in this paper (refer to [26]).
Initial and final nozzle throat diameter measurements, dt,o and dt,f, were taken by the image analysis of
digital photographs of the nozzle before and after firing. A length scale was established by placing a
plaque of 1 mm-spacing grid paper next to the nozzle being photographed. The nozzle throat diameter
was computed based on the area of the lighted region at the throat using ImageJ software [35].

Uncertainty in the experimental measurements of thrust, pressure etc. propagates through the
tiers of the comprehensive data reduction operations. The details of this process can be summarized by
Equation (20), which expresses the overall uncertainty, Uy, in some operational output, y, as a function
of the inputs, xi:

Uy =

√∑( ∂y
∂xi

Uxi

)2
(20)

Here, the Uxi terms on the right-hand side represent the uncertainties in the xi measurements. The
partial derivative terms in Equation (20) represent the sensitivity of the reconstructed solution to each
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input. Since the algorithms in most of the data reduction operations are coupled non-linear problems,
the partial derivative terms in Equation (20) are approximated as (21):

∂y
∂xi
�

y(101%xi) − y(100%xi)

1%xi
(21)

Here, the numerator is the change in value of solution y given that the input parameter, xi, has been
perturbed by the amount of 1% of the nominal value.

3. Results

Six firing tests were conducted for this study in total. A summary of the experimental results
is shown in Table 1. These tests have been labeled according to their burn times for plotting and
comparison purposes. The local names of these tests are listed in the second column of Tables 1 and 2
for continuity. Test-3s, 4s, 10s-I and 15s were conducted with the aim of determining the fuel mass
consumption trendline necessary for comprehensive data reduction operations. Test-10s-II and
Test-10s-III were conducted to assess the repeatability of fuel mass consumption and nozzle throat
erosion of Test-10s-I. In Table 1, the change in the nozzle throat diameters due to thermochemical
erosion, Δdt, are listed in mm, the values of overall fuel mass consumption, ΔMfu, are listed in g,

the time-averaged thrusts, F, are listed in N, the time-averaged oxidizer mass flow rates,
.

mox, are
listed in g/s, the time-averaged chamber pressures, Pc, are listed in MPa, and the time-averaged
nozzle temperatures, T10mm, T8mm, and T5mm, are listed in K. An inspection of the overall fuel mass
consumption and final nozzle throat diameters of Tests-10s-I through to III reveals that nozzle throat
erosion was not the same even though the initial test conditions were identical, whereas the values of
fuel mass consumption were within 1% of one another. Test-3s did not have a measurable amount
of nozzle throat erosion, whereas the remaining tests did. The primary reason for this is that the
nozzle throat wall temperature did not become high enough to allow for chemical reactions with the
combustion gas. This is further discussed in Section 3.4. The greater than symbol “>” means that
the thermocouple overheated during the firing, and thus the time-averaged temperature shown is an
underestimate of the true value.

Table 1. Summary of direct measurements and their uncertainties.

Test Local Δdt ΔMfu F .
mox Pc T10mm T8mm T5mm

Label Name mm g N g/s MPa K K K

3s (CBX-5) 0.05 ± >100% 30 ± <1% 74 ± 4% 41 ± 4% 4.1 ± 1% 518 551 661
4s (CBX-4) 0.20 ± 50% 35 ± <1% 78 ± 4% 41 ± 4% 4.1 ± 1% 520 570 717

10s-I (CBX-6) 0.53 ± 20% 74 ± <1% 81 ± 4% 39 ± 4% 4.2 ± 1% 551 >582 >745
10s-II (CBX-8) 0.75 ± 10% 73 ± <1% 89 ± 4% 38 ± 4% 4.4 ± 1% 710 776 >874
10s-III (CBX-9) 1.00 ± 10% 74 ± <1% 83 ± 4% 39 ± 4% 4.1 ± 1% 556 600 >764

15s (CBX-7) 0.80 ± 13% 110 ± <1% 88 ± 4% 37 ± 4% 4.3 ± 1% 658 >723 >859

Note: Time averages were taken for the entire burning duration, and the greater than symbol, >, is used in the case
where thermocouples overheated during the test.

The unprocessed pressure cascade and thrust histories are plotted together in Figure 7a,b. The
main steps in the test sequence (as shown in Figure 6) have also been labeled in Figure 7a. It is evident
that all tests show the same pressure and thrust to within less than ±2.5% up to 15 s into the test
sequence (i.e., the end of burn in Test-3s), but the pressure and thrust histories beyond 15 s were not
the same. This means that the primary cause of the differing values of pressure and thrust in tests
lasting longer than Test-3s were due to the differences in the nozzle throat erosion history. Figure 7b
shows an expanded view of the first 4 s of ignition and start-up transients. Each test reached a steady
state around 14 s into the test sequence after a transient lasting 2 s. There is a sharp increase that ends
the transient between 13 s and 14 s into the firing sequence. The timing of this increase varies between
tests, although the rate and trend of the increase is similar.
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Figure 7. Unprocessed static firing test data of all tests; (a) the first 40 s of the firing sequence,
(b) expanded graph of the first 4 s of ignition and start-up transients.

3.1. Tier I Results: Fuel Mass Consumption History Trendline

The overall fuel mass consumption and the associated trendline is plotted for all tests in Figure 8a.
A power-type trendline yields a near perfect fit for the fuel mass consumption history, in which the fuel
consumption of Tests-10s-I to III were within ±1% of one another. This high degree of repeatability is
important for the NTRT+, which operates on the assumption that the trendline in Figure 8a accurately
represents the fuel consumption history of any given test. Figure 8b shows the overall fuel regression
by block in all tests in units of meters. These values were calculated based on the change in mass,
according to Equation (11). Blocks 1�– 4� had a greater overall fuel regression than blocks 5�– 8� in all
tests. This can be explained by the fact that the first four blocks have a smaller initial port diameter, and
thus a larger oxidizer port mass flux. However, it is also interesting to point out that block 1� and block
5�, both of which have step changes in port diameter, regressed less than similar blocks downstream.

Figure 8. Fuel consumption analysis (a) fuel mass consumption trendline; (b) fuel regression by block.

Block 1� is immediately downstream of the injector, and thus marks the initiation point of the
boundary layer. Reduced fuel regression rates at this location should be expected because the boundary
layer is not fully developed. It is implied in the numerical analysis conducted by Kumar and Kumar [36],
and by Kumar and Ramakrishna [37] that step increases in fuel port diameter are also likely to create
recirculation zones downstream of the disturbance. The results in Figure 8b are consistent with this
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analysis. The reduced fuel regression in block 5� can be explained by the presence of a recirculation
zone, downstream of which fuel regression increases again. In following, the local peaks in the
fuel regression of blocks 2� and 6� are the result of increased turbulent heating downstream of the
recirculation zones of blocks 1� and 5�, respectively.

3.2. Tier II Results

3.2.1. Fuel Regression Correlations

In the same way that the fuel mass consumption history trend line had a nearly perfect fit (with a
coefficient of determination of ≈ 1), the “endpoint” fuel regression correlation led to a near perfect fit,
as shown in Figure 9a. In the “history” method, where the histories of fuel regression rate are plotted
directly against the histories of port mass flux, the resulting regression correlation has a coefficient
of determination of 0.95, as shown in Figure 9b. This figure is organized according to the left- and
right-hand side of Equation (9), so it is possible to plot and compare all correlations introduced so
far in this figure. The waviness that appears in the first three seconds of the fuel regression rate
histories is the result of the decrease in the oxidizer mass flow rate in the beginning of each firing
due to the chamber pressure transient, as seen in Figure 7. DeLuca et al. [38], Pavaran et al. [39], and
Evans et al. [40] examined time-resolved burning rates using direct (optical) measurements and did
not observe this degree of waviness. The general trend that fuel regression rate decreases in time with
decreasing oxidizer port mass flux is in agreement with [38–40].

Figure 9. Fuel regression rate correlations of (a) endpoint correlation; (b) history correlation.

It can be seen from Figure 9b that the endpoint correlation slightly underestimates the values of
the histories, and the results of Doran et al. grossly underestimate the magnitude and slope of these
histories when Gox > 50 kg/m2-s. The most important discrepancy is the large difference in the solution
of the fuel regression rate exponent, n. The history correlation results in an exponent of 0.76, which is
very close to the theoretical value of 0.8 that is expected by Marxman et al.’s diffusion-limited boundary
layer combustion theory [30,41], whereas the endpoint method results in an exponent of 0.62, and
Doran et al. reports a value of 0.331 [20]. The departure of the fuel regression correlation exponent,
n, from a value of 0.331 in Doran et al.’s study [20] to either 0.62 or 0.76 in this study, depending on
whether the endpoint method or history method is used, warrants a discussion.

There does not appear to be a very large difference in the test apparatus used in each study. One
reason for this discrepancy may simply be that the range of Gox tested in this study is too narrow. The
time-averaged values of Gox varied from 50 kg/m2-s to over 300 kg/m2-s in Doran et al.’s test series, but
only from 50 kg/m2-s to 100 kg/m2-s in this study. With that stated, it is also clear from this study that
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the largest changes in Gox take place in the first three seconds of firing, which constitute half of the
burn time in Doran et al.’s tests. Given that even the time-averaged endpoint values from this study
overestimate the prediction of Doran et al. by nearly 50%, it seems possible that the low exponent
observed by Doran et al. may simply be due to the uncertainty introduced by using time-averaged
values in the fuel regression rate correlation of Equation (9). If so, the consequences of this are grave,
because the increase or decrease in time of the value of ξ depends on whether the exponent, n, is
greater than or less than 0.5. In other words, the results of this study will predict an increase in ξ in
time, whereas the results of Doran et al. will predict a decrease of ξ in time.

It is important to point out that although the fuel regression is being calculated based on the
fuel mass consumption (refer to Equation (11)) and thus does not directly consider the shape and
orientation of the burning surface at the end surfaces near the injector in block 1� and at the end
face of block 4�, the combined surface area of these end faces is a mere 1% of the main port burning
surface area. As the fuel burns and all surfaces blend together with the main port, any possible effects
are reduced even further. Thus, the effect of these non-tubular burning surfaces is considered to be
negligible for the sake of the analysis presented here.

3.2.2. Results of the NTRT+

The results of the NTRT+ for thrust correction factor, λ, and time-averaged c∗ efficiency, η∗, are
listed in Table 2. The results of the NTRT+ for oxidizer-to-fuel-mass ratio, ξ, history are shown in
Figure 10a, while the results for nozzle throat diameter history, dt, and c∗ efficiency history, η∗, are
shown in Figure 10b. The histories of the oxidizer mass flow rate,

.
mox, were added to Figure 10a to

show that increases in
.

mox correspond to increases in ξ. The close agreement of all throat diameter
histories with the known value for dt,o in the beginning of the tests bolsters the reliability of the NTRT+
results, since dt,o is a known value that is not used in the NTRT+ algorithm. It can be seen from these
results that the timing of the onset of nozzle throat erosion varies by 2 s between tests, from around
3 s in Tests-4s and 10s-I to around 5 s in Tests-10s-II and 15s. Also, the erosion rate of Test-10s-I is
noticeably smaller than that of the other tests. Test-10s-I is the one test which employed a smaller
nozzle expansion ratio than the other tests—2.25 versus 4.0. Thus, it is likely that the nozzle expansion
ratio effected some aspect of the nozzle throat erosion mechanisms. Similar to the chamber pressure
and thrust histories, the histories of η∗ were the same during the first three seconds of burn time, during
which time they sharply rose to a steady-state value. The time averages of the steady-state values of η∗
are listed in Table 2. The values differ between tests in the range of 0.85 < η∗ < 0.95, which is consistent
with the results of Doran et al. [20].

Figure 10. The NTRT+ analysis (a) propellant flow rates; (b) throat erosion and efficiency histories.
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Table 2. Summary of tier II (NTRT+) and tier III (TTRT) results.

Test Local λ η
∗

Tw tΠ Φ PΠ TΠ

Label Name K s MPa K

3s (CBX-5) 0.97 ± 10% 0.87 ± 11% 1243 ± 9% 3 2.03 ± 4% 2.6 ± 2% 1778 ± 10%
4s (CBX-4) 1.00 ± 10% 0.86 ± 10% 1464 ± 10% 3 2.02 ± 4% 2.6 ± 2% 2030 ± 12%

10s-I (CBX-6) 0.97 ± 10% 0.88 ± 10% 1467 ± 10% 4 1.95 ± 4% 2.6 ± 2% 2076 ± 9%
10s-II (CBX-8) 0.98 ± 9% 0.94 ± 9% 1455 ± 11% 5 1.96 ± 4% 2.7 ± 2% 1811 ± 7%
10s-III (CBX-9) 0.90 ± 8% 0.91 ± 9% 1538 ± 10% 3 2.05 ± 4% 2.7 ± 2% 1963 ± 11%

15s (CBX-7) 0.94 ± 8% 0.94 ± 10% 1527 ± 8% 5 1.95 ± 4% 2.7 ± 2% 1905 ± 7%

*time averages for η∗ were taken after the first 3 s into the burn time to avoid startup transients.

3.3. Tier III Results: Results of the TTRT

Kamps et al. demonstrated in [27] that the wall temperature, pressure, and equivalence ratio at
the nozzle throat can be used to predict whether or not thermochemical erosion may take place at the
nozzle throat. This analysis will be shown in the following section, but first it is necessary to identify
the temperature of nozzle throat wall using the TTRT. The results of the TTRT for time-averaged
values of the nozzle throat wall temperature are listed in Table 2 as Tw in K. Note that nozzle throat
wall temperature histories could not be calculated for the entire burn time in most tests because the
thermocouples nearest to the throat, predominately T5mm, but in two occasions Tcheck, failed due to
overheating. This typically happened around 5 s into the burn time. The results of the TTRT for nozzle
throat wall temperature histories, Tw, in K are shown in red in Figure 11a. The two thermocouple
measurement histories used as input data to the TTRT, at depths of 10 mm (Tn2) and 5 mm (Tn1) from
the nozzle throat, are also shown in in Figure 11a in black and blue, respectively. The procedure for
confirming the results of Tw is depicted in Figure 11b, where the thermocouple located at a depth of 8
mm from the nozzle throat (Tcheck) was used to verify the calculated value at that position within the
nozzle. The solid black lines in Figure 11b show the calculated temperature profiles in the nozzle at
1 s intervals. The close agreement between calculated and measured values in Test-3s as shown in
Figure 11b was also observed in all tests for the range of times where the thermocouples did not fail
due to overheating.

Figure 11. The TTRT analysis (a) nozzle temperature histories; (b) confirmation of temperature profile
histories in Test-3s.

3.4. Erosion Onset Factor

The erosion onset factor, Π, was introduced by Kamps et al. in [27] as a way to model the nozzle
temperature and gas pressure that allow for chemical kinetic-limited thermochemical erosion to take
place for a given equivalence ratio, Φ—the ratio of the stoichiometric oxidizer-to-fuel mass ratio, ξsto
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(ξsto = 9.4 for N2O/HDPE), and the measured value of oxidizer-to-fuel mass ratio, ξ. Since the timing
of the onset of erosion can be identified from Figure 10b, a brief analysis of Π will be conducted in this
section. The equation for Π is (22):

Π = PnΠ exp(−EΠ/Tw) (22)

where P is the local combustion gas pressure in Pa, nΠ is a dimensionless empirical constant, and EΠ is
an empirical constant with units of K. Based on the results of [27], the following values of empirical
constants will be used: nΠ = 1.03 and EΠ = 1408 K. Here, it is necessary to identify the pressure at
the nozzle throat and the temperature of the nozzle throat wall position at the onset of nozzle throat
erosion—listed as PΠ in Pa and TΠ in K in Table 2—so that values for the erosion onset factor may be
calculated. The subscript, Π, is used to indicate the data taken at the time of the onset of erosion. Here,
the value of PΠ was taken to be the pressure at the nozzle throat, Pt, which was approximated by the
equation for the isentropic expansion of an ideal gas:

Pt = Pc

(
2

γ+ 1

) γ
γ−1

(23)

The times at the onset of erosion, tΠ, were chosen to be the time when the dt histories in Figure 10b
departed from the value of dt,o and had an erosion rate of more than 0.02 mm/s for longer than 1 s.
The values for nozzle throat wall temperature at the onset of erosion were obtained from the Tw

histories plotted in Figure 11a. The range of equivalence ratios, Φ, was not wide enough to carry out
a correlation of Π, such as that in [27]. Thus, the data from [27] was used as a reference to evaluate
the relative erosion characteristics observed in this study. Fortunately, there is a group of data and a
trendline from [27] that lines up with the values of Φ observed in this study. This is shown in Figure 12.
We can draw two useful conclusions from this comparison. The first conclusion is that even though
nozzle erosion histories were not repeatable between tests in this study, the values of Π were. This
suggests that the onset of erosion was essentially chemical-controlled. The second conclusion is that
the use of N2O in place of O2 increased the threshold for Π. This is expected, since the presence of
nitrogen in the combustion gas reduces the concentration of oxidizing species. Similar findings are
reported by Bianchi and Nasuti regarding the difference in erosion rates when using N2O as an oxidizer
versus O2 [21].

Figure 12. Erosion onset factor is larger when using N2O as the oxidizer rather than O2.

59



Aerospace 2019, 6, 45

4. Conclusions

The propellant combination of nitrous oxide (N2O) and high-density polyethylene (HDPE) shows
promise for use in hybrid rocket apogee kick motors for the attributes of storability, non-toxicity, and
stable burning with minimal combustion oscillations. However, there has been very little research
published on the performance of hybrid rockets employing this propellant combination, and the
research that has been made available to the public is limited in scope and inadequate for serious design
considerations. This study introduces an improvement to well-tested non-intrusive data collection and
analysis methods called ballistic reconstruction techniques in order to cost-effectively collect data on
hybrid rockets using this propellant combination. The concept of this improvement is to introduce
time-resolved fuel mass consumption into the governing equations of characteristic exhaust velocity
and thrust, making it possible to simultaneously collect and evaluate time histories of the fuel regression
rate, combustion efficiency, and nozzle throat erosion. The results were a highly cost-effective test
series. With just six firing tests, the fuel regression rate could be correlated (a = 2.52 × 10−5; n = 0.76;
such that the regression rate is in units of m/s), the combustion efficiency transients and trends became
known (2 s transient; steady state values of 87% to 94%), and the erosion onset factor threshold was
shown to be 50% larger than in the case where O2 is used as the oxidizer. Moreover, now it is clearer
how the chamber pressure, equivalence ratio, and nozzle heating transients at the beginning of a burn
dictate when nozzle erosion is likely to begin.

Future implantation of the data reduction methodology introduced in this study will greatly
expedite the development of hybrid rocket projects using N2O/HDPE, including the apogee kick motor
being developed by the authors. Essentially, all key aspects of combustion can be examined with
a limited number of trials. This method may be especially helpful when studying the behavior of
long-duration firing tests, for which neither time-averaged analysis methods nor high-resolution direct
measurement techniques, such as X-ray radiography, are practical.
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Nomenclature

a,n empirical constants of Equation (9)
Ae nozzle exit area, m2

At nozzle throat area, m2

Cor dimensionless orifice flow coefficient
cp specific heat capacity of the nozzle, J/kg-K
c∗th theoretical characteristic exhaust velocity, m/s
de nozzle exit diameter
Dfu fuel outer diameter, m
dor orifice hole diameter, m
dt nozzle throat diameter, m
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EΠ,nΠ empirical constants of Equation (22)
F thrust, N
Gox oxidizer port mass flux, kg/m2-s
Isp specific impulse, s
k thermal conductivity of the nozzle, W/m-K
Lfu fuel length, m
Mfu fuel mass, kg
mfu fuel mass consumption, kg
.

m propellant mass flow rate, kg/s
.

mox oxidizer mass flow rate, kg/s
Pa atmospheric pressure, Pa
Pdw orifice downstream pressure, Pa
Pe nozzle exit pressure, Pa
Pt nozzle throat pressure, Pa
Pup orifice upstream pressure, Pa
Pv vapor pressure (of N2O), Pa
rfu fuel port radius, m
.
r f u fuel (port) regression rate, m/s
t time, s
tb burn time, s
Tw nozzle wall temperature
U experimental uncertainty
ue nozzle exit velocity, m/s
x,y arbitrary input, output
Δr radial mesh spacing, m
Δt time step or data recording interval, s
α thermal diffusivity of the nozzle, m2/s
η∗ efficiency of c∗th
γ specific heat ratio of combustion gas
λ thrust correction factor
Φ equivalence ratio
Π erosion onset factor
ρox oxidizer density, kg/m3

ψd nozzle throat diameter residual
ψF thrust residual
ψT thermocouple temperature residual
ξ oxidizer-to-fuel-mass ratio
Additional Subscripts
i radial node index in Equations (14) & (15)
o,f initial, final
w nozzle wall position
5mm, 8mm, 10mm thermocouples positioned 5 mm, 8 mm, and 10 mm from the nozzle throat
Π specifies property at the onset of nozzle erosion
Additional Superscripts
j time index in Equations (14) & (15)
Acronyms
CAMUI Cascaded Multistage Impinging-jet
CEA (NASA) Chemical Equilibrium with Applications
GFRP Glass Fiber-Reinforced Plastic
GTO Geostationary Transfer Orbit
HDPE High-Density Polyethylene
ISAS Institute of Space and Astronautical Science (Japan)
JAXA Japan Aerospace Exploration Agency
NASA National Aeronautics and Space Administration (USA)
NIST National Institute of Standards and Technology (USA)
NTRT Nozzle Throat Reconstruction Technique
PMMA Polymethyl Methacrylate
TTRT Throat Temperature Reconstruction Technique
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Abstract: The low regression rates for hydroxyl-terminated polybutadiene (HTPB)-based solid
fuels and poor mechanical properties for the alternative paraffin-based liquefying fuels make today
hybrid rocket engines far from the outstanding accomplishments of solid motors and liquid engines.
In this paper, a survey is conducted of several innovative methods under test to improve solid fuel
properties, which include self-disintegration fuel structure (SDFS)/paraffin fuels, paraffin fuels with
better mechanical properties, high thermal conductivity fuels and porous layer combustion fuels.
In particular, concerning HTPB, new results about diverse insert and low-energy polymer particles
enhancing the combustion properties of HTPB are presented. Compared to pure HTPB, regression
rate can be increased up to 21% by adding particles of polymers such as 5% polyethylene or 10%
oleamide. Concerning paraffin, new results about self-disintegrating composite fuels incorporating
Magnesium particles (MgP) point out that 15% 1 μm- or 100 μm-MgP formulations increase regression
rates by 163.2% or 82.1% respectively, at 335 kg/m2·s oxygen flux, compared to pure paraffin. Overall,
composite solid fuels featuring self-disintegration structure appear the most promising innovative
technique, since they allow separating the matrix regression from the combustion of the filler grains.
Yet, the investigated methods are at their initial stage. Substantial work of refinement in this paper is
for producing solid fuels to fulfill the needs of hybrid rocket propulsion.

Keywords: hybrid; regression rate; self-disintegration; HTPB; paraffin; low-energy polymer; magnesium

1. Introduction

Hybrid engines testing dates back to the very beginning of rocket propulsion development, both
in USA and Russia. The famous American pioneer Robert H. Goddard started his experiments by
injecting little quantities of graphite into a small combustion chamber, aiming at controlling burning
rate, achieving stop/restart capability, and avoiding the hazards of large amounts of fuel stored in
the combustion chamber. Because of the complexity of feeding powder into the combustor, Goddard
eventually turned to liquid propulsion and in 1926 was able to launch the first liquid rocket engine
reaching 14 m altitude, followed by 33 more launches up to 1941 [1]. The famous Russian designer
Sergei Pavlovich Korolev [2], in 1933, was able to reach 1500 m altitude with the maiden flight of the
GIRD-09 hybrid rocket engine (HRE) burning gelled gasoline and LOx.
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In spite of these very precocious activities, still today hybrid rocket propulsion is far from the huge
success later obtained by the companion liquid and solid rocket propulsion. In most cases, it happened
that only the solid and liquid rocket systems were developed to operational status. In fact, HRE found
applications for small-size engines, but still today no large-size engine exists able to compete with the
relative simplicity of solid propulsion or the superior performance of liquid propulsion. Yet, several
attempts were made. A first example is the study of high-energy space engines promoted by NASA in
the mid-1960s. United Technology Center-Chemical Systems Division (UTC-CSD) considered [1] a
hypergolic and very energetic reaction between Li and F2 by incorporating a mixture of Li+LiH in a
matrix of HTPB, while F2 was mixed with O2 to create the mixture F2+O2 (FLOx). The versatility of
hybrid propulsion easily allowed to optimize the performance of an otherwise traditional hydrocarbon
propellant system. The hybrid engine featured an 11-port wagon wheel solid grain. This system was
throttleable, burned smoothly, and exhibited impressive high performance with a specific impulse
efficiency of 93%, achieving a delivered vacuum specific impulse of about 380 s with a nozzle area ratio
of 40. A picture of the fire test was reproduced on the cover page of Aviation Week of 26 January 70.

A second example is the high-energy boosters for space launchers. Following the tragic accident
of the Challenger Space Shuttle solid boosters in 1986, NASA considered replacing them with hybrid
units aiming at increasing safety while decreasing the cost of space access. Two experimental programs,
Hybrid Technology Options Project (HyTOP) and Hybrid Propulsion Demonstration Program (HPDM),
were carried out for years at Marshall Space Flight Center (MSFC) in cooperation with Defense
Advanced Research Projects Agency (DARPA). But after intensive static fire testing of large hybrid
engines burning LOx/HTPB (8- or 15-port wagon wheel solid grain) capable of 1.1 MN thrust in
vacuum up to 80 s burning time, NASA gave up despite the potential advantages for safety, cost, and
versatility of propellant selection.

The difficulties that hindered the full-scale development of HRE essentially regard the solid-phase
fuel: in the classical hybrid formulations, this consists of HTPB (borrowed from composite solid
propellants), which has good mechanical properties but too low regression rates; the opposite is
true for the alternative paraffin-based liquefying fuels. Moreover, the intrinsic architecture of HRE
forces a macroscopic diffusion flame conducive to poor combustion efficiency compared to solid and
liquid rockets.

2. Literature Survey and Objective

After so much history, the “hybrid option” remains very attractive. The inherent safety in both
manufacture and operation (zero TNT equivalent, insensitivity to cracks and defects), low-cost and
thrust throttleability, and terminate/restart capability [3] make hybrid rocket engines an economical
alternative to suborbital flight, space tourism, small satellite orbital injection [4], booster and upper
stage [5], Lunar [6] and Mars lander spacecraft [7]. Unfortunately, the low regression rates of classical
hybrid fuels limit the motor thrust, resulting in complicated fuel grain design and scaling, because
of the low heat feedback (radial blocking effect and low thermal conduction of gasified products for
non-metallized or non-radiating fuel) from the thin diffusion flame to the fuel surface.

Methods for increasing the fuel regression rate mainly consist of improving the heat feedback
(nano-metallized fuels), fostering condensed phase reactions (using high-energy binder such as
Guanidinium Azo-Tetrazolate (GAT) [8] and Glycidyl Azide Polymer (GAP) to decrease heat of
degradation or adding ammonium perchlorate (AP) [9] to get oxygen-poor fuels), resorting to low
enthalpy of vaporization fuels like paraffin liquefying fuels [10–14] to promote a mass-transfer
mechanism, enhancing oxidation turbulence (swirling injector [9,15,16] or helicoidally shaped spikes
port injector [17]), designing multi-port grain (star and wagon wheel type or porous hybrid grains to
increase the burning area [18]) and applying more reactive oxidants (LO2-LF2 [19] and LO2-N2O [20,21]).
Kuo et al. [22,23] reported 105% and 123% increase in regression rate, at the average oxygen mass flux
Gox = 112 kg/m2·s, by adding respectively 13% in mass of Alex (100 to 150 nm aluminum) and Viton-A
coated Alex to a standard HTPB matrix. DeLuca et al. [24] found that introducing 11.2% in mass
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of AlH3 into an HTPB matrix promotes the regression rate of this fuels by 150% at Gox = 11 kg/m2·s.
Carmicino and Russo-Sorge [25] tested a laboratory-scale hybrid rocket burning gaseous oxygen
in a center-perforated cylindrical solid grain and, with respect to pure HTPB, verified for several
high-energy fuel additives limited effects in terms of regression rate increase (say, 15–20% based
on oxygen mass flux) but also a considerably high characteristic-velocity and impulse efficiencies
(around 95% and 92%). Karabeyoglu et al. [13,14] demonstrated 3 to 4 times higher regression rates
than those of conventional polymeric fuels for a class of paraffin-based fuels, suggesting its great
potential for high power HREs after solving the mechanical properties of paraffin.

In this framework, a series of innovative techniques is currently under investigation at Nanjing
University of Science and Technology (NUST) in order to overcome the solid fuel deficiencies so far
experienced. Shen et al. [26–32] verified new concepts such as:

1. Insert and low-energy polymer particles enhancing HTPB combustion.
2. Self-disintegration fuel structure (SDFS) [26–28].
3. Porous layer combustion fuels [29,30].
4. High thermal conductivity fuels [31].
5. Paraffin fuels with better mechanical properties [32].

In this paper, each of the above new concepts is discussed separately and representative results
are given for everyone. In addition, new experimental results are reported about the combustion
performance of HTPB loaded with low-energy polymer particles (item 1) and paraffin-based SDFS
fuels (item 2).

3. Experimental

The combustion characteristics of all tested fuels were examined in a gaseous oxygen flow by a
2D-radial hybrid combustion burner. All experiments were conducted at 1 MPa. Only the implemented
radial burner is quickly described in this section. Preparation, composition, and properties of fuels are
reported under the appropriate section headings that follow.

Combustion Characterization

The 2D-radial hybrid combustion burner (Figure 1) was previously described [26–32] and is based
on the original design by SPLab [33,34]. Gaseous nitrogen is used to stabilize the chamber pressure
during combustion and terminate the HTPB-O2 reaction after turning off oxygen, while compressed air
is used to save nitrogen before combustion and cool off the chamber after combustion. Gaseous oxygen
is axially injected into the fuel grain port (a center perforated cylinder) at a mass flow rate of 5 g/s,
controlled by a Bronkhorst F202 flowmeter. An automatic control system, which is equipped with a
logical circuit, a pressure transducer, four solenoid valves, and four electromagnetic relays, governs
the solenoid valves opening or closing every 30 ms to keep the combustion chamber in a quasi-steady
state. A charge (4.5 mm OD × 0.8–1.2 mm thickness) of B/KNO3 (40/60) which is fixed upstream of the
fuel grain port is activated by an Nd:YAG laser, followed by the ignition of the inner surface of the
cylindrical fuel grain under oxygen flow. A high-speed camera is used to record the regression process
of the inner burning surface upstream cross-section at 1500 fps.

The high-speed photographs are processed as ΔD(t) vs. t, Gox(t) vs. t, ṙ(t) vs. t, and ṙ(t) vs. Gox(t),
as discussed in detail in References [31,33,34]. ΔD(t) evolution is the diameter variation of the inner
burning surface of the regressing fuel grain at time t, Gox(t) is the oxygen mass flux (mass flow rate per
unit area, kg/(m2·s)) at time t, and ṙ(t) is the regression rate of the solid fuel at time t. The resulting
function ṙ(t) vs. Gox(t) is used to evaluate the combustion characteristics of the fuel under study. Finally,
the mass burning rate from the central port fuel grain is simply expressed as ṁ f (t) = Abṙ(t)ρ f , where
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Ab is the combustion surface area and ρ f the density of the fuel. For the regression rate, the classical
power law empirical formula of hybrid combustion, based on oxidizer mass flux, is typically used.

r f (t) = arGnr
ox(t)
(
t ≥ tign > t0

)
(1)

where the reference starting time t0 = 0 s is set, for each test, as the instant at which the external
ignition stimulus (laser on) is first applied to the primer charge while the ignition time tign = t0 + Δtign
is conventionally taken as the first instant at which the sample cross section appears fully inflamed.
Thus, the observed ignition delay Δtign includes laser activation, primer charge ignition, and fuel
sample inflammation. Assuming a quasi-steady burning regime has established, all plotted regression
rate curves start at tign and the investigated measurement range cover the whole combustion process
until extinction. In a log plot, nr is the slope of the regression rate straight line evaluated according to
Equation (1).

The 2D-radial burner is a lab scale tool and one of its advantages is the possibility of visual and
direct observation of the hybrid combustion process. Other 2D burners were designed and are in
use at SPLab implementing a simpler planar geometry consisting of a single or double solid fuel
slab [33,34]. Due to the different boundary conditions, the experimental regression rates differ for
each burner. For the standard HTPB fuel, under the same operating conditions (about 0.15 MPa for
the planar burners), the measured regression rates in the 2D-radial burner is 80% larger than that in
the companion 2D-double slab, in turn 26% larger than the corresponding 2D-single slab, the slowest
of the crop [33]. With reference to Figure 6 of Reference [25], results from the 2D-radial burner are
reasonably close to the line denoted as “HTPB Literature”. Other fitting expressions of the solid
fuel regression rate, for example, based on total mass flux as recommended in Reference [25], can
be implemented as well. Since a large number of results was obtained as above described at SPLab
and NUST, for consistency data processing is carried out in this work using Equation (1) based on
the oxidizer mass flux, as done in the vast majority of the literature. Moreover, keep in mind that the
2D-radial burner provides instantaneous values of regression rate, while data from engines are in most
cases space- and time-averaged.

Figure 1. Optical image of the 2D-radial hybrid propulsion burner system.
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4. Low-Energy Polymer Particles/HTPB

Although energetic ingredients are the preferred additives in conventional studies, insert and
low-energy polymer particles offer an additional method to enhance HTPB combustion. In this
work, previously unreported PE paraffin (low molecular mass polyethylene), oleamide, polydextrose,
and polyethylene glycol (PEG) particles are all additives with poorer combustion performance and
lower decomposition temperature than HTPB. PE paraffin is a commercial polymer which has a
lower regression rate than HTPB definitely [35]. Oleamide (–NH2 groups) particles reacting with
-OCN groups and reducing the mechanical properties of HTPB, potentially reduce the degree of
polymerization and decomposition heat. Polydextrose or PEG particles provide a certain amount
of oxygen and their surface contains very few –OH groups reducing mechanical properties only
very slightly. These four kinds of polymers are extremely low-cost (less than 1 $/kg), while HTPB
prepolymer needs 15 $/kg without considering the more expensive ingredients dioctyl adipate (DOA)
and isophorone diisocyanate (IPDI). The cost can further be reduced by introducing a certain amount
of polymer particles without lowering the regression rate.

4.1. Low-Energy Polymer Particles/HTPB Fuel Preparation

HTPB, IPDI, DOA, dibutyltin diacetate (TIN), and four kinds of polymer particles (PE paraffin,
oleamide, polydextrose, and PEG) are the raw materials used for sample preparation. HTPB was
purchased from Liming Research and Design Institute of Chemical Industry Co. (Luoyang, China).
with a number-average molecular mass of 2940 and –OH content of 0.787 mmol/g. IPDI, DOA and
TIN were obtained from Aladdin. The physical properties of PE paraffin, oleamide, polydextrose, and
polyethylene glycol particles are listed in Table 1.

Table 1. Physical properties of the tested polymer particles.

Polymer
Particles

Source
Molecular

Mass
Melting Point

(◦C, 1 atm)
Boiling Point

(◦C, 1 atm)
Density
(g/cm3)

HTPB [31] - 413 453 0.922

PE paraffin Dinghai Plastic Chemical
Co., Ltd. (Dongguan, China)

2000–5000 96 270 0.94

Oleamide 281.5 72–77 433.3 0.879

Polydextrose Weiduome Food Co., Ltd.
(Shen Zhen, China) Average–3200 153–158 410.8 1.587

PEG6000
Ipsen S.A.

(Boulogne-Billancourt,
France)

5500–7500 64–66 >250 1.27

The compositions of the tested polymer particles/HTPB composite fuels are tabulated in Table 2.
The preparation process of HTPB-based fuels was described in our previous studies [31] and is shown
in Figure 2. The cured HTPB was prepared at a ratio NCO: OH of 1.05. Briefly, the corresponding
content of HTPB was dispersed under vacuum (<5 kPa) with a blade mixer rate of 200 rpm for 10 min,
followed by DOA and TIN for 5 min. The resulting mixture was mixed with polymer particles for
20 min, followed by IPDI stirring for another 10 min. The uncured polymer particles/HTPB fuels were
cast into several molds to get 4–6 samples (16 mm OD × 4 mm ID × 30 mm length). The samples were
solidified at 36 ◦C in an oven for 23 h and a 2 h post-cure bake at 60 ◦C.

Table 2. Composition of the tested 0, 5%, 10%, and 20% polymer particles/HTPB composite fuels.

Fuel Name HTPB DOA IPDI TIN Polymer Particles

Pure HTPB 78.86 13.04 7.67 0.43 0%
5% Polymer/HTPB 74.91 12.39 7.29 0.41 5%

10% Polymer/HTPB 70.97 11.74 6.90 0.39 10%
20% Polymer/HTPB 63.09 10.43 6.14 0.34 20%
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Figure 2. Procedure for the preparation of polymer particles/HTPB (hydroxyl-terminated polybutadiene)
composite fuels.

4.2. Low-Energy Polymer Particles Morphology

The morphological features and diameter distribution of raw polymer particles were detailed
by Confocal Laser Scanning Microscope (CLSM, LEXT OLS3100, Olympus, Tokyo, Japan) on glass
substrates; see Figure 3. PE paraffin, oleamide, polydextrose, and PEG respectively have an average
diameter of 49.9 μm, 425.4 μm, 44.0 μm, and 182.0 μm.

 
Figure 3. CLSM (Confocal Laser Scanning Microscope) images of (a) PE paraffin, (b) oleamide,
(c) polydextrose, (d) PEG6000 particles.
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4.3. Low-Energy Polymer Particles/HTPB Composite Fuel Combustion

Figure 4 shows the regression state of 5% PE particles/HTPB composites during burning at t = 0
s (tign), 1 s, 2 s, 3 s and 5 s, respectively. The red circle represents the diameter of the initial internal
burning surface diameter (4 mm). The brightness of the 5% PE particle formulation image is darker
than HTPB, suggesting less energy release compared to HTPB and making difficult regression data
collection. From the viewpoint of cross-section diameters which were processed as ṙ(t) vs. t, the 5% PE
particle formulation shows a slightly enhanced regression rate compared to HTPB.

 
Figure 4. Photograph of regression process of pure HTPB (top) and polymer particles/HTPB (bottom)
fuels. All pictures were obtained at the same exposure and aperture.

The fuel density was calculated from the sample mass and dimensions. HTPB containing PE
paraffin (5%, 10%, and 20%), oleamide particles (5%, 10%, and 20%), 10% polydextrose, and 10%
PEG6000 particles have a density of 922 (pure HTPB), 925, 927, 931, 918, 917, 914, 980 and 958 kg/m3.
Compared to the HTPB matrix alone, the tested fuels reinforce the regression rate at Gox = 350 kg/m2·s
and Gox = 150 kg/m2·s, respectively, as shown in Figure 5 and Table 3. This indicates that the optimal
addition of polymers is 5% PE particles (up to ≈21% increase) and 10% oleamide particles (up to
≈17% increase), despite the insert polymer particles depress combustion performance in terms of
released energy.

Table 3. rf increase and fitting results of rf/Gox curves for polymer particles/HTPB composite fuels.

Fuel Name
rf Increase at

350 kg/(m2·s)

rf Increase at

150 kg/(m2·s)

Gox Range from 150 to
310 kg/m2·s R2

Pure HTPB - -
.
r f =

(
6.59× 10−4

)
Gox

1.043 0.970
5% PE paraffin 20.7% 4.2%

.
r f =

(
5.05× 10−4

)
Gox

1.112 0.970
10% PE paraffin 3.2% −21.1%

.
r f =

(
1.58× 10−4

)
Gox

1.255 0.971
20% PE paraffin −0.7% −11.3%

.
r f =

(
1.91× 10−4

)
Gox

1.267 0.970
5% oleamide 3.0% −15.5%

.
r f =

(
1.78× 10−4

)
Gox

1.257 0.970
10% oleamide 7.8% 2.9%

.
r f =

(
4.56× 10−4

)
Gox

1.116 0.970
20% oleamide 18.6% −25.4%

.
r f =

(
6.49× 10−5

)
Gox

1.441 0.971
10% polydextrose 10. 6% −14.1%

.
r f =

(
1.13× 10−4

)
Gox

1.350 0.976
10% PEG6000 21. 4% −19.0%

.
r f =

(
1.66× 10−4

)
Gox

1.277 0.970
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Figure 5. (a,c,e) Regression rate and (b,d,f) percent increase in regression rate vs. oxygen mass flux for
low molecular mass polyethylene (PE paraffin) (5%, 10%, and 20%)/HTPB, oleamide (5%, 10%, and
20%)/HTPB, 10% polydextrose/HTPB, and 10% PEG6000/HTPB composite fuels, respectively.

From the viewpoint of burning surface (Figure 6), 10% PEG formulation appears more uniform and
smoother with several holes which were left by PEG particles melting and flowing, while the melted and
partly pyrolytic HTPB reformed porous edge with gas and some black carbon products attaching on the
surface. Excess PEG particles are more susceptible to melting, pyrolysis and evaporation, resulting in
reduced heat feedback to the HTPB surface, blocking the regression rate of HTPB slightly and exposing
the poor combustion properties of polymer particles. 10% oleamide features a relatively large ar as well
as low nr and shows a better regression rate than 5% and 20%, suggesting a convenient compromise of
poor oleamide combustion performance and a relatively lower degree of polymerization. The oxygen
element in polydextrose and PEG particles yield no enhancement on HTPB regression rate due to the
pyrolysis and evaporation process into the flame zone, involving no condensed phase reaction.
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Figure 6. Images of (a) pure HTPB and (b) 10% PEG particles/HTPB composite fuel grains after
terminating combustion.

5. Self-Disintegration Fuel Structure (SDFS)/Paraffin

SDFS is a concept borrowed from composite modified double-base propellant [36] and new for
hybrid propellant burning, whereby the binder will release fuel particles from a block of composite
solid fuel over some critical threshold condition (for example, a melting temperature). Combustion
visualization shows a lot of burning granules of the implemented filler escaping from the burning
surface into the gas flow; see Figure 7. During combustion, the solid fuels disintegrate into many
small parts due to melting and decomposition of binder, and flow out with the sweep of oxygen flow,
realizing the structural self-disintegration phenomenon. The self-disintegration process needs less
energy and reaction time than the evaporation and thermal decomposition processes of conventional
fuels so that the mass transportation per unit time can greatly improve, and the regression rate and mass
burning rate will be enhanced. Thus, the scattering of particles associated with the self-disintegrating
matrix structure can promote propulsion performance.

Being subject to a variety of chemical and physical effects, the effect of the particle size is not
obvious: in general, large filler particles carry away more mass and volume from the regressing surface
when they escape into the gas flow, while small filler particles offer a better diffuse particle dispersion
and a more abrupt particle scattering. So far four cases were implemented; each is recalled in the
following subsections. Paraffin was used as a binder: Paraffin #90 in Reference [26] and Paraffin #58 in
References [27,28,32] and in this work; their main properties are shown in Table 4.

 
Figure 7. Self-disintegration mechanism of particle/paraffin composite fuels [28]. Copyright Begell
House (2017). Reproduced with permission.

73



Aerospace 2019, 6, 47

Table 4. Physical properties of the tested kinds of paraffin.

Fuel Name
Melting Point

(◦C)
Combustion
Heat (kJ/g)

Density
(g/cm3)

Compressive
Strength (MPa)

Tensile Strength
(MPa)

Paraffin #58 58.3 47.36 0.917 2.84 2.76
Paraffin #90 72.2 46.19 0.927 1.40 2.78

5.1. Polystyrene Particles/Paraffin Fuel Combustion

In the first attempt to realize an SDFS structure, inert low-energy polystyrene (PS) particles (D301)
were blended with paraffin #90 [26]. Two sizes of PS grains were tested: small (0.60–0.71 mm) and
large (0.85–1.00 mm) ones. The experimental trend of the associated SDFS fuel regression rate is the
same as that of pure paraffin, but its value is higher up to ~25% and increasing for growing PS particles
load in the range 5% to 15%. For the tested fuel formulations, the power nr decreases with increasing
particle size and thus it affects differently the regression rate values trends under high and low oxygen
mass flux. In general, for large Gox values, the small size PS grains revealed more efficient than large
size, and vice versa for low Gox values. Only for 15% PS load, the formulation with large particles
appears just slightly faster over the entire test range.

5.2. Double-Base Particles/Paraffin Fuel Combustion

In the second example of SDFS structure, active particles of double-base (DB) propellant were
blended with paraffin #58 [27]. Although the presence of solid propellant is not accepted in hybrids
for space exploration missions, this formulation is useful to check the validity of the SDFS concept.
The loaded DB particles were small cylinders with 0.28 mm average diameter and 0.65 mm average
length (ranging from 0.47 to 0.81 mm). During combustion, the settled particles are disaggregated from
the molten paraffin matrix and detached from the burning surface due to the oxidant flow blowing.
Over the range Gox = 50–350 kg/(m2·s), combustion runs show that the regression rates and the power
nr of all tested formulations raised monotonically with the loaded mass % of DB particles; see Table 5.
Moreover, the more content of particles the more splatter. The average regression rates of formulations
blended with 5%, 10%, 15%, and 20% particles in mass were increased by 30%, 38%, 47% and 59% with
respect to pure paraffin, respectively.

Table 5. rf increase and fitting results of rf vs. Gox for double-base (DB) particles/paraffin composite
fuels with 0, 5%, 10%, 15%, 20% DB showing increasing regression rate and slope nr for increasing DB
load [27]. Copyright Begell House (2017). Reproduced with permission.

Fuel Name Average rf Increase ar nr R2

Paraffin #58 - 0.048 ± 0.001 0.566 ± 0.004 0.917
5% DB 30% 0.045 ± 0.001 0.624 ± 0.005 0.895
10% DB 38% 0.040 ± 0.001 0.656 ± 0.006 0.875
15% DB 47% 0.039 ± 0.001 0.669 ± 0.006 0.889
20% DB 59% 0.033 ± 0.001 0.707 ± 0.006 0.884

5.3. Low-Density Polyethylene Particles/Paraffin Fuel Combustion

In the third example of SDFS structure, inert low-energy particles of low-density polyethylene
(LDPE) were blended with paraffin #58 [28]. Compared with pure paraffin, the average regression rates
of formulations blended with 5% and 10% LDPE particles increased by 9.0% and 22.2%, respectively.
However, for LDPE addition of 15% and 20%, the average regression rates were reduced by 5.5% and
13.2%, which was due to high melting point and high decomposition temperature of LDPE. Thus,
the regression rates first increased and then decreased with an increasing load of LDPE particles.

As to the effects of the particle size, see Table 6, the power nr of the regression fitting law decreased
with increasing particle size implying that small particles favor regression rates under high oxygen
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mass flux while large particles favor regression rates under low oxygen mass flux. For example,
the regression rates of fuels loaded with 15% LDPE particles, at Gox = 367 kg/(m2·s), increased by 21.0%,
11.2%, and –1.6%, respectively, moving from small (0.18–0.45 mm) to medium (0.45–0.75 mm) and to
large (0.75–1.00 mm) particles.

Table 6. rf increase and fitting results of rf vs. Gox for low-density polyethylene (LDPE) particles/paraffin
composite fuels, 15% LDPE showing decreasing slope nr for increasing particle size [28]. Copyright
Begell House (2017). Reproduced with permission.

Fuel Name
rf Increase at

367 kg/(m2·s)
ar nr R2

Paraffin #58 - 0.048 ± 0.001 0.566 ± 0.004 0.917
15% LDPE small 21.0% 0.002 ± 0.0001 1.140 ± 0.013 0.817

15% LDPE medium 11.2% 0.006 ± 0.0004 0.938 ± 0.012 0.848
15% LDPE large −1.6% 0.019 ± 0.001 0.732 ± 0.007 0.827

A significant finding is that comparing the combustion response of the same LDPE/paraffin
formulation, manufactured as an SDFS composite fuel rather than just a simple blend, points out quite
a different behavior in terms of regression rate. For example, for the kinds of paraffin with 5% and 10%
LDPE previously mentioned, the SDFS samples exhibit an increase of the average regression rate by
9.0% and 22.2% respectively, in marked contrast with the corresponding reduction by 39.0% and 58.9%
featured by the blend formulations; for details, see Section 8. Being the ingredients and formulations
the same, only the internal fuel structures are different. This discrepancy is direct proof that the SDFS
composite fuels can play an important role in promoting regression rates.

5.4. Magnesium Particles/Paraffin Fuel Preparation and Combustion

Two sizes of magnesium particles (1 and 100 μm) were chosen to analyze the effects on combustion
of composite fuels based on paraffin #58. Their main properties are listed in Table 7 while their
SEM images are shown in Figure 8. The tested MgP have high purity, and the specific surface area
of small particles is much bigger than that of large particles, indicating that the small magnesium
powders have higher reactivity and are easier to burn. Figure 9 shows optical microscope images of
the two MgP/paraffin composite fuels and Figure 10 shows two samples ready for combustion test.
The composition of the tested MgP/paraffin fuels is indicated in Table 8.

Figure 11 illustrates the regression process of magnesium particles/paraffin composite fuels and
the arrows point out the burning Mg particles which disintegrate from the paraffin matrix. As the
figure suggests, the structural self-disintegration of Mg particles/paraffin composite fuels was more
obvious under high oxidizer mass flow rate, and the flame of magnesium particles was bright which
shows high energy.

Table 7. Main properties of the tested magnesium particles.

Particle Size
(μm)

Active Content
(%)

Specific Surface
Area (m2/g)

Volume Density
(g/cm3)

Density
(g/cm3)

Crystal
Shape

1 99.9 18.75 1.17 1.70 sphere
100 99.9 3.64 3.95 1.70 sphere

Table 8. Composition of the tested magnesium particles/paraffin composite fuels.

Fuel Name Formulation (Mass Fraction/%) Density (g/cm3)

15% 1 μm-MgP 15% 1 μm Mg particles + 85% paraffin 0.957
15% 100 μm-MgP 15% 100 μm Mg particles + 85% paraffin 0.928
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1 m                                   100 m 

Figure 8. Scanning Electron Microscopy (SEM) images of small (a) and large (b) magnesium particles.

 
     15% 1 m-MgP                          15% 100 m-MgP 

(a) (b) 

Figure 9. Optical microscope images of small (a) and large (b) magnesium particles/paraffin composite fuels.

    15% 1 m-MgP                   15% 100 m-MgP 

Figure 10. Combustion test samples of small (a) and large (b) magnesium particles/paraffin composite fuels.
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Figure 11. Combustion surface regression process of small (top) and large (bottom) magnesium
particles/paraffin composite fuels.

The relationships between the regression rate and oxidizer mass flux of magnesium
particles/paraffin composite fuels are illustrated in Figure 12. As the figures show, the influence
of 1 μm-MgP on the combustion characteristics of composite fuels is quite different from that of
100 μm-MgP. The regression rate of formulation 15% 1 μm-MgP improved at high oxidizer mass flux
but markedly decreased with decreasing oxidizer mass flux. On the contrary, the regression rate of
formulation 15% 100 μm-MgP increased over the whole range of oxidizer mass flux and the increased
percent was little dependent on the oxidizer mass flux. At Gox = 335 kg/(m2·s), the regression rate
of formulations 15% 1 μm-MgP and 15% 100 μm-MgP increased by 163.2% and 82.1% with respect
to pure paraffin, respectively, while at 100 kg/(m2·s), the regression rate respectively changed by
−47.6% and 49.2%.
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Figure 12. rf vs. Gox (left) and percentage increase in regression rate (right) of magnesium
particles/paraffin composite fuels, at 1 MPa, pointing out a strong particle size effect. The dotted lines
are fitting curves according to the semi-empirical formula:

.
r f = arG

nr
ox(t).

The fitting results of rf vs. Gox for the two tested kinds of magnesium particles/paraffin composite
fuels are shown in Table 9. The nr of formulation 15% 1 μm-MgP is much larger than that of formulation
15% 100 μm-MgP, which indicates that the regression rate of composite fuel with small size magnesium
particles is significantly affected by oxidizer mass flux. The thermal properties of magnesium
particles were tested to analyze the influence of their particle size on the combustion performance of
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composite fuels. Figure 13 shows the differential scanning calorimetry/thermogravimetry (DSC/TG)
(TA instruments SDT600, Lindon, UT, USA) analyses in air flow of 30 mL/min, with a heating rate of
20 K/min: the small Mg particles have lower oxidation reaction temperature and active Mg content
than the big ones, which is due to their higher specific surface areas and higher reactivity, so that they
are easier to be oxidized.

Table 9. rf increase and fitting results of rf vs. Gox for magnesium particles/paraffin composite fuels,
15% Mg showing decreasing nr for increasing particle size.

Fuel Name
rf Increase at

335 kg/(m2·s)

rf Increase at

100 kg/(m2·s)
ar nr R2

paraffin #58 - - 0.048 ± 0.001 0.566 ± 0.004 0.917
1 μm MgP 163.2% −47.6% 3.22 × 10−5 ± 2.66 × 10−6 1.954 ± 0.016 0.907

100 μm MgP 82.1% 49.2% 0.049 ± 0.001 0.656 ± 0.006 0.887
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Figure 13. Differential scanning calorimetry/thermogravimetry (DSC/TG) results of small (dotted lines)
and large (continuous lines) Magnesium particles showing dependence on particle size. The curves
with sharp peaks are the DSC analyses.

According to combustion tests, small Mg particles can increase the regression rate much more
than the big ones under high oxidizer mass flux, because that small Mg particles have higher reactivity
which is beneficial to increase the thermal feedback during the combustion process. At the same time,
small Mg particles have better diffuse distribution in the paraffin matrix so that the dissociation and fly
apart phenomena are more obvious. However, with the decrease of oxidizer mass flux, the regression
rate of formulation 15% 1 μm-MgP reduced sharply below that of pure paraffin under 200 kg/(m2·s)
oxidizer mass flux. This is due to an excessive MgO barrier layer attached to the burning surface
(see Figure 14a) and blocking combustion rather than performing the structural self-disintegration
phenomenon. The above facts suggest that 100 μm-MgP is easier to fly into the oxygen flow during
paraffin melting while 1 μm-MgP is conducive to form an excess MgO barrier layer attached to the
burning surface and blocking combustion.
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       15% 1 m-MgP              15% 100 m-MgP 

Figure 14. Samples tubes after burning of small (a) and large (b) magnesium particles/paraffin
composite fuels.

6. Porous Layer Combustion Fuels

This is another way to increase the combustion area of the regressing solid fuel and/or the
reactivity of energetic particles (see the last paragraph). In composite solid fuels, a substance filler with
a low decomposition temperature to gas or a fast burning rate leaves holes in the initial matrix after
decomposition or burning, thus increasing the regressing surface area. For example, Azodicarbonamide
(ADCA) decomposes at 150–306 ◦C while HTPB decomposes at 417–591 ◦C, thus forming a certain
thickness of porous layer after the decomposition of ADCA particles, before HTPB melting and
pyrolysis, during the burning of the composite fuel. Experimental results for ADCA/HTPB [30] point
out the optimal level of 3% ADCA to enhance the regression rate and total thermal energy. Excess
ADCA shifts the HTPB-O2 reaction to a high temperature, as well as increases the blocking effect,
hindering heat transfer from the flame zone to the fuel surface and suppressing the combustion due to
low combustion heat. The ADCA 19.7% final decomposition (at 800 ◦C) residues hinders the complete
combustion reaction by intercepting the heat and oxygen from the diffusive exothermic reaction of
HTPB with O2. Another instance of accelerating porous layer is given by metal hydride particles,
typically containing large amounts of H2 that can be released at temperatures far below the combustion
temperatures. The released H2 can be used for combustion and the remaining base metal can further
react and combust, thus adding more thermal energy to the system. Experimental results in Table 10
and Reference [29] confirm a previously unreported porous layer mechanism of AlH3 improving
combustion. A 50 μm thickness porous layer in AlH3/HTPB melting layer, which is exposed by rapidly
released gas phase H2 transferring from AlH3 dehydrogenation during combustion, is determined
by SEM and other techniques. The results showed that the low AlH3 content (≤10%) promotes the
regression rate obviously, while excessive AlH3 content (≥20%) promotes only slightly as a result of
aggregated Al2O3 attached on the burning surface, AlH3 endothermic dehydrogenation step and the
blocking effect of the gaseous released H2. Nano- and/or micro-porous Al-crystals created by AlH3

dehydrogenation has a specific surface up to 15–20 m2/g, promoting the combustion processes. These
local porosity effects are useful for both solid and hybrid rocket propulsion, as already discussed in
References [37,38].
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Table 10. rf increase and fitting results of rf/Gox curves for AlH3 particles/HTPB composite fuels.
Copyright Elsevier (2019). Reproduced with permission.

Fuel Name
rf Increase at

350 kg/(m2·s)

rf Increase at

150 kg/(m2·s)

Gox Range from
150 to 310 kg/m2·s R2

Pure HTPB - - r f = 0.000222Gox
1.260 0.944

5% 40–80 μm AlH3 48.51% 47.89% r f = 0.0035Gox
0.806 0.971

10% 40–80 μm AlH3 85.75% 9.15% r f = 0.00179Gox
0.920 0.969

20% 40–80 μm AlH3 3.22% 14.79% r f = 0.00177Gox
0.886 0.969

5% 80–200 μm AlH3 37.70% 21.83% r f = 0.0021Gox
0.876 0.970

10% 80–200 μm AlH3 48.74% 69.72% r f = 0.00121Gox
0.999 0.968

20% 80–200 μm AlH3 14.71% 16.20% r f = 0.00121Gox
0.963 0.968

7. High Thermal Conductivity Fuels

Carbon nanotubes (CNT) act as an energy transfer media, accelerating the heat transfer and
combustion performance of HTPB. Multiwall carbon nanotubes HTPB/MWCNT composites create
a discontinuous three-dimensional heat conducting network due to their random orientation in
composites, transferring heat from the combustion zone to a melting layer. Regression rates of
HTPB-based solid fuels are expected to increase thanks to the enhanced thermal conductivity.

Since MWCNT tend to cluster into microscale aggregates, a uniform and stable dispersion was
obtained [31] by dispersing 20–40 nm OD of MWCNT and a surfactant in an HTPB-toluene solution
through high-energy ball milling, followed by toluene evaporation and isophorone diisocyanate (IPDI)
cross-linked solidification. By adding MWCNT from 0% to 3% in mass, the viscosity of the uncured
fluid MWCNT/HTPB composites is increased up to 964% at 120 ◦C; likewise, thermal conductivity
and density increase while the heat of combustion decreases. MWCNT react with oxygen at ~500 ◦C,
higher than the HTPB starting reaction temperature (~180 ◦C). Thus, MWCNT shifts the HTPB-O2

reaction temperature to a higher level.
Combustion tests carried out at the 2D-radial burner showed that HTPB containing 0.5%,

1%, 2%, and 3% MWCNT increase the instantaneous regression rate at Gox = 365 kg/(m2·s) and
Gox = 150 kg/(m2·s), respectively, as shown in Table 11. The best fitting results are summarized in
Table 11: the non-monotonic trends for both ar and nr parameters reflect the complexity of the burning
process. Overall, these experimental results suggest that the optimal level of MWCNT is 1% and
the addition of excessive filler (>2%) hinders the combustion characteristics of the HTPB/MWCNT
composites by heat dissipation, high viscosity of the melting layer, low thermal energy release and
high vaporization heat of excessive MWCNT agglomeration on the burning surface.

Table 11. rf increase and fitting results of rf/Gox curves for hydroxyl-terminated polybutadiene/carbon
nanotubes (HTPB/CNT) composites fuels [31]. Copyright Elsevier (2019). Reproduced with permission.

Fuel Name
rf Increase at

365 kg/(m2·s)

rf Increase at

150 kg/(m2·s)

Gox Range from
150 to 350 kg/m2·s R2

Pure HTPB - - r f =
(
2.22× 10−4

)
Gox

1.260 0.944
0.5% CNT 11.2% 27.0% r f =

(
6.77× 10−4

)
Gox

1.092 0.947
1% CNT 31.6% 25.0% r f =

(
2.10× 10−4

)
Gox

1.313 0.947
2% CNT −21.3% −26.4% r f =

(
1.12× 10−4

)
Gox

1.331 0.947
3% CNT −39.7% −36.6% r f =

(
1.85× 10−4

)
Gox

1.205 0.975

8. Paraffin Fuels with Better Mechanical Properties

Experimental results [32] show that the presence of additives usually decreases the regression
rate of paraffin-based fuels. Paraffin #58 loaded by simple blend with six different additives was
investigated: stearic acid, polyethylene wax (A-C®6A), ethylene-vinyl-acetate (EVA), low-density
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polyethylene (LDPE), polypropylene (PP), and high-density polyethylene (HDPE). Comparative
mechanical tests, thermal performance tests (melting point and DSC), viscosity measurements and
combustion tests were conducted for all fuels. With respect to pure paraffin, the presence of 5%
additives caused a decrease of regression rate for all mixed formulations except the one using stearic
acid. The reason is the effect of the additives augmenting the viscosity of the liquid molten paraffin,
while stearic acid decreased the mix melting point from 58.3 ◦C (pure paraffin) to 55.8 ◦C.

In order to obtain a suitable paraffin-based fuel with both good mechanical properties and
combustion performance, additives should be selected not increasing the melt liquid viscosity of the
compound. As a matter of fact, an exponential relation was found in Reference [39] which correlates
the regression rate of liquefying fuels with their liquid viscosity. Thus, the regression rate data of the
tested paraffin-based fuels could be related directly to the viscosity of the corresponding liquid fuel
samples and an increase in the liquid layer viscosity resulted in a decreased regression rate [32].

If the increase of viscosity can somehow be avoided, the detrimental effect on the regression rate
is canceled. This is exactly what happened for the LDPE particles tested in Section 5.3, where the SDFS
technique allowed paraffin to increase and not to decrease its regression rate, being the combustion
process of LDPE particles shifted from the condensed phase directly to the gas phase. A comparison of
the two manufacture techniques, a simple blend of the ingredients or SDFS composites, for paraffin
#58 loaded with 5% and 10% LDPE, is shown in Table 12. It is seen that the SDFS samples (resorting to
medium size LDPE particles) feature appreciably higher values of ar while nr is somewhat less.

Table 12. Fitting results of rf vs. Gox for LDPE/Paraffin fuels comparing 5% and 10% LDPE addition by
blend and by SDFS composites (M =medium particle size) [28,32]. Copyright Wiley (2017) and Begell
House (2018). Reproduced with permission.

Name
Average rf Increase

(100~350 kg/(m2·s))
ar nr R2

Paraffin #58 - 0.048 ± 0.001 0.566 ± 0.004 0.917
5% LDPE-M SDFS 9.0% 0.035 ± 0.001 0.646 ± 0.005 0.877

5% LDPE blend −39.0% 0.018 ± 0.001 0.673 ± 0.006 0.879
10% LDPE-M SDFS 22.2% 0.044 ± 0.001 0.622 ± 0.005 0.891

10% LDPE blend −58.9% 0.010 ± 0.001 0.710 ± 0.007 0.850

9. Concluding Remarks

After almost a century of progress [1–3], hybrid rocket propulsion still suffers the severe limitations
of inadequate solid fuel behavior, with conflicting trends of regression rate and mechanical properties.
This penalty hinders the development of large size HRE. Several innovative techniques to increase solid
fuel performance were discussed in this paper. Overlapping effects in terms of combustion phenomena
(for example, porosity for the SDFS approach) were not explicitly considered but intrinsically exist
and should be taken into account in developing the above techniques. Composite fuels featuring
self-disintegration structure (SDFS) [26–28] appears the best candidate approach to enhance regression
rates, as discussed in Section 5. A meaningful result is that illustrated in Table 12 comparing regression
rates for the same paraffin with the addition of 5% or 10% LDPE: dramatically different values
are measured according to the manufacturing technique (blending or SDFS composites). SDFS
leaves essentially unaltered the viscosity of liquid molten paraffin and therefore allows much higher
regression rates.

A common finding for the tested formulations is that the optimum mass fraction of non-active
filler or additive is in general relatively low and that an excess of it becomes quickly detrimental to
combustion performance. Being subject to a variety of chemical and physical effects, the influence
of particle size is more involved: in general, the power nr decreases with increasing particle size
and this affects differently the regression rate values trends under high and low oxygen mass flux.
A different trend was observed for DB/paraffin composite fuels because of the active nature of DB
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particles: both the regression rate and its slope vs. Gox increase with increasing DB load. Overall, best
results were achieved by an SDFS structure using Mg powder in a paraffin matrix. This finding is
somehow in agreement with the results obtained in small-scale hybrid engine fire tests [25], where
different loads of Mg (15% metal, 15% hydride, and a mixture 15% Mg + 1% Fe) produced the largest
increase of regression rate (about 12%, 14%, and 48%, respectively, based on total mass flux). Although
encouraging results were achieved, the investigated methods are still at their initial stage. Substantial
work of understanding and refinement in this paper is for producing solid fuels to fulfill the needs of
hybrid rocket propulsion. At any rate, validation by fire tests in a small-scale engine is a mandatory
step before attempting large-size HRE.
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Nomenclature

Roman and Greek symbols
ΔD diameter variation of the inner burning surface
Gox(t) oxygen mass flux, kg/(m2·s)
rf (t) regression rate at time t
Ab combustion surface area
ρ f density of the fuel
ar multiplicative factor in Equation (1)
nr power in Equation (1)
PEG polyethylene glycol
PE paraffin low molecular mass polyethylene
TIN dibutyltin diacetate
IPDI isophorone diisocyanate
PS polystyrene
DB double-base
LDPE low-density polyethylene
ADCA azodicarbonamide
2D two-dimensional
Acronyms
MgP Magnesium particles
HRE hybrid rocket engine
HTPB hydroxyl-terminated polybutadiene
TNT 2,4,6-Trinitrotoluene
AlH3 Aluminum hydride
SDFS Self-disintegration fuel structure
NUST Nanjing University of Science and Technology
OD outer diameter
ID inner diameter
IPDI isophorone diisocyanate
SPLab Space Propulsion Laboratory at Politecnico di Milano
CLSM Confocal Laser Scanning Microscope
SEM scanning electron microscope
DSC differential scanning calorimetry
TG thermogravimetry
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Abstract: The computational fluid dynamics of hybrid rocket internal ballistics is becoming a key
tool for reducing the engine operation uncertainties and development cost as well as for improving
experimental data analysis. Nevertheless, its application still presents numerous challenges for
the complexity of modeling the phenomena involved in the fuel consumption mechanism and its
coupling with the chemically reacting flowfield. This paper presents a review of the computational
thermo-fluid-dynamic models developed for the internal ballistics of hybrid rockets burning gaseous
oxygen with classical polymeric or paraffin-based fuels, with a special focus on the interaction
between the fluid and the solid fuel surface. With the purpose of predicting the local fuel regression
rate, which is the main parameter needed for the hybrid rocket design, the model is coupled with an
improved gas/surface interface treatment based on local mass, energy and mean mixture-fraction
balances, combined to either a pyrolysis-rate equation in the case of classical polymers, or to an
additional equation for the liquid paraffin entrainment fraction of the total fuel consumption rate.
A number of experimental test cases obtained from the static firing of two different laboratory-scale
rockets are simulated to determine the models’ capabilities, showing very good agreement between
the calculated and measured fuel regression rates with both standard pyrolyzing and liquefying
fuels. The prediction of the chamber pressure measured with paraffin fuel resulted in it being more
cumbersome for the single-phase flow assumption. The advantages and limitations of the models
are discussed.

Keywords: hybrid rocket; fuel regression rate; internal ballistics; computational fluid dynamics

1. Introduction

The hybrid rocket is a chemical propulsion engine in which the fuel and oxidizer are separated in
different physical states [1]. In the classical system configuration, the fuel is stored in the combustion
chamber in the solid state and a liquid or gaseous oxidizer is injected into single or multiple ports
obtained in the solid fuel grain. When the two propellants are ignited, a diffusive flame is formed in the
boundary layer developing in the grain port, relatively far from the fuel surface, and it is fed from the
outer side by the oxidizer, which is transported from the free stream by turbulent diffusion mechanisms,
and, from the inner side, by the products of fuel gasification and/or liquefaction (depending on the
nature of the fuel itself) which is sustained by the flame. The combusted mixture expands through an
exhaust nozzle, generating the required thrust.

In the last few years, a significantly growing interest has been addressed towards hybrid rocket
propulsion, thanks to its numerous advantages [2] relative to traditional solid and liquid systems,
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which include, among the main features, the re-ignition and throttling capabilities combined with the
possibility of employing environmentally sustainable propellants and, most importantly, its intrinsic
safety [3,4]. Although the potentialities of the hybrid rocket have been widely recognized to warrant
the renewed research efforts that are being devoted to its development, such propulsion technology
still raises challenging tasks.

Engine performance is governed by the rate at which the fuel is consumed, i.e., by the fuel
regression rate, as this determines the total mass flow rate and overall oxidizer-to-fuel mixture ratio,
which, for a given chamber pressure, controls the motor thrust and the ideal specific impulse. For
given operating conditions, the regression rate depends on the type of solid fuel employed. Fuels
typically burned in hybrid rockets are classical polymers, such as high-density polyethylene (HDPE),
hydroxyl-terminated polybutadiene (HTPB), and polymethylmethacrylate (PMMA), or polymers with
metal additives to improve the density impulse [5]. The fuel regression of these polymers is determined
by the ratio between the heat flux to the surface and the heat of the phase change, thus, it is limited
by the heat and mass transfer mechanisms occurring from the flame to the fuel wall. The blowing of
the fuel from the surface decreases the velocity gradient at the wall and the convective heat transfer
for the so-called blocking effect [6]. Owing to this sort of “counter-balance” between heat flux and
blowing, the regression rate marginally depends on the nature of classical polymeric fuels [6], and is
usually relatively small; consequently, the volumetric fuel loading efficiency may be too poor for
space applications.

Compared to conventional polymers, the consumption mechanism of paraffin-based fuels is
different and allows for a significantly larger regression rate. Karabeyoglu et al. [7] have shown that
these fuels display regression rates up to 3–4 times higher than those achieved with traditional hybrid
fuels. For this reason, a lot of studies have been focused on the type of materials that belong to the
class of the so-called liquefying fuels [8]. Their intrinsic characteristic is the onset of a thin liquid
layer on the fuel grain surface, which may become unstable at low viscosity and surface tension [9,10],
leading to the lift-off and entrainment of fuel liquid droplets or filaments into the main gas stream,
increasing the fuel mass transfer rate. This mass-transfer mechanism essentially does not depend on
the heat transfer to the surface and raises the fuel mass flow without entailing the consequent blocking
on gaseous fuel blowing. As a result, the overall regression rate can be considered to be composed
of two terms, one determined by classical fuel vaporization and the other by liquid entrainment.
The entrainment phenomenon is strongly susceptible to fuel composition, its manufacturing process
and the obtained thermo-mechanical properties, as well as to the engine operating conditions [11],
which makes the prediction of the combustion chamber internal ballistics even harder than in the case
of non-liquefying polymers. Hence, on the one hand, designers need to characterize the fuel with
extended experimental campaigns [12,13] and, on the other, to carry out rocket static firings to measure
the achieved engine performance.

Predicting the local, time-resolved fuel regression rate is one major challenge in the design of
a hybrid rocket. A number of models have been developed over the years to describe the hybrid
combustion mechanism, but often they lack some important aspects and/or fail in the prediction of the
experimental results [14,15]. The first hybrid combustion theory accounting for the main underlying
phenomena involved in the burning of classical polymeric fuels was developed in 1963 by Marxman
and Gilbert [6,16] and it still remains the starting point of design calculations and experimental
comparisons. Subsequent improvements [17] are, however, all based on the same assumption of a
turbulent boundary layer with chemical reactions occurring over a fuel slab burning in an oxidant
gas flow. Because of this fundamental hypothesis, those classical theories are unable to reproduce the
effects of complex flows, such as the recirculation ensuing from the oxidizer injection, which may have
a non-negligible impact even in standard-flow motors [18,19]. Analytical models later developed for
liquefying fuels [7,20] are essentially modifications of the classical hybrid boundary-layer combustion
theory for the entrainment mass transfer from the fuel grain and, consequently, yield the same limits as
the original theory.
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In this framework, the numerical modeling of the rocket internal thermo-fluid-dynamics, with
predictive capabilities of the fuel regression rate and overall engine performance, is becoming a key
tool both in the system design process and in the experimentally measured performance-analysis stage.
In fact, affordable computational models provide a quick detailed representation of the phenomena
governing the engine internal ballistics, on the one hand allowing for numerous motor optimization
trials and, on the other, reducing the need of expensive experimental testing.

This paper presents the computational fluid dynamic (CFD) models defined by the authors for
simulating the internal ballistics of a hybrid rocket burning either classical polymeric or paraffin-based
fuels with gaseous oxygen, with an eye to their evolution. The presentation starts with an overview of
the numerical techniques available in the competent literature and develops through the steps taken
up to the current level. Numerical results are summarized and compared to the experimental data
gathered by static firings of two laboratory-scale engines.

2. State of the Art of CFD Techniques for Rocket Internal-Ballistics Simulation

CFD approaches to the solution of the flowfield in the hybrid-propellant rocket chamber have
been considerably developed recently [21–23], but comprehensive models to describe the complex
interactions among fluid dynamics [24], solid fuel pyrolysis [25] or melting and entrainment [7], oxidizer
atomization and vaporization, mixing and combustion in the gas phase [26], nozzle thermochemical
erosion [27], particulate formation, and radiative characteristics of the flame [28] are still lacking and
numerical simulations are often considered only as a qualitative tool to afford the thermo-fluid-dynamics
of the rocket. Most of the effort has been addressed, so far, to classical non-liquefying fuels. A common
strategy is solving the Reynolds averaged Navier-Stokes (RANS) equations, with suitable turbulence
closure and combustion models. The latter models are essentially split into two categories: finite-rate
kinetics and mixing-limited combustion mechanisms. When the former philosophy is followed, usually
gas phase reactions are modeled by global reaction mechanisms because detailed chemical kinetics
would include many species requiring a huge computational cost and, based on the experience gained
by the authors, would probably not effectively improve the gas-surface interaction simulation [29,30].
Whereas, following the approach that chemistry is infinitely fast, the overall rate of the reaction is
controlled by turbulent mixing and the combustion can be described, for instance, with the eddy
dissipation model [31,32] or with chemical equilibrium and an interaction model between turbulence
and chemistry [33].

Justified by the fact that the chemical and fluid-dynamic characteristic times are much shorter than
the fuel-regression time scale, the steady-state solution of RANS equations is generally sought [34].
An acceptable method to study the hybrid rocket internal ballistics can, therefore, be simulating the
flowfield at different times in the motor firing by updating the fuel port diameter [26]. Nevertheless, a
single numerical simulation is often performed on the chamber geometry drawn at the time-space
averaged port diameter [29,30]. The cases in which the port section longitudinal non-uniformity is
considered are rare [35].

Depending on the specific target of the simulation, several techniques can be implemented; the fuel
regression rate can be, on the one hand, an input to the numerical simulation, for instance, when one is
interested in studying the propellant mixing and combustion processes in the motor [31] compared
to experimental data; or, maybe in a pre-screening stage, to make trade-offs among several oxidizer
injections and/or motor configurations as described by the authors in Reference [33]. In this latter case,
the simple mass flow inlet boundary at the fuel wall is sufficient and the problem is simplified. On
the other hand, the fuel regression rate is an outcome of the simulation and the proper fuel-surface
boundary conditions are required to allow for its calculation.

In particular, with classical polymeric fuels, an energy balance at the solid fuel interface with
gas, coupled with a semiempirical pyrolysis-rate relationship between the regression rate and
surface temperature, is used. Typically, the regression rate is modeled with a one-step irreversible
Arrhenius-type equation. Given a polymeric fuel, the laws of pyrolysis available in the open literature

89



Aerospace 2019, 6, 56

are widely scattered because of significantly different pre-exponential factors and activation energies.
However, by means of a sensitivity analysis conducted with HDPE, in Reference [36], it has been
demonstrated that there is no significant dependence of the calculated regression rate from the law of
pyrolysis adopted, provided that each variable is consistently taken from a single set of data.

The computational domain can include the actual prechamber geometry or just a simplification of
it [29,30] based on the assumption that, with a gaseous oxidizer, the real dump-plenum arrangement
does not have a significant impact on the results. Additionally, the postchamber can be assimilated to a
cylinder that is equal to the grain port if one is not concerned with the details of mixing the upstream
of the nozzle. In other cases, one may exclude the motor aft-mixing chamber and exhaust nozzle if the
chamber pressure and combustion efficiency are not under investigation [35]. In that case, the pressure
has to be an input to the problem and a pressure-outlet boundary condition is usually imposed.

When considering the energy balance at the wall for the regression rate calculation, other than
the convective heat transfer, the heat exchanged by radiation with the combustion gases may play a
non-negligible role for some polymers [36]; however, a clear conclusion has not been drawn yet.

The definition of a suitable and computational cost-effective strategy for liquefying fuels poses
further complications because, in principle, to successfully simulate the paraffin-fuel consumption,
two non-trivial tasks have to be accomplished. These are modeling, first, the formation, the breaking
up and the entrainment of the liquid film on the melting fuel surface; and, second, the transformation
of the melted fuel into a gaseous species participating in the combustion process. These demanding
efforts have probably discouraged researchers, so drastic simplifications are usually introduced, such
as giving the regression rate calculation away by assuming it from experiments [31,37–39], or limiting
the analysis to one-dimensional integral-differential models [40]. In other cases, by observing that
the melted paraffin wax is in the supercritical state under the hybrid rocket chamber characteristic
conditions (thus, surface tension vanishes and the sharp distinction at droplets surface between
gas and liquid phases disappear), the melted layer break up and, subsequently, the liquid paraffin
injection in the flowfield is disregarded, supposing that the entrainment is part of the turbulent mixing
process [41,42]. However, those models are not successfully validated, still displaying significant
deviations from the experimental data which, in some cases, are around 25% [42].

In the forthcoming sections, the physical and numerical models developed by the authors for the
calculation of the regression rate of both classical and liquefying fuels are presented, and a summary of
the main results obtained in several test cases is discussed with the complement of experimental data.
All the numerical simulations are carried out with a commercial fluid dynamic solver with ad-hoc
user-defined functions. The base numerical framework is firstly shown and, then, the details of the
different wall-boundary management are reported.

3. Physical and Numerical Models

3.1. Governing Equations

The RANS equations for single-phase multicomponent turbulent reacting flows are solved; note
that when dealing with liquefying fuels, the main underlying hypothesis here is that, being liquid
paraffin in supercritical conditions [42], its viscosity and diffusivity are close to those of a gas and the
diffusion processes are significantly faster than in the liquid phase, which, in a first approximation,
may allow for neglecting the two-phase flow. Hence, in both the cases of polymers and paraffin wax
burning, the fuel is supposed to enter the combustion chamber as 100% gaseous ethylene (which is
expected to be the main product of both the HDPE thermal pyrolysis and paraffin-wax decomposition).

The Favre-averaged (i.e., density-weighted) equations of continuity and momentum can be
expressed in Cartesian tensor form, with an understanding that repeated indices mean summation,
as [43]

∂ρ

∂t
+

∂
∂xj

(
ρũ j
)
= Sm (1)
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∂
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(ρũi) +

∂
∂xj
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ρũiũ j

)
= − ∂p

∂xi
+
∂τi j

∂xj
+

∂
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(
−ρu′i u

′
j

)
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where Sm is the mass source term, which, as will be explained later, is used to model the liquid fuel
mass entrainment occurring with paraffin wax. Here, the bar denotes conventional time averaging,
while the tilde denotes density-weighted averaging; τi j is the stress tensor that is defined as

τi j = μ

[(
∂ui
∂xj

+
∂uj

∂xi

)
− 2

3
δi j
∂uk
∂xk

]
(3)

where δi j is the Kronecker delta. Symbols with a prime indicate the corresponding quantity fluctuation.
The term Ri j = −ρu′i u

′
j, originating from the averaging operation, is known as the Reynolds stress

tensor, and it needs to be modeled.
The Shear Stress Transport (SST) turbulence model [44] has been employed for its improved

capability of predicting flows with separated regions. This is a combination of the robust and accurate
k–ωmodel, developed by Wilcox [45] in the near-wall region, with the standard k–εmodel implemented
away from the wall using a blending function. With the SST model, the transport equations of the
turbulence kinetic energy, k, and the specific dissipation rate, ω, are formulated as

∂
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in which the Reynolds stress is modeled using the Boussinesq approximation

Ri j = μt
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The turbulent viscosity, μt, is expressed as follows

μt =
ρk
ω

1

max
(
1; ΩF2

0.31ω

) (7)

where the function F2 is defined depending on the distance from the wall y, as

F2 = tanh
(
Φ2

2

)
(8)

with

Φ2 = max

⎛⎜⎜⎜⎜⎝ 2
√

k
0.09ωy

;
500μ
ρωy2

⎞⎟⎟⎟⎟⎠ (9)

The coefficient α is given by

α = γ
1/9 + Ret/2.95

1 + Ret/2.95
(10)

where Ret = ρk/μω is the turbulent Reynolds number. The blending function F1 takes the value of 1
on the wall and tends to zero at the boundary layer edge, being defined as

F1 = tanh
(
Φ4

1

)
(11)

with
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where CDkω is the positive part of the last term in Equation (5) (cross-diffusion term):

CDkω = max
(
2ρσω2

1
ω
∂k
∂xj

∂ω
∂xj

; 10−20
)

(13)

The model coefficients σk, σω, β, γ are defined by blending the corresponding coefficients of the
original k–ω model, denoted with the subscript 1, with those of the transformed k–ε model that are
denoted with the subscript 2:⎡⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎣

σk
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β
γ

⎤⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎦ = F1

⎡⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎣
σk1

σω1

β1

γ1

⎤⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎦+ (1− F1)

⎡⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎢⎣
σk2

σω2

β2

γ2

⎤⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎥⎦ (14)

All the model constants are listed in Table 1.

Table 1. The values of the Shear Stress Transport (SST) model constants [43].

Constant Value Constant Value

σk1 0.850 σk2 1.00
σω1 0.500 σω2 0.856
β1 0.075 β2 0.0828
γ1 0.553 γ2 0.440
β∗ 0.090

Assuming that the chemical kinetics are fast compared to the diffusion processes occurring in
the motor for the typical mass fluxes and chamber pressures considered here [46], the non-premixed
combustion of oxygen and gaseous ethylene is modeled by means of the Probability Density Function
(PDF) approach coupled with chemical equilibrium [47]. Accordingly, the combustion is simplified to
a mixing problem and the difficulties associated with closing non-linear reaction rates are avoided. In
fact, under the hypothesis of equal diffusivities for all chemical species and assuming that the Lewis
number is equal to 1, the species equations can be reduced to a single equation for the transport of
the mixture fraction, which represents the sum of the element mass fractions contained in the fuel
stream [48], f = 1/(1 + OF), where OF is the local oxidizer-to-fuel mass ratio for the equivalent
non-burning field. The density-averaged mixture fraction equation is

∂
∂t

(
ρ f̃
)
+

∂
∂xj

(
ρũ j f̃
)
=

∂
∂xj

⎛⎜⎜⎜⎜⎝ μt

Sct

∂ f̃
∂xj

⎞⎟⎟⎟⎟⎠+ Sm (15)

where Sct is the turbulent Schmidt number, which, for the hypothesis of the unity Lewis number, is
equal to the turbulent Prandtl number, Prt; the latter is assumed to be equal to 0.85.

For the closure model describing the turbulence-chemistry interaction, the variance of the mean
mixture fraction f̃ ′2 is introduced and an additional equation for this quantity is needed, which,
according to Reference [49], and making use of the relation between ω, k, and ε, is written as

∂
∂t

(
ρ f̃ ′2
)
+

∂
∂xj

(
ρũ j f̃ ′2

)
=

∂
∂xj

⎛⎜⎜⎜⎜⎜⎝ μt

Prt

∂ f̃ ′2
∂xj

⎞⎟⎟⎟⎟⎟⎠+ 2
μt

Prt

⎛⎜⎜⎜⎜⎝ ∂ f̃
∂xj

⎞⎟⎟⎟⎟⎠2 − 2β∗ρω f̃ ′2 (16)

The assumed shape of the PDF is based on the beta distribution [50]:

B( f ) =
f a−1(1− f )b−1∫ 1

0 xa−1(1− x)b−1dx
(17)
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in which the two parameters a and b are functions of the mean mixture fraction and its variance

a = f̃

⎡⎢⎢⎢⎢⎢⎢⎣ f̃
(
1− f̃

)
f̃ ′2

− 1

⎤⎥⎥⎥⎥⎥⎥⎦ (18)

b =
(
1− f̃

)⎡⎢⎢⎢⎢⎢⎢⎣ f̃
(
1− f̃

)
f̃ ′2

− 1

⎤⎥⎥⎥⎥⎥⎥⎦ (19)

Finally, the energy equation needs to be solved because the system is non-adiabatic (the heat is
exchanged at the fuel surface), which has an impact on the temperature and species of the reacting
flow at the chemical equilibrium. The enthalpy form of the energy equation is selected for the obvious
benefit connected with the equilibrium calculations; by neglecting the term of viscous dissipation
(the Brinkman number, Br = U2Prt/ΔHw, defined as the ratio between heat produced by viscous
dissipation and heat transported by turbulent conduction at the wall, is on the order of 5 × 10−3) as
well as the variation of pressure (which is approximately constant all over the combustion chamber
except through the discharge nozzle where, however, adiabatic walls are imposed), and combining the
conduction and species diffusion terms, the latter can be written as

∂
∂t

(
ρH̃
)
+

∂
∂xj

(
ρũ jH̃

)
=

∂
∂xj

⎛⎜⎜⎜⎜⎝ μt

Prt

∂H̃
∂xj

⎞⎟⎟⎟⎟⎠+ Sh (20)

where the source term Sh includes the volumetric heat of phase change. Here, the enthalpy of the fluid
mixture is defined as

H =
∑

j

Yj

⎡⎢⎢⎢⎢⎣H0
j

(
Tre f , j

)
+

∫ T

Tre f , j

cp, j(T)dT

⎤⎥⎥⎥⎥⎦ (21)

where Yj is the mass fraction of the j-th species and H0
j

(
Tre f , j

)
is its formation enthalpy at the reference

temperature Tre f , j.
Density-weighted mean temperature and individual species mole fractions are then obtained as

functions of f̃ , f̃ ′2 and H̃ as yielded by the following equation

ϕ̃ =

∫ 1

0
ϕ
(

f , H̃
)
B( f )d f (22)

where ϕ
(

f , H̃
)

represents the generic functional dependency of one of the above-mentioned parameters
on the mixture fraction and enthalpy, whereas the mean density is calculated as

1
ρ
=

∫ 1

0

B( f )

ρ
(

f , H̃
)d f (23)

Note that the enthalpy turbulent fluctuations are assumed to be independent of the enthalpy level
so that the selected PDF in Equation (17) does not change.

Chemical equilibrium conditions are calculated via the minimization of Gibbs free energy
algorithm [51] in a number of f̃ , f̃ ′2 and H̃ points at a specified value of the chamber pressure (which
here has been assumed equal to that measured), and a lookup table is constructed. Thus, once the
mean mixture fraction, its variance and mean enthalpy are calculated at each point in the flowfield,
the corresponding time-averaged species mole fractions, temperature and density are obtained by
interpolating the values in the lookup table. The densities are, then, scaled with the values of the actual
pressure field in the system.

Heat capacities, molecular weights, and enthalpies of formation for each species considered
are extracted from the solver chemical database; the specific heat is determined via the mixing law.
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Molecular dynamic viscosities and thermal conductivities of each species are calculated as functions of
local temperature, according to Reference [51].

3.2. Computational Domain and Boundary Conditions

Computational results presented in the following table refer to experimental firing tests performed
with two laboratory-scale hybrid rocket engines, one in the 200-N thrust scale and the other in the
1-kN class. The two engines have a similar design. They have axisymmetric combustion chambers.
A conical nozzle injector, whose exit-section diameter is 6 mm in the case of the smaller engine and
8 mm in the case of the larger one, has been employed to deliver gaseous oxygen into a single-port
cylindrical fuel grain. Upstream and downstream of the solid grain, a dump plenum and an aft-mixing
chamber are set up respectively. In both configurations, the combustion products are accelerated
through converging-diverging discharge nozzles. The main dimensions are summarized in Table 2.

Table 2. The computational domains’ characteristic dimensions.

Engine
Prechamber

Diameter
Prechamber

Length
Fuel Grain

Length
Postchamber

Diameter
Postchamber

Length

200-N scale 46 mm 25 mm 220 mm 40 mm 60 mm
1-kN scale 80 mm 65 mm 570 mm 80 mm 65 mm

For the flowfield axial-symmetry, numerical computations are conducted with two-dimensional
grids built in the internal volume of the combustion chamber components; examples of the grids
employed with two different scale engines are shown in Figure 1.

The prechamber of the smaller scale engine (Figure 1a) is subdivided into 40 × 90 grid cells in
the axial and radial directions, respectively; the grain port into 240 × 40 grid cells, the postchamber
into 80 × 90 cells and the nozzle into 60 × 40 cells; whereas in the larger scale engine (Figure 1b), the
prechamber and the postchamber are both subdivided into 60 × 110 cells, the grain port into 310 × 50
grid cells and the nozzle into 140 × 50 cells. Cells are clustered towards the grain wall in such a way to
ensure that the maximum value of y+ is around 1 ÷ 2 at the wall-adjacent cell all along the grain length.
Additional axial clustering of cells is placed in the regions near the grain inlet and outlet edges, and
near the prechamber, postchamber and nozzle inner surfaces. Grid sensitivity analyses assessing the
grid-convergence of the numerical results are reported in Reference [52].

On the inner surface of both the prechamber and postchamber as well as on the nozzle wall, no-slip
and adiabatic boundary conditions are imposed. At the injector exit section, a mass flow boundary
condition is prescribed along with the temperature (equal to 300 K), the oxygen mass fraction and the
turbulent quantities, and a supersonic outflow condition is set at the nozzle exit section for which all
the variables are extrapolated from the domain interior.
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(a) 200-N class hybrid rocket engine. 

(b) 1-kN class hybrid rocket engine. 

Figure 1. Examples of computational grid construction.

3.3. Gas-Solid Fuel Interface Modeling

The theoretical model formulation is completed by assigning the boundary conditions at the
interface between the gaseous flow region and the solid fuel wall, which can properly describe the
fuel consumption mechanism. The fuel surface is an inlet boundary along which the fuel mass
flux, the temperature and the mixture fraction depend on the regression rate that is an unknown to
be determined.

Now it is necessary to separate the case of classical polymers from the one of liquefying fuels. In
fact, while regardless of the type of fuel, the gas/surface interface treatment relies on local mass, energy
and mean mixture-fraction balances. In the former case, an additional pyrolysis rate equation is needed
for modeling the regression rate, whereas, in the latter case, a different formulation is introduced to
account for the entrainment of liquid paraffin from the unstable melt layer forming along the fuel
surface, which is the dominant consumption mechanism.

3.3.1. Classical Non-Liquefying Fuels

In the case of pyrolyzing fuels, since no material is removed from the surface in a condensed
phase (neither solid, such as in the case of fuel loaded with metal particles; nor liquid, as in the case of
paraffin wax analyzed later), the mass conservation at the gas-solid interface imposes that

(ρv)w = ρ f
.
r (24)

where ρ is the gas density at the wall and v is the normal-to-wall velocity component due to the
pyrolysis products injection; ρ f is the solid fuel density and

.
r is the local regression rate.

The energy balance at the gas-solid interface, taking into account the convective heat transfer
from the gas to the fuel surface, the steady heat conduction into the solid, and neglecting the radiation,
leads to the following relationship between the convective heat flux to the wall,

.
qw, and the regression

rate [29]
.
qw =

(
kg
∂T
∂n

)
w
= ρ f

.
r
[
Δhp + Cs(Tw − Ta)

]
(25)
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where n is the coordinate normal to the surface oriented from solid to gas, kg is the gas thermal
conductivity, Cs is the solid heat capacity per unit mass, Δhp is the so-called heat of pyrolysis, Tw is the
fuel surface temperature, and Ta is its initial temperature (which is assumed to be equal to the one of
the external surface of the fuel). The term in brackets at the right-hand side represents the effective heat
of gasification of the fuel, which accounts for the heat radially conducted into the solid grain, further
than for the heat of pyrolysis. Note that Equation (25), by properly defining the heat of pyrolysis,
implicitly takes into account the heat transfer to the wall by the species diffusion [30].

The fuel pyrolysis is, finally, modeled with the following Arrhenius-type equation [25]:

.
r = A· exp

(
− Ea

2RTw

)
(26)

where A is the pre-exponential factor, Ea is the activation energy and R is the universal gas constant.
The values of the constants appearing in Equations (25) and (26) considered for the HDPE fuel

grains analyzed in this work are summarized in Table 3. The density, specific heat and heat of pyrolysis
are taken from the work in Reference [53], while the values of the pre-exponential factor and the
activation energy from Reference [25] are obtained by modifying the activation energy to match the
surface temperature commonly observed in polymeric hybrid fuels (which is around 800 K) [54].

Table 3. The high-density polyethylene (HDPE) fuel properties and rate constants.

Density,
ρf, kg/m3

Specific Heat,
Cs, J/kg K

Heat of Pyrolysis,
Δhp, MJ/kg

Initial Fuel Temperature,
Ta, K

Pre-Exponential Factor,
A, mm/s

Activation Energy,
Ea, kJ/mol

950 2833 4.045 300 4.78·106 190

A dedicated treatment of the mean mixture-fraction boundary condition at the fuel wall is needed
as well. The fuel regression rate is typically low in hybrid rockets; therefore, on the one hand, the
normal convection of the fuel at the grain surface is relatively weak compared to the gas convection
in the cells near the boundary. On the other hand, the diffusive flux plays a dominant role in the
mixture-fraction transport near the grain surface where the species concentrations rapidly change,
so that a steep mixture-fraction gradient at the fuel wall is present. As a consequence, the simple
Dirichlet boundary condition, fw = 1, on the gas-fuel interface (which is equivalent to imposing that
the diffusion coefficient is equal to zero in the cells close to the fuel inlet boundary) is not adequate.
In fact, first, it would imply a non-exact evaluation of the gradients in this zone, and, in particular,
of the heat flux to the wall (which, for Equation (25), would produce a flawed regression rate), and,
second, an extra mixture fraction would be diffused into the flow affecting the global oxidizer to fuel
ratio and the chemical equilibrium properties, which eventually would lead to an incorrect estimation
of the characteristic exhaust velocity and chamber pressure. The correct solution to this problem is
considering an additional equation for the mean mixture-fraction balance at the gas-solid interface [55],
which, by rearranging Equation (15) at the wall, can be expressed as

(ρv)w fw −
(
μt

Sct

∂ f
∂n

)
w
= ρ f

.
r (27)

According to Equation (27), the total mass flux entering the gaseous domain due to the solid fuel
regression, which appears on the right-hand side of the equation and represents the production term,
is partially balanced by the convection and partially by the diffusion of the fuel mass fraction.

The balance of the mixture-fraction variance, f̃ ′2, at the wall is instead ignored and it is imposed
to be zero.

Note that Equations (25)–(27), upon substitution of Equation (24) into Equation (27) for the wall
mass flux, constitute a system of three algebraic equations for the three unknowns—regression rate, the
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surface temperature and the mixture fraction at the wall—which need the computation of the flowfield
at each iterative step to be solved.

The required level of mesh refinement near the grain surface allows for the resolution of the
viscous sub-layer, with the following boundary conditions for the turbulent kinetic energy and the
specific dissipation rate, respectively:

∂k
∂n

= 0, ωw =
6ρ
μβ

(
u∗
y+

)2
(28)

where u∗ =
√
τw/ρ is the friction velocity.

Both the source terms appearing in Equations (1), (15) and (20) are identically zero:

Sm = Sh = 0 (29)

As we will see in the forthcoming section, they are instead calculated in the modeling of the
paraffin-wax fuel combustion.

3.3.2. Liquefying Fuels

The boundary conditions for the turbulent quantities applied in this case are equal to those
described above for polymeric fuels.

The regression rate,
.
r, can be, now, assumed composed of two terms: the vaporization fraction,

.
rv,

that is generated by the liquid thermal decomposition and later vaporization into the gas stream, and
the entrainment fraction,

.
rent, that is related to the mechanical transfer of the liquid from the surface

melt layer
.
r =

.
rv +

.
rent (30)

A scheme of this peculiar fuel consumption mechanism is shown in Figure 2 in the case of the
supercritical regime: part of the molten fuel on the solid surface undergoes pyrolysis and part leaves
the surface in the form of a supercritical fluid that is entrained in the gas stream and burns farther from
the wall. More precisely, the molten paraffin wax will behave like a dense fluid which, for simplicity,
we call “liquid” and assume having the same properties as paraffin in the liquid state.

 
Figure 2. The liquefying fuel consumption mechanism schematic.

A set of equations is, thus, needed for the calculation of the regression rate and its two components,
along with the resulting fuel mass flow rates, whose solution is to be incorporated in the fluid dynamic
computation. As in the previous case, the mass, energy and mixture-fraction balances at the gas/fuel
surface boundary are formulated, with a difference that an additional equation for the calculation of
the entrainment component of the fuel mass flow rate is required.
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Following the arguments in References [7,54], by coupling the energy balance equations at both
the liquid-solid and gas-liquid interfaces (see Figure 2), at the steady state, the following relationship
of the total surface heat flux with the total and the vaporization regression rate is obtained

.
qw =

(
kg
∂T
∂n

)
w
= ρ f

.
r[Cs(Tm − Ta) + Lm + Cl(Tw − Tm)] + ρ f

.
rvL′v (31)

where ρ f is the solid fuel density, Cs and Cl are the specific heats of the solid and liquid fuels (which are
considered independent from the temperature here), respectively, Tm is the fuel melting temperature,
and Lm and L′v are the fuel heat of the fusion and the heat of pyrolysis, respectively.

Equation (31) represents the fact that the total heat flux transferred from the combusting gases to
the fuel surface must be equal to the sum of heat conducted into the liquid layer and the heat required
for the pyrolysis of the fuel vaporized fraction (the overall term in the square brackets and last term on
the right-hand side of Equation (31), respectively). Note that, for the finite thickness of the liquid layer,
the conductive heat flux at the liquid-gas interface is not equal to ρ f

.
rCl(Tw − Tm), which one might

accidentally expect by analogy with the heat conducted in the solid appearing in Equation (25).
In the subcritical regime, the wall phenomena are governed by the evaporation process and

L′v = Lv (Lv being the heat of vaporization) and the wall temperature is equal to the vaporization
temperature; whereas, in supercritical conditions, pyrolysis takes place on the surface. In the absence
of clear paraffin pyrolysis data, for the sake of simplicity, and also in the supercritical case, the heat
of vaporization reported in Reference [7] has been employed by neglecting the heat required for
the thermal degradation of paraffin into gaseous ethylene monomers. The wall temperature has a
significant influence on the fuel regression rate as it affects both the heat flux and the term Cl(Tw − Tm)

appearing in the wall energy balance, Equation (31). Compared to a purely pyrolyzing polymer, due to
the effect of the entrainment, the surface temperature is reduced [54]; however, this parameter can be
hardly determined and. in Reference [56], a sensitivity analysis was performed for which the value of
675 K is the one allowing for the best fit of the experimental data. An isothermal boundary condition is
set all over the fuel wall.

It is worth noting that regardless of the definition of the wall temperature and enthalpy (either
vaporization or pyrolysis) entailing the vaporization fraction of the regression rate, Equation (31)
produces a total regression rate that is marginally sensitive to the value of the enthalpy because. If the
vaporization regression rate is decreased for a larger vaporization enthalpy, the total heat flux to the
wall tends to rise and so does the entrainment fraction. This sort of balance is further explained later.

Material constants appearing in Equation (31) are listed in Table 4.

Table 4. Paraffin fuel properties.

Solid Fuel Density,
ρf , kg/m3

Specific
Heat Solid
Phase, Cs,

J/kg K

Specific
Heat Liquid

Phase, Cl,
J/kg K

Heat of Fusion,
Lm, kJ/kg

Heat of Vaporization,
Lv, kJ/kg

Melting Temperature,
Tm, K

Surface Temperature,
Tw, K

920(*) 2030(*) 2920(*) 167.2(*) 163.5(*) 339.6(*) 675

* Reference [7].

According to the approach described in Reference [7], the following semiempirical relationship
has been considered for modeling the entrainment component of the fuel regression rate as a function
of the rocket chamber operating conditions and of an entrainment parameter that lumps the liquid fuel
properties together:

.
rent = aent

G3

.
r1.5

(32)
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where G = 4
.

m/πD2 is the total mass flux in the local section of the grain port and aent is the entrainment
factor depending on the physical properties of the selected fuel, primarily on the fuel liquid viscosity,
and on the average gas density in the chamber as

aent ∝ 1
μlρ

1.5
g

(33)

Equation (33) is derived from a theoretical assessment of the surface liquid-layer fluid dynamic
stability; the main result is that the susceptibility of a given fuel to the instability increases with
decreasing viscosity and surface tension of the melt layer; the entrainment component of fuel regression
rate is, therefore, roughly inversely proportional to viscosity at the characteristic temperature of the
layer, while it depends directly on the dynamic pressure. A parametric analysis of the effect of the
entrainment parameter on the regression rate components is reported in Reference [56]. From this
analysis, the value of 2.1 × 10−13 m8.5s0.5/kg3 has been identified for the best fit of the experimental
data in the reference Test P4. The latter value, considering the different densities (average gas density
in Test P4 is 1.62 kg/m3) is in good agreement with the one reported in Reference [7].

Once Equations (30)–(32) are combined, given the heat flux to the wall and the total mass flux, the
three components of the fuel regression rate can be calculated. The fuel mass fluxes associated with the
vaporization and entrainment components, respectively, are obtained as follows

G f ,v = ρ f
.
rv (34)

G f ,ent = ρ f
.
rent (35)

Vaporization and entrainment components are handled differently.
The vaporization component is treated equally to the case of pyrolyzing fuels, considering the

mass and mixture-fraction balance equations at the grain wall, given by

(ρv)w = G f ,v (36)

(ρv)w fw −
(
μt

Sct

∂ f
∂n

)
w
= G f ,v (37)

This allows for correctly taking the blocking effect on the heat transfer to the wall into account,
while, as explained in the previous section, Equation (37) is needed to ensure the mixture fraction has a
global balance.

The entrainment mass flux does not contribute to the blocking effect, thus, a specific treatment
is adopted for the introduction of the entrainment component into the computational domain. For
the sake of simplicity, we assume that despite the entrained paraffin initially in the liquid phase
immediately gasifies because of the large combustion heat release. The local entrainment contribution
is uniformly assigned as a mass production term in the local volume of the grain port corresponding to
the surface cell of length Δx through which the fuel mass enters the fluid domain, πD2Δx/4:

Sm = 4
G f ,ent

D
(38)

In order to satisfy the species balance, an equal production term is assigned also for the mean
mixture fraction. Finally, the energy required by the pyrolysis of the liquid fuel mass flow rate is taken
into account by assigning a corresponding negative energy source term in the same volume:

Sh = −4
G f ,ent

D
L′v (39)
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Additionally, in this case, as the heat flux to the surface and the total mass flux needed for the
calculation of the regression rate are outputs of the flowfield resolution, which, in turn, depends on the
regression rate itself, an iterative procedure is needed for the problem solution.

3.4. Solution Strategy

In this context, steady-state solutions to the equations presented above are searched, even in
the case of transient simulations, as explained in Section 3.5. The equations are solved with a
control-volume-based technique and a pressure-based solver [57], i.e., Equations (1) and (2) are not
solved directly, but are combined to derive a pressure equation in such a way that the velocity field,
corrected by the pressure satisfies the continuity equation. The velocity and pressure fields are
simultaneously solved with a coupled algorithm. The diffusion terms are central-differenced and are
second-order accurate; the convective terms are represented according to a quadratic upwind scheme.
Convergence is obtained by iterating until the residuals drop by five orders of magnitude.

The solution procedure is approached through the following steps.
(1) Input the boundary conditions and a combustion pressure reference value; at the solid grain

wall, trial values of the unknown required variables are used.
(2) Computation of the look-up table containing the time-averaged values of species mass fractions,

density, and temperature as a function of mean mixture fraction, mixture fraction variance, and enthalpy
by means of the integrations in Equations (22) and (23).

(3) The solution of the mass, momentum, turbulence and flow mixture fraction equations,
Equations (1), (2), (4), (5), (16) and (20).

(4) Calculation of the spatial distribution of temperature, density and individual chemical species
mass fractions by interpolating the values in the look-up table.

(5) Scaling of the density field with pressure with respect to the reference value. Dependence of
the temperature and mixture composition on pressure is neglected.

(6) From the results of this simulation, the convective heat flux to the wall is evaluated, so that
Equations (25)–(27) in the case of standard polymers, or Equations (30)–(32) and (37) in the other case of
liquefying fuels, can be solved simultaneously to compute the new distributions of the variables along
the grain surface and, accordingly, the mass flux distribution either from Equation (24), or Equations
(34) and (35), respectively, along with the volume source terms in Equations (38) and (39) required in
the latter case.

Steps from (3) to (6) are then iterated by adjusting the local values of the mentioned quantities
until convergence is reached.

3.5. Fuel Port Diameter Update with Time

To capture the local regression-rate variations in the firing, transient simulations have been
attempted. Here, for transient simulation, a series of steady-state computations is intended, which are
carried out on different port sizes calculated over several instants in the firing by updating the fluid-solid
interface boundary. A quasi-steady approach is employed by neglecting the time-dependent terms in the
balance equations and boundary conditions in the time interval between two successive flow-domain
updates. This assumption is based on the consideration that the fluid dynamic characteristic time,
which can be assumed to be proportional to the diffusion time in the boundary layer, is shorter than the
time required for the thermal profile adjustment in the solid grain due to a change in the port diameter
and, thus, in the regression rate.

The displacements of the computational grid nodes are not uniform all over the grain length but,
rather, they vary according to the different calculated values of the regression rate. As the regression
rate is defined in the direction normal to the fuel surface, due to the local surface inclination, the
displacement of a generic point occurs along both the radial and axial directions.

Starting from a given port profile at the n-th time-step, defined by the axial and radial coordinates
xn

i , yn
i of the grid nodes (where the subscript i indicates the i-th node), a CFD simulation is carried out
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with the models described above in order to compute the fuel regression rate distribution
.
rn
(xi) at the

same time step. A forward Euler integration of the local regression rate is then carried out to calculate
the displacements after a fixed time-step, Δt = tn+1 − tn, which, for the i-th node can be expressed as

Δn
i =

.
rn
(xi)Δt (40)

By indicating with θn
i the local inclination of the fuel surface with respect to the axial direction in

the i-th node, which is equal to the angle between the direction normal to the surface and the radial
direction (see Figure 3), the coordinates of the node at the time tn+1 are calculated as

xn+1
i = xn

i − Δn
i cosθn

i (41)

yn+1
i = yn

i + Δn
i sinθn

i (42)

which allow reconstructing the new grain port profile.
Once the new distribution is calculated, the fluid domain geometry is consequently modified, the

computational mesh is adjusted to the new geometry and the steady-state numerical simulation at the
new time-step is performed.

Figure 3. The schematic representation of the i-th node displacement calculation.

4. Classical Polymeric Fuels: Numerical Results

In this section, the numerical results obtained with the model described in Section 3.3.1 for the
simulation of hybrid rockets burning classical polymeric fuels are presented.

4.1. Experimental Test Cases

Two motor firings, both performed by burning HDPE fuel grains with gaseous oxygen, are
considered here as test cases.

Test HDPE-1 was performed with the subscale 200-N thrust class rocket. The fuel grain was
220 mm long and the initial port diameter was equal to D0 = 15 mm. The firing duration was set to 12 s.
A graphite nozzle with a 9.6-mm throat diameter and an area expansion ratio of 2.99 was employed.

Test HDPE-2 was performed with the 1-kN thrust engine. The grain length was equal to
L = 570 mm and the initial port diameter was D0 = 25 mm; a 44 s firing duration was set in this case.
The large scale motor employed a copper water-cooled nozzle with a 16-mm throat diameter and
an area ratio equal to 2.5. A detailed description of the rocket engine setup and of the experimental
facilities can be found in Reference [58].

All the data averaged over the firings presented in this work have been obtained with the loss
mass method; the measurement uncertainty quantification followed the procedure in Reference [5].
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The average parameters measured in the two firings are summarized in Table 5. The overall mixture
ratio, O/F, is the ratio of the average oxygen mass flow rate to the average fuel mass flow rate in the
burn; the latter was calculated as the fuel mass loss divided by the burning time.

Table 5. The test operating parameters measured with HDPE fuel grains.

Test ID

Average
Oxidizer

Mass Flozw
Rate, g/s

Time-Space
Averaged
Grain Port
Diameter,

mm

Time-Space
Averaged
Oxidizer

Mass Flux,
kg/m2 s

Time-Space
Averaged

Regression
Rate, mm/s

Average
Overall
Mixture

Ratio, O/F

Postchamber
Pressure,

Bar

HDPE-1 27.0 ± 0.04 19.4 ± 0.05 92.5 ± 0.11 0.39 ± 0.04 5.44 ± 0.4 6.49 ± 0.65
HDPE-2(*) 210.4 ± 10 55.9 ± 0.65 84.8 ± 4.7 0.693 ± 0.013 3.09 ± 0.16 24.0 ± 0.021

* The different measurement uncertainties of the variables involving the oxidizer mass flow rate are due to the
different system for measuring the mass flow rate.

4.2. Internal Ballistics Steady Simulation: Comparison with Experimental Data

A single numerical simulation of the Test HDPE-1 has been carried out by considering the
time-spatially averaged grain port diameter measured in the burn (note that we call a steady simulation
one in which the port diameter is not updated across the firing); the results are discussed in this section.

Figure 4 shows the plot of the calculated temperature contour with the streamlines overlapped on
the top half (with respect to the axis of symmetry) and the fuel mass-fraction in the unburned mixture
isolines drawn on the bottom half. From this picture, all the main features of the internal flowfield can
be unveiled.

Figure 4. Test HDPE-1: The temperature contour plot with overlapped streamlines (top half) and
mixture-fraction isolines (bottom half).

The combustor inlet flow is dominated by the development of the oxygen jet emerging from the
axial nozzle injector (which is clearly distinguishable from the low-temperature region), which spreads
almost linearly up to the impingement point on the grain surface. Upstream of the impingement
point, in the entrance region of the grain, there is an extended recirculation region characterized by
a main, broad counter-clockwise-rotating (if seen from the top half) vortex that is bounded, on the
front side, by the zone of oxygen impingement. In the pre-combustion chamber, another large vortex,
clockwise rotating, is formed by delimiting the main one on the backside. Finally, also in the aft-mixing
chamber, a large trapped counter-clockwise-rotating vortex is formed, which further promotes the
propellant mixing.

As a result of the flow recirculation generated at the motor head end, the propellant mixing is
strongly promoted, and combustion takes place in the recirculation core; hot combustion gases are
transported from the grain entrance region back to the prechamber, where the temperature is very
high [5]. Downstream of the recirculation, the temperature distribution reflects the typical structure
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of a diffusion flame, with a narrow region close to the fuel surface where the near-stoichiometric
conditions are reached, and the temperature shows its maximum value. Anyway, as a consequence
of the relatively high turbulent kinetic energy determined by the different vortices, relatively high
temperatures also characterize the core flow.

Figure 5 shows a comparison between the computed fuel regression rate axial profile and the
measured data. Experimental points are obtained by sectioning the grain transversally in a number of
slices, and measuring the port diameter by means of a caliper; in each transversal section, the minimum,
maximum and the average of eight diameter measurements have been recorded; the corresponding
time-averaged regression rate is calculated by dividing the port radius variation in the firing by the
burning time.

 
Figure 5. Test HDPE-1: The comparison between the computed and measured regression rate axial profile.

The regression rate axial trend yields a peak for the oxygen jet impingement, followed by a
minimum point, after which it monotonically increases. This latter behavior is typical of the boundary
layer heat transfer, for which the heat flux increase due to the mass addition down the port becomes
dominant on the decrease due to the boundary layer growth from a certain axial distance.

Provided that a comparison is drawn between the regression rate calculated by simulating the
flowfield at the average port diameter and experimental data retrieved from the port shape measured
after the motor extinguishment, a good agreement is shown. The maximum deviation is yielded in
the zone of maximum fuel consumption where, however, the experimental uncertainty is maximum
because of the asymmetric consumption determined by the motor ignition device [35].

The numerical model is able to predict also the pressure measured in the aft-mixing chamber as
well as an indication of the combustion efficiency. The latter is defined in terms of the characteristic
exhaust velocity efficiency, η, as the ratio

η =
c∗
c∗th

(43)

where c* is the characteristic exhaust velocity estimated with the pressure, total mass flow rate and
nozzle throat area, At, either measured or numerically calculated

c∗ =
pcAt( .

mox +
.

m f
) (44)

and c∗th is the theoretical exhaust characteristic velocity obtained in adiabatic chemical equilibrium
conditions at the given overall mixture ratio with the CEA code [51]. The fuel mass flow rate is
calculated from the numerical simulations by integrating the fuel mass flux along with the fuel port;
O/F is, hence, obtained as the ratio between the prescribed oxidizer mass flow rate entering in the
computational domain and the total fuel mass flow rate. The calculated parameters with the relative
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deviations with respect to the measured values are reported in Table 6 and an excellent agreement
is obtained.

Table 6. Test HDPE-1: The computed average parameters and deviation with respect to the experimental data.

Parameter Numerical Results Deviation wrt Experimental Data

Average fuel regression rate, mm/s 0.384 −1.6% (*)
Overall mixture ratio, O/F 5.54 +1.6%
Aft-mixing chamber pressure, bar 6.60 +1.7%
c∗ efficiency 0.966 +1.1%

* Experimental regression rate to be intended as time-space averaged value.

4.3. Internal Ballistics Transient Simulation: Comparison with Experimental Data

It is clear that, although numerically simulating the flowfield in the hybrid rocket combustion
chamber at the time-space average port diameter in the burn is an efficient method to provide
meaningful details, as well as the time-space, averaged regression rate, a transient simulation, in the
sense specified above, is required to compute the O/F time shift and the fuel consumption distribution
at the end of the burn, especially when the regression rate axial profile is uneven and strongly depends
on the grain port geometry, as observed in Section 4.2.

The results of such a simulation carried out in the conditions of Test HDPE-2, by updating the
local port diameter in 22-time-steps of 2 s each according to the procedure described in Section 3.4,
are analysed.

Figure 6 shows the plots of the calculated temperature contours with the streamlines on the
top half and the fuel mass-fraction in the unburned mixture isolines on the bottom half, which
have been obtained at several time instants in the burn. First, note that the fluid domain enlarges
with the time step because, of course, the port opens up and its shape changes as well for the axial
regression-rate non-uniformity

In all the time frames, the oxygen jet spreading and the associated recirculation region in the grain
inlet portion can also be clearly seen in this larger-scale engine configuration. The recirculation region
at the motor start-up is confined to the prechamber, while, as the grain port enlarges, the oxygen jet
impingement point on the fuel wall moves downstream and the recirculation region becomes larger.

The numerical results confirm that the forward axial shift of the impingement point at each time
step, once the port diameter is known, can be easily estimated by referring to the characteristics of a
free jet ensuing from the injector with a spreading angle of 8 degrees, as observed in Reference [59].
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Figure 6. Test HDPE-2: The temperature contour plot with overlapped streamlines (top half) and
mixture-fraction isolines (bottom half).

The lateral boundaries of the computational domain shown in Figure 6 suggest that the maximum
fuel consumption is achieved in the recirculation region, nearly upstream of the impingement point.
Accordingly, the axial profiles of both the regression rate and local port diameter, displayed in
Figure 7, yield maximum points, which move downstream in the burn, for the jet impingement shift
described above.
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(a) Regression rate                                        (b) Fuel grain port diameter 

Figure 7. Test HDPE-2: (a) the regression-rate and (b) the fuel-grain port diameter axial profiles at
several time steps in the burn.

Moreover, because of the mass flux decrease, a reduction of the average regression rate can
be observed.

The average parameters computed with the numerical simulation are summarized in Table 7
along with the deviation with respect to the corresponding experimental data. A good agreement
between the numerical results and experimental data has been obtained, which validates the employed
model. The time-space averaged regression rate is fairly predicted with a deviation with respect to the
measured value of only 1.2%; note that, based on the definition of the average regression rate, the latter
coincides with the error on the postburn space-averaged port diameter prediction.

The numerically predicted average values of the mixture ratio and of the chamber pressure are
calculated as the ratio of the average oxidizer mass flow rate to the average fuel mass flow rate and as
the arithmetic mean of the chamber pressure over all the time steps, respectively. The numerically
predicted average combustion efficiency is calculated by means of Equation (44), considering the
average values of the chamber pressure and mass flow rates.

The prediction of the aft-mixing chamber pressure is affected by the maximum deviation of 5%,
which can be explained through the combined effect of the errors in the fuel mass flow rate (and,
consequently, in the overall mixture ratio) and combustion efficiency that both affect the chamber
pressure. Once the comparison is made in terms of the combustion efficiency, a better agreement is
obtained, with a deviation of 3.7%.

Table 7. Test HDPE-2: The computed average parameters and deviation with respect to the experimental data.

Parameter Numerical Results Deviation wrt Experimental Data

Postburn space-averaged port diameter, mm 85.8 −1.2%
Time-averaged overall mixture ratio 3.18 +2.9%
Aft-mixing chamber pressure, bar 22.9 −5.0%
c∗ efficiency 0.953 −3.7%

Test HDPE-2 allows for an assessment of the calculated local time-resolved regression rate. The
ultrasound pulse-echo technique was used to measure the local fuel web thickness and derive the
regression rate. One ultrasonic transducer was located around the chamber mid-span [60], whose axial
location along the grain is indicated in Figure 7.

Figure 8a shows the time trends of the local regression rate and port diameter. The numerically
computed regression rate fairly reproduces the characteristic behavior shown by the measured data for
which, around 25 s, there is a minimum consumption rate. This feature can be explained considering
that the regression rate initially decreases for the mass flux reduction, then, owing to the shift of the
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oxygen jet impingement point towards the probe location, the recirculation region enlarges and the
consumption rate increases (see also Figure 7a).

Additionally, despite the bias relative to the measured trend, the increase of the aft-chamber
pressure over the firing, which is due to the increase of the fuel mass flow rate, is well predicted
(Figure 8b). The nearly constant difference between the numerical and experimental curves is essentially
a consequence of the regression rate underestimation (see the deviation in O/F shown in Table 7), which
remains constant at the different time steps.

 
(a) Regression rate 

 
(b) Postchamber pressure 

Figure 8. Test HDPE-2: The comparison between the computed and measured (a) local regression rates
and port diameters; (b) the pressure and mass flow rates

5. Paraffin-Based Fuels: Numerical Results

The numerical model presented in Section 3.3.2 has been applied to the simulation of several test
cases obtained from the static firing of the sub-scale hybrid rocket burning paraffin-based fuels; the
results are discussed in this section.

5.1. Experimental Test Cases

Seven test cases are presented here, which were performed by varying the oxidizer mass flow
rate and the firing time, with the aim of achieving a significant range of the average oxidizer mass
flux, which is the main control variable in the hybrid rocket’s operation (see Table 8). Paraffin-based
fuel grains were made of a blending of a low-melting-point paraffin wax and a microcrystalline wax;
gaseous oxygen was axially injected in the grain’s single port. In all the firings, an exhaust nozzle
having the throat diameter equal to 10.7 mm and an area expansion ratio equal to 2.4 was employed.
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The details of the test campaign from which the experimental data have been gathered can be retrieved
in Reference [31].

Steady numerical simulations are carried out on the port geometry corresponding to the average
diameter in the burn and the imposing oxygen mass flow rate (both reported in Table 8).

Table 8. The test operating parameters measured with paraffin-based fuel grains.

Test ID

Average
Oxidizer

Mass Flow
Rate, g/s

Time-Space
Averaged
Grain Port
Diameter,

mm

Time-Space
Averaged
Oxidizer

Mass Flux,
kg/m2 s

Time-Space
Averaged

Regression
Rate, mm/s

Average
Overall
Mixture

Ratio, O/F

Postchamber
Pressure,

Bar

P1 16.0 ± 0.06 20.5 ± 0.29 48.38 ± 1.54 1.63 ± 0.22 0.77 ± 0.10 4.9 ± 0.005
P2 29.0 ± 0.68 25.0 ± 0.06 59.22 ± 1.66 1.79 ± 0.10 1.03 ± 0.07 8.0 ± 0.008
P3 38.0 ± 0.85 26.6 ± 0.16 67.83 ± 2.30 2.04 ± 0.13 1.10 ± 0.09 11.2 ± 0.011
P4 42.0 ± 1.35 27.1 ± 0.10 72.58 ± 2.83 2.29 ± 0.15 1.08 ± 0.10 12.9 ± 0.013
P5 55.5 ± 1.36 29.0 ± 0.04 83.75 ± 2.26 2.41 ± 0.17 1.26 ± 0.11 16.9 ± 0.017
P6 59.5 ± 1.66 28.0 ± 0.12 96.76 ± 3.48 2.73 ± 0.20 1.19 ± 0.10 18.4 ± 0.018
P7 60.5 ± 1.56 27.1 ± 0.10 105.22 ± 3.50 2.96 ± 0.23 1.20 ± 0.11 19.1 ± 0.019

5.2. Role of the Regression-Rate Entrainment Component

The primary difference of the paraffin-wax consumption mechanism with respect to the classical
polymer pyrolysis relies upon the liquid layer formation and entrainment in the gas stream. With the
aim of highlighting the role played by the entrainment component of regression rate on the flowfield,
two numerical test cases built with the input conditions of Test P4 (Table 8) have been considered.

First, an extreme case is analyzed in which the entrainment component is assumed to be zero, so
that the overall regression rate, as with a standard polymer, is only due to vaporization, i.e.,

.
r =

.
rv,

(Equation (32) is, thus, not considered), and it is compared to a second case in which the entrainment
term also is included in the calculations. In the second case, the entrainment parameter has been
assumed to be equal to 2.1 × 10−13 m8.5s0.5/kg3; the latter is the one allowing for the best fit of the
experimental data obtained in test P4 as discussed in Reference [56]. In addition, the calculations are
repeated with an HDPE fuel grain of equal dimensions by imposing an equal oxygen mass flow rate,
i.e., with the model described in Section 3.3.1.

Figure 9a shows the obtained fuel regression rates and Figure 9b, the corresponding surface heat
fluxes. Total regression rate and relevant heat flux have similar axial profiles. It is worth noting that, as
the heat requested for HDPE pyrolysis is larger than that used in Equation (31) for modeling paraffin
melting and vaporization (about 5500 kJ/kg against 1400 kJ/kg, respectively), in the first extreme case,
without considering the entrainment contribution, the regression rate (see the dark grey continuous line
in Figure 9a) is fairly higher than that obtained with HDPE (light grey continuous line in Figure 9a) at
equal oxidizer mass fluxes, despite the fact that the enhanced blocking effect determines a significantly
lower surface heat flux (see Figure 9b). However, the spatially-averaged regression rate obtained in
this case is equal to 1.11 mm/s, which is still significantly lower than the corresponding measured
value of 2.29 mm/s (see Table 8).

When the entrainment component is taken into account, the calculated regression rate is more than
doubled (see the black continuous line in Figure 9a) because, with the set of parameters considered here,
the most significant contribution is given by the entrainment itself (black dotted line), the vaporization
component (black dashed line) being smaller than the entrainment fraction. With the larger mass flux
due to the entrained fuel, as entrainment does not contribute to the heat-transfer blocking, the heat
flux is raised (see the black line in Figure 9b). In particular, in the fore end of the grain (up to about 80
mm), where the effect of the mass addition is low, the vaporization regression rate yields values similar
to the HDPE regression rate; accordingly, comparable equilibrium conditions between the heat transfer
and the mass blowing at the grain wall is obtained, and the heat flux profiles are similar, whereas,
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downstream of that point, for the largely increased mass flux due to the entrainment component, the
heat flux to the paraffin fuel surface significantly diverges from that achieved with HDPE.

   
(a) Regression rate                                       (b) Heat flux to fuel grain surface 

Figure 9. The comparison between the results obtained with and without considering the entrainment.

Figure 10 shows the two contour maps of the temperatures calculated with paraffin (considering
both vaporization and entrainment) and HDPE. It is worth noting that, in the case of paraffin fuel
burning, the recirculation region is smaller for the modeling of entrained paraffin mass that, as
mentioned above, is introduced in the port volume; the latter needs to be axially accelerated at the
expense of the oxygen jet momentum, which decreases and causes a larger jet spreading. For the same
reason, the hottest region in the flowfield of the HDPE grain port is attained close to the grain surface,
whereas, in the paraffin-fuel port, it rapidly extends into the core flow because of the significant fuel
mass addition largely due to the entrainment.

(a) Paraffin fuel 

(b) HDPE fuel 

Figure 10. The temperature contour plots with overlapped streamlines (top half) and mixture-fraction
isolines (bottom half), (a) paraffin fuel, (b) HDPE fuel.
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5.3. Comparison between Numerical and Experimental Results

The firing tests presented in Section 5.1 have been simulated for the sake of model validation.
The entrainment parameter used in each test case has been obtained by scaling the reference value

of 2.1 × 10−13 m8.5s0.5/kg3, identified for the best fit of the experimental data in Test P4, with the ratio(
ρ∗g/ρg

)1.5
, where ρ∗g is the average gas density in the grain port calculated in Test P4 and ρg is the

corresponding value calculated in the analyzed test case. This allows for considering the dependence
of the entrainment parameter on the average gas density as prescribed by Equation (33).

Figure 11a shows the calculated fuel regression rates averaged along the grain compared with
the measured time-space averaged ones; the maximum deviation of 11% is reached at the minimum
mass flux (Test P1 in Table 8). The numerical prediction improves with higher mass fluxes, showing
excellent agreement at the largest mass fluxes where the deviation is only 0.3% (still lower than that
accepted at the reference, Test P4).

   

(a) Regression rate                                       (b) Postchamber pressure 

Figure 11. The comparison between computed and measured (a) regression rate, (b) pressure.

In Figure 11b, the calculated chamber pressures in the whole set of test cases are compared with
the measured values; data are retrieved in the rocket aft-mixing chamber. All the calculated pressures
are overestimated by at most 10% except those of Test P1 and Test P2, whose deviations from the
measured data fall around 20%. A detailed analysis of the factors of deviation between the computed
and measured pressure is addressed in Reference [56]. However, the displayed deviation trend can be
explained by observing that the critical pressure of paraffin wax is 6.5 bar [42] and that the chamber
pressure attained in the test with the largest deviation is lower than the critical pressure (see Table 8).
The agreement with experiments is improved as the pressure increases with the mass flux. In fact,
below the critical pressure, neglecting the effects of the entrained liquid paraffin dynamics is a much
less suitable assumption.

6. Conclusions

A review of the computational thermo-fluid-dynamic models developed by the authors for
the simulation of the internal ballistics of a hybrid rocket burning either classical polymeric or
paraffin-based fuels with gaseous oxygen is presented along with some basic results compared to the
experimental data.

The theoretical approach consists in solving the single-phase RANS equations with two additional
transport equations for the average mixture fraction and its variance combined to the PDF combustion
model and thermochemical equilibrium. In addition, for the prediction of the fuel regression rate, two
integrated sub-models that are able to describe the interaction between the gaseous flow and the grain

110



Aerospace 2019, 6, 56

surface depending on the nature of the fuel itself—non-liquefying or liquefying—were implemented.
The gas/surface interaction modeling is based on the local mass, energy and mixture-fraction balances,
regardless of the type of fuel, but specialized treatments were needed to cope with the different
consumption mechanisms of classical polymers and liquefying fuels. In the former case, a pyrolysis
rate equation correlating with the regression rate to the surface temperature was included for predicting
the fuel burning rate; whereas, in the latter case, an equation relating to the additional regression rate
fraction (which originates from the liquid entrainment phenomenon) with the total mass flux and the
total regression rate through an entrainment parameter, was implemented.

A procedure for the grain port local section evolution in the burning was also defined, accounting
for the regression rate axial unevenness.

A series of test cases gathered from the static firings of two different laboratory-scales hybrid
rockets that were burning gaseous oxygen and HDPE or paraffin-based fuels were numerically
reproduced in order to assess the numerical model capability of predicting the regression rate and
chamber pressure. With this purpose, on the assumption that combustion is limited by turbulent
diffusion (and, thus, the combustion efficiency is governed by the mixing of propellants), the flow
recirculation occurring upstream and downstream of the fuel grain needs to be simulated; accordingly,
the computational domains were built on the exact thrust chamber geometry including the real pre-
and post-chamber configurations and the exhaust nozzle.

Two tests with HDPE were analysed: one on the small-scale engine in which a steady simulation
was carried out to compare the regression rate axial profile, and another with a larger-scale rocket in
which an unsteady simulation allowed for making a comparison with the local time-resolved regression
rate and chamber pressure that was experimentally measured. The model has been demonstrated
to capture (not only from a qualitative standpoint) the fundamental features of the motor internal
ballistics, which involve flow recirculation at the grain port inlet with the characteristic heat transfer
mechanism, leading to a point of maximum regression rate that shifts downstream during combustion.
The calculated regression-rate time trend, despite the relatively large time step of the port diameter
integration, fairly reproduces the change of the wall heat transfer consequent on the recirculation
region dynamics.

Seven firing tests with paraffin-based fuels were reproduced with steady simulations to evaluate
the approach formulated to model the entrainment fraction of the regression rate, which is based on
two main considerations: first, at a combustion pressure larger than paraffin critical pressure, one
may disregard the fact that a significant fuel fraction is injected in the main flow in the liquid state
by retaining the key aspect that the entrained fuel does not contribute to the heat transfer blocking;
second, the entrainment parameter given the fuel formulation only depends on the mean gas density
in the port.

In all the analyzed cases, a satisfactory agreement between the calculated regression rates and
chamber pressure with the relevant measured data is obtained.

In particular, the chamber pressure is predicted with lower accuracy; a more accurate prediction
likely requires modeling the two-phase flow dynamics ensuing from the melted paraffin injection into
the chamber, which is the subject of future developments.
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Nomenclature

aent = entrainment parameter, m8.5s0.5/kg3 Greek Symbols

A = pre-exponential factor, mm/s B = probability density function
Br = Brinkman number Δ = node displacement, m
C = specific heat, J/(kg·K) Δhp = fuel heat of pyrolysis, J/kg
c∗ = characteristic exhaust velocity, m/s ΔHw = total enthalpy difference between flame and wall, J/kg
D = fuel grain port diameter, mm Δx = surface cell length, m
D0 = fuel grain port initial diameter, mm ε = turbulence dissipation rate, J/(kg·s)
Ea = activation energy, J/mol θ = fuel surface local inclination, rad
f = fuel mixture fraction μ = viscosity, kg/(m·s)
f ’2 =mixture fraction variance μt = turbulent viscosity, kg/(m·s)
G =mass flux, kg/(m2·s) ρ = density, kg/m3

H = total specific enthalpy, J/kg ρg = average gas density in the grain port, kg/m3

k = turbulent kinetic energy, m2/s2 τ = stress tensor, kg/(m·s2 )
kg = gas thermal conductivity, W/(m · K) η = c∗ efficiency
Lm = heat of fusion, J/kg ω = turbulence specific dissipation rate, 1/s
Lv = heat of vaporization, J/kg ϕ = generic function of enthalpy and mixture fraction
.

m =mass flow rate, kg/s Ω = vorticity vector magnitude, 1/s

n
= normal-to-surface coordinate oriented
from solid to gas, m

OF = local oxidizer-to-fuel mixture ratio
O/F = average overall mixture ratio
p = pressure, Pa Subscripts

pc = chamber pressure, Pa ent = entrainment component
Prt = turbulent Prandtl number f = fuel
.
q = heat flux, W/m2 l = liquid fuel
.
r = regression rate, mm/s s = solid fuel
R = universal gas constant, J/K·mol th = theoretical
R = Reynolds stress tensor, kg/(m·s2) v = vaporization component
Ret = turbulent Reynolds number w = fuel surface
Sct = turbulent Schmidt number
Sm =mass source term, kg/(m3·s)
Sh = energy source term, J/(m3·s)
t = time, s Superscripts

T = temperature, K − = time average
Ta = room temperature, K ~ = Favre average
Tm =melting temperature, K ’ = fluctuation
Tv = vaporization temperature, K
u = gas velocity, m/s
U = gas mean velocity in the port, m/s

v
= gas velocity component normal to
surface, m/s

x = generic coordinate, axial coordinate, m
y = distance from the wall, m
y+ = dimensionless wall distance
Yj =mass fraction of the j-th species
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Abstract: Despite the fact that hybrid propulsion offers significant benefits, it still suffers from some
limitations such as the natural oxidizer to fuel ratio shift which induces variations of the engines’
performances while operating. To overcome that issue, Japan Aerospace Exploration Agency (JAXA)
has been studying an innovative concept for several years based on the combination of controlled
axial and radial oxidizer injections, called altering-intensity swirling-oxidizer-flow-type engine. This
type of motor is theoretically capable of managing both the thrust and the oxidizer to fuel ratio
independently and instantaneously by using a feedback control loop. To be effective, such engines
would require in-flight instantaneous and precise thrust and an oxidizer to fuel ratio measurements
as well as an adapted feedback control law. The purpose of this study is to investigate the effect of
measurement errors on the engine control and to propose a regulation law suitable for these motors.
Error propagation analysis and regulation law are developed from fundamental equations of hybrid
motors and applied in a case where resistor-based sensors are used for fuel regression rate measurement.
This study proves the theoretical feasibility of hybrid engines feedback control while providing some
methods to design the engine and regression rate sensors depending on the mission requirements.

Keywords: hybrid rocket propulsion; swirl oxidizer injection; feedback loop control; error
propagation analysis; resistor-based sensors

1. Introduction

While new applications and constraints have arisen in the field of space transportation in the last
decade, hybrid propulsion has been actively investigated worldwide for its benefits in comparison
with other chemical engines. The technology is mature enough that the space industry is starting to
invest and develop applications based on it. These engines offer significant advantages [1]: they are
green propellant-based and have good propulsive performances with a relative simplicity and low
costs. The safety level is higher than with other types of chemical engines since the propellants are
non-explosive and stored separately. Moreover, hybrid engines can be throttled, reused, and ignited or
extinguished several times.

Despite these benefits, hybrid engines suffer from some disadvantages [1] that can be addressed
with more or less difficulty. The fundamental difference with other types of chemical propulsion comes
from the nature of the combustion which occurs through a diffusion flame located in the turbulent
boundary layer close to the fuel grain surface [2]. As a consequence, the fuel regression rate in hybrid
motors depends on the heat transfers at the fuel grain surface, which are not directly controllable,
and is a function of the mass flux in the combustion chamber. The fuel regression rate in hybrid engines
is generally low, which means it may be difficult to obtain high thrust levels. The diffusion-limited
combustion is the source of relatively low combustion efficiency due to a lower degree of propellants
mixing. Moreover, the increase of the grain port diameter during the combustion causes an O/F
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(oxidizer to fuel ratio) shift and some performance modifications. Finally, like all chemical rocket
engines, hybrid motors can suffer from pressure oscillations and instabilities that can be provoked by
different phenomena such as combustion, acoustics, hydrodynamics or hybrid intrinsic behavior.

These fundamental issues have been investigated and solutions do exist depending on the
mission and engine configuration. Although a low regression rate may be interesting for long duration
and low thrust missions, a higher regression rate can be obtained by using liquefying fuels [3,4].
By increasing the residence time of propellants and improving their mixing, swirl oxidizer injection
enhances the combustion efficiency making the hybrid engine competitive regarding that aspect [5,6].
Moreover, the vortex motion of the flow tends to stabilize the combustion and reduces pressure
oscillations. In order to overcome the O/F shift due to the fuel regression, several options are possible
such as maintaining a constant fuel-burning surface during combustion [7], adding an oxidizer
aft-injection [8,9] or using an A-SOFT (Altering-intensity Swirling-Oxidizer-Flow-Type) engine [10]
described in Figure 1.

Figure 1. A-SOFT (Altering-intensity Swirling-Oxidizer-Flow-Type) concept with dual front oxidizer
injections [10].

The oxidizer mass flow rate influences the regression rate but also plays a major role in the thrust
of the engine. As a consequence, to properly manage both the thrust and the O/F ratio in hybrid
rockets, two control variables are required. In A-SOFT engines, these variables are the total oxidizer
mass flow rate and the effective swirl number, which can be viewed as a ratio between axial and
radial oxidizer momentums or more simply as the swirling intensity of the flow. In practice, these
variables are manipulated through the use of axial and swirl injectors. The swirl oxidizer injection
increases the regression rate compared to the non-swirled case [6,11] and an A-SOFT engine uses this
effect to control the fuel regression rate and hence the O/F ratio. An ideal A-SOFT motor should
be capable of managing the thrust and O/F ratio independently and instantaneously in a feedback
control loop to adapt to any required thrust profile while maintaining an optimal operating O/F
ratio. The concept has been studied within the Hybrid Rocket Research Working Group in Japan
and theoretical [10,12–14], numerical [15,16], and experimental [5,11,17,18] investigations have been
conducted to prove the feasibility and interest of such motors. To move forward in the development
of A-SOFT engines, two major issues have to be addressed. The first one is related to sensing and
measurements and the second one concerns the design of the control law.

To operate properly, an A-SOFT motor would require in-flight, instantaneous, precise, and robust
measurements of the thrust and O/F ratio that are the variables to be regulated by a feedback loop
control. Although the thrust cannot be measured directly in flight conditions, it can be estimated by
using external parameters such as the rocket’s acceleration and trajectory and/or by using the motor’s
data such as the combustion chamber pressure and the propellants mass flow rates. While the oxidizer
mass flow rate is not difficult to measure, it is more complicated for the fuel. The main difficulty comes
from the necessity of getting instantaneous measurements that are required for the feedback control
in flight conditions. One of the solutions that is currently considered is to use RBS (Resistor-Based
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Sensors) that are embedded in the fuel grain and deliver an electric voltage proportional to their length.
The sensors burn at the same rate as the fuel and allow for measuring the fuel regression rate and mass
flow rate while the engine is operating. The SPLab (Space Propulsion Laboratory) from Politecnico di
Milano developed its own RBS technology [19,20]. JAXA and SPLab have initiated a collaboration in
order to study these types of measurements for A-SOFT applications [21].

A closed-loop throttling of a hybrid rocket has already been demonstrated based on thrust or
pressure feedback using proportional/integral control algorithms [22]. Although the results are
interesting, the O/F ratio evolution was not considered at all, which is a major difference with
the A-SOFT engine concept. Regulating both the thrust and the O/F ratio instantaneously and
independently significantly increases the complexity of the feedback control. Due to the complex
physical phenomena and their respective interactions in a combustion chamber, an efficient feedback
control law must be developed for A-SOFT hybrid motors.

In that context, the goal of this work is twofold: firstly, we investigate the effect of measurement
errors on the engine control by conducting an error propagation analysis regarding the thrust and the
O/F ratio. Secondly, we develop a regulation law suitable for A-SOFT engine applications. In addition,
we perform numerical simulations of a simplified hybrid motor using a feedback control loop to
confirm that the regulation law is valid, in a case where RBS are used for the fuel regression rate
estimation. From the error propagation analysis, we demonstrate that it is possible to determine the
requirements of measurement precision to fit a desired precision on the thrust and O/F ratio control.
Moreover, we propose two methods to help design the engine and the RBS based on propagation
analysis. Finally, we perform numerical simulations with simple thrust profiles and confirm the
efficiency of the proposed regulation law for these configurations.

2. Materials and Methods

2.1. Fundamental Equations of A-SOFT Engines

The regression rate law proposed by Marxman [2] is largely used to analyze hybrid motors.
However, in the case of a swirl oxidizer injection, an extended version of this law can be used [11] and
is given by Equation (1):

ṙ[t] = f [Se[t]]g[Go[t]]. (1)

While g is the classical regression rate law depending on the oxidizer mass flux (Equations (2)–(4)),
f is an extended function depending on the effective swirl number (Equations (5) and (6)):

g[Go[t]] = aGn
o [t], (2)

Go[t] =
4
π

ṁo[t]
φ2[t]

, (3)

ṁo[t] = ṁoA[t] + ṁoT [t], (4)

f [Se[t]] =
(

1 + S2
e [t]

)m
, (5)

Se[t] = Sg
ṁ2

oT [t]

(ṁoA[t] + ṁoT [t])
2 . (6)

The geometric swirl number Sg depends on the geometry of the injectors and remains constant
during the engine operation. Finally, the fuel regression rate can be expressed by Equation (7):

ṙ[t] = 4nπ−na

(
1 + S2

g
ṁ4

oT [t]

(ṁoA[t] + ṁoT [t])
4

)m (
ṁoA[t] + ṁoT [t]

φ2[t]

)n
. (7)
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The fuel mass flow rate can be expressed by Equation (8), with C1 = 4nπ1−naLρ f .

ṁ f [t] = C1φ[t]

(
1 + S2

g
ṁ4

oT [t]

(ṁoA[t] + ṁoT [t])
4

)m (
ṁoA[t] + ṁoT [t]

φ2[t]

)n
. (8)

The mixture ratio is then estimated by Equation (9):

ξ[t] =
ṁo[t]
ṁ f [t]

=
ṁoA[t] + ṁoT [t]

C1φ[t]

(
1 + S2

g
ṁ4

oT [t](
ṁoA[t] + ṁoT [t]

)4

)m (
ṁoA[t] + ṁoT [t]

φ2[t]

)n
. (9)

The thrust is evaluated by Equation (10):

F[t] = Isp[ξ]g0

{
ṁoA[t] + ṁoT [t] + ṁ f [t]

}
= Isp[ξ]g0

{
ṁoA[t] + ṁoT [t] + C1φ[t]

(
1 + S2

g
ṁ4

oT [t]

(ṁoA[t] + ṁoT [t])
4

)m (
ṁoA[t] + ṁoT [t]

φ2[t]

)n
}

.
(10)

The dependence of the specific impulse on the chamber pressure is generally of second order
compared to the mixture ratio influence and has been neglected in this analysis. Consequently,
the specific impulse is considered as a function of the mixture ratio only and is given by Equation (11).
In that study, we consider constant nozzle and combustion efficiencies and no nozzle throat erosion:

Isp[ξ] = ηcηn Isp,th[ξ]. (11)

As a consequence from the previous development, it is possible to express the thrust and the
mixture ratio as two functions of three independent variables: ṁoA, ṁoT , and φ (Equation (12)):(

F
ξ

)
=

(
F [ṁoA, ṁoT , φ]

ξ [ṁoA, ṁoT , φ]

)
. (12)

2.2. Error Propagation of A-SOFT Engines

In this study, errors refer to RMS (Root Mean Square) relative errors. The RMS relative error of a
function h depending on three independent variables [x, y, z] is given by Equation (13) (by using the
log function properties: ∂x = x∂ ln x, and: ∂h/h = ∂ ln h):

eh =
δh
h

=

√(
∂h
∂x δx

)2
+

(
∂h
∂y δy

)2
+

(
∂h
∂z δz

)2

h

=

√(
∂h
∂x

δx
h

)2
+

(
∂h
∂y

δy
h

)2
+

(
∂h
∂z

δz
h

)2

=

√(
∂ ln h
∂ ln x

ex

)2
+

(
∂ ln h
∂ ln y

ey

)2
+

(
∂ ln h
∂ ln z

ez

)2
.

(13)
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By using this definition, the relative errors of thrust and O/F ratio can be written by Equations (14)
and (15):

eF =

√(
∂ ln F

∂ ln ṁoA
eṁoA

)2
+

(
∂ ln F

∂ ln ṁoT
eṁoT

)2
+

(
∂ ln F
∂ ln φ

eφ

)2
, (14)

eξ =

√(
∂ ln ξ

∂ ln ṁoA
eṁoA

)2
+

(
∂ ln ξ

∂ ln ṁoT
eṁoT

)2
+

(
∂ ln ξ

∂ ln φ
eφ

)2
. (15)

To simplify the relations, we will consider that the oxidizer Mass Flow Rate (MFR) errors are
equal: eṁoT = eṁoA = eMFR. Moreover, in order to perform a comparative analysis of the results, we
define the thrust, O/F, diameter, and total normalized errors (Equations (16)–(19)) as the following:

eF =
eF

eMFR
, (16)

eξ =
eξ

eMFR
, (17)

eφ =
eφ

eMFR
, (18)

etotal =

√
e2

F + e2
ξ

eMFR
. (19)

Consequently, the thrust, O/F and total normalized errors are written in Equations (20)–(22):

eF =

√(
∂ ln F

∂ ln ṁoA

)2
+

(
∂ ln F

∂ ln ṁoT

)2
+

(
∂ ln F
∂ ln φ

)2
eφ

2, (20)

eξ =

√(
∂ ln ξ

∂ ln ṁoA

)2
+

(
∂ ln ξ

∂ ln ṁoT

)2
+

(
∂ ln ξ

∂ ln φ

)2
eφ

2, (21)

etotal =
√

eF
2 + eξ

2. (22)

As it can be seen, these normalized errors are functions of the ratio eφ = eφ/eMFR. The oxidizer
mass flow rate measurements precision determines eMFR while eφ depends on the fuel regression rate
sensors’ precision. We introduce the parameter αT defined as the ratio of the oxidizer injections and
varying in [0, 1] (0 if: ṁoT = 0 and 1 if: ṁoA = 0) and the function Φ in Equations (23) and (24):

αT =
ṁoT

ṁoA + ṁoT
, (23)

Φ[αT ] = 1 + S2
gα4

T . (24)

The sensitivity coefficients involved in the expressions of the normalized errors can be calculated
based on Equations (9) and (10), and are given in the following relations (Equations (25)–(30)):

∂ ln F
∂ ln ṁoA

= (1 − αT)

{
n + ξ

1 + ξ
− 4mS2

gα4
T

(1 + ξ)Φ[αT ]
+

(
1 − n +

4mS2
gα4

T

Φ[αT ]

)
d ln Isp

d ln ξ
[ξ]

}
, (25)

∂ ln F
∂ ln ṁoT

= αT

{
n + ξ

1 + ξ
− 4mS2

g (αT − 1) α3
T

(1 + ξ)Φ[αT ]
+

(
1 − n +

4mS2
g(αT − 1)α3

T

Φ[αT ]

)
d ln Isp

d ln ξ
[ξ]

}
, (26)

∂ ln F
∂ ln φ

= (2n − 1)
{
− 1

1 + ξ
+

d ln Isp

d ln ξ
[ξ]

}
, (27)
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∂ ln ξ

∂ ln ṁoA
= (1 − αT)

{
1 − n +

4mS2
gα4

T

Φ[αT ]

}
, (28)

∂ ln ξ

∂ ln ṁoT
= αT

{
1 − n +

4mS2
g(αT − 1)α3

T

Φ[αT ]

}
, (29)

∂ ln ξ

∂ ln φ
= 2n − 1. (30)

Finally, the specific impulse coefficient in Equations (25)–(27) is written in Equation (31):

d ln Isp

d ln ξ
[ξ] =

ξ

Isp[ξ]

dIsp

dξ
[ξ]. (31)

The specific impulse reaches its maximum at the optimal mixture ratio ξopt. As a consequence,
dIsp/dξ[ξopt] = 0, and d ln Isp/d ln ξ[ξopt] = 0, which simplifies the previous equations if the engine
operates at the optimal mixture ratio.

2.3. Regulation Law of A-SOFT Engines

While measuring the engine’s performances at a given time during its operation, the role of the
control law is to determine the commands to be sent to the servo valves to reach the desired thrust and
O/F ratio. As seen previously, the thrust and O/F ratio depend on three independent variables which
are the two oxidizer mass flow rates (ṁoA and ṁoT) and the fuel grain diameter. It is however possible
to rewrite Equations (9) and (10) to highlight the role of the total oxidizer mass flow rate and effective
swirl number (ṁo and Se) which are independent variables as well (Equations (32)–(34)):

F[t] = Isp[ξ]g0

{
ṁo[t] + C1φ[t] f [Se[t]]

(
ṁo[t]
φ2[t]

)n}
, (32)

ξ[t] =
ṁo[t]

C1φ[t] f [Se[t]]
(

ṁo [t]
φ2[t]

)n , (33)

(
F
ξ

)
=

(
F [ṁo, Se, φ]

ξ [ṁo, Se, φ]

)
. (34)

From these relations, we can calculate the total derivatives of the thrust and the O/F ratio
(Equations (35) and (36)), which can be written in vector form in the Relation (37):

dF
dt

=

(
∂F

∂ṁo

)
dṁo

dt
+

(
∂F
∂Se

)
dSe

dt
+

(
∂F
∂φ

)
dφ

dt
, (35)

dξ

dt
=

(
∂ξ

∂ṁo

)
dṁo

dt
+

(
∂ξ

∂Se

)
dSe

dt
+

(
∂ξ

∂φ

)
dφ

dt
, (36)

⎛⎜⎝dF
dt
dξ
dt

⎞⎟⎠ =

⎡⎢⎣ ∂F
∂ṁo

∂F
∂Se

∂ξ
∂ṁo

∂ξ
∂Se

⎤⎥⎦
⎛⎜⎝dṁo

dt
dSe
dt

⎞⎟⎠+

⎛⎜⎝∂F
∂φ

∂ξ
∂φ

⎞⎟⎠ dφ

dt
. (37)

In the last relation, the variation related to the port diameter is an environmental change resulting
from combustion, whereas the oxidizer mass flow rate and effective swirl number are the variables to
be controlled. As a consequence, it is possible to control dF/dt and dξ/dt by measuring dφ/dt, which
is the fuel regression rate, and by manipulating dṁo/dt and dSe/dt.
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As for the error propagation analysis, it is possible to calculate the partial derivative coefficients
which are given in Equations (38)–(43). It should be noted that these partial derivative coefficients are
related with the sensitivity coefficients by the relation: ∂ ln h

∂ ln x = ∂h
∂x

x
h :

∂F
∂ṁo

= g0
(n + ξ)

ξ
Isp[ξ]− g0 (n − 1) (1 + ξ)

dIsp

dξ
[ξ], (38)

∂F
∂Se

= g0ṁo
d f
dSe

[Se]

{
Isp[ξ]− ξ (1 + ξ)

dIsp

dξ
[ξ]

}
( f [Se]ξ)

−1 , (39)

∂F
∂φ

= g0 (2n − 1) ṁo

{
−Isp[ξ] + ξ (1 + ξ)

dIsp

dξ
[ξ]

}
(φξ)−1 , (40)

∂ξ

∂ṁo
= (1 − n)

ξ

ṁo
, (41)

∂ξ

∂Se
= − ξ

f [Se]

d f
dSe

[Se], (42)

∂ξ

∂φ
= (2n − 1)

ξ

φ
. (43)

Equation (37) can be solved so that the derivatives of the controlled variables are given in
Equation (44). This system defines the regulation laws that could be used in an A-SOFT engine
feedback loop control and which will be analyzed by numerical simulations:

⎛⎜⎝dṁo
dt

dSe
dt

⎞⎟⎠ =

⎛⎜⎜⎝
ξ

g0 Isp[ξ] (1 + ξ)

(1 − n) f [Se]ξ
g0 Isp[ξ]ṁo (1 + ξ) d f

dSe
[Se ]

⎞⎟⎟⎠ dF
dt

+

⎛⎜⎜⎜⎝
ṁo

{
1

ξ + ξ2 − 1
Isp[ξ]

dIsp
dξ

[ξ]

}
f [Se]
d f

dSe
[Se ]

{
− n + ξ

ξ + ξ2 +
(n − 1)
Isp[ξ]

dIsp
dξ

[ξ]

}
⎞⎟⎟⎟⎠ dξ

dt
+

⎛⎜⎜⎝
0

(2n − 1) f [Se]
φ d f

dSe
[Se ]

⎞⎟⎟⎠ dφ

dt
.

(44)

2.4. Simplified Modeling of A-SOFT Engines for Simulations

The main objective of performing numerical simulations is to analyze how an A-SOFT engine
would operate autonomously with a feedback loop control system including resistor-based sensors for
the fuel regression rate measurement. In particular, the control law and the RBS integration are the
major points to be discussed to evaluate the feasibility of such a system.

In order to perform numerical simulations, the A-SOFT engine has been simplified and separated
into six distinguishable subsystems as listed below and presented in Figure 2:

1 Oxidizer feed system,
2 Servo valves,
3 Injection,
4 Engine,
5 Measurements,
6 Feedback control system.
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Figure 2. A-SOFT engine simplification for the simulations.

The oxidizer feed system (1) is not modeled in this study. More precisely, we suppose that the
tank is maintained pressurized and that there is no issue regarding the liquid level either.

Ideal servo valves (2) would deliver an oxidizer mass flow rate proportional to the percentage of
maximum valve travel (or valve opening). However, some types of valves may have a highly nonlinear
relationship between the effective valve flow area (or mass flow rate) and the valve opening [22].
In order to take into account this effect that would be observed in an experimental setup, Equations (45)
and (46) provide the relationships between the oxidizer mass flow rate and the corresponding valve
opening if a circular port ball valve is used [22]. These relations are both valid for the axial or tangential
injectors (A–T) if the same valves are used:

ṁo,A−T [t] = c1

(
1 − e

−voA−T [t]− c2
c3

)
, (45)

voA−T [t] = −c3 ln
(

1 − ṁo,A−T [t]
c1

)
+ c2. (46)

c1, c2, and c3 are the valves’ parameters and are given in Table 1. This set of parameters has been
chosen theoretically so that it induces a maximum oxidizer mass flow rate of 100 g·s−1 as illustrated in
Figure 3. In this example, the valve remains essentially closed until a valve opening vo around 20%,
then increases rapidly up to vo close to 50%. Finally, the mass flow rate is only slightly changed as
the valve opening approaches 100%. These parameters should be determined experimentally for a
real application.

Table 1. Valves’ parameters used in this study.

c1 (kg·s−1) c2 (-) c3 (-)

0.1 0.2 0.15
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Figure 3. Mass flow rate profile in function of the valve opening.

The injection subsystem (3) deals with the axial and tangential oxidizer injectors. Both the total
oxidizer mass flow rate and the effective swirl number have been defined previously by Equations (4)
and (6) and these definitions are used for the simulations. The total oxidizer mass flow rate is the sum
of the axial and tangential oxidizer mass flow rates, and the effective swirl number depends on the
geometric swirl number.

The engine (4) simulation is based on three specific calculations which are the fuel regression rate,
the combustion chamber and nozzle ejection pressures, and the generated thrust. To consider the most
general case possible, the fuel regression rate law is assumed to be slightly different than the one used
for the previous sections and is given in Equation (47):

ṙ[x, t] = a
(

1 + S2
e [t]

)m
(

4ṁtot[x, t]
πφ[x, t]2

)n
xb. (47)

The interest of this relation is that it includes the influence of the local mass flux, of the swirl
oxidizer injection, and of the axial location along the fuel grain. The coefficients m and n were chosen
identical to the one obtained experimentally and used in previous studies [15]. The b coefficient has
been chosen arbitrarily with a small value to introduce an explicit dependency on the axial position
along the fuel grain. Finally, the a coefficient has been calculated so that this regression rate law is
consistent with experimental data obtained with an A-SOFT engine [11]. For a real application, these
coefficients should be determined carefully and based on experimental results. The total and fuel mass
flow rates are given in Equations (48) and (49):

ṁtot[x, t] = ṁo[t] + ṁ f [x, t], (48)

ṁ f [x, t] =
∫ x

x′=0
ρ f ṙ[x

′
, t]πφ[x

′
, t]dx

′
. (49)
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The mixture ratio is given by Equation (50):

ξ[t] =
ṁo[t]

ṁ f [L, t]
. (50)

The combustion chamber pressure is estimated by using a thermochemical code, in our case a
free version of RPA software [23] (Rocket Propulsion Analysis). The pressure is given by Equation (51),
and calculated by an iterative resolution at every time step. A pressure error perror is then chosen as a
convergence parameter. The theoretical isentropic coefficient γ is also determined during that process:

pc[t] = ηcc∗th[t]ṁtot[L, t]A−1
t . (51)

The nozzle exit pressure is then determined by solving Equation (52), in our case using a simple
dichotomy algorithm:

Ae

At
=

(
pe[t]
pc[t]

)−1/γ[t]

√√√√(
2

γ[t] + 1

) γ[t]+1
γ[t]−1

⎛⎜⎝
√√√√√ 2

γ[t]− 1

⎧⎨⎩1 −
(

pe[t]
pc[t]

) γ[t]−1
γ[t]

⎫⎬⎭
⎞⎟⎠

−1

. (52)

Finally, the thrust is estimated through Equation (53):

F[t] = At pc[t]

√√√√√2γ[t]2

γ − 1

(
2

γ[t] + 1

) γ[t]+1
γ[t]−1

⎧⎨⎩1 −
(

pe[t]
pc[t]

) γ[t]−1
γ[t]

⎫⎬⎭+ (pe[t]− pa) Ae. (53)

The feedback loop control is based on getting instantaneous data from the measurement
subsystem (5) on the engine’s parameters which need to be regulated. In the A-SOFT case, these
parameters are the thrust and the mixture ratio. The objective of the simulations is to study the RBS
compatibility with an actual control system. To simplify the modeling, we will consider that the thrust
and the oxidizer mass flow rate measurements are ideal (Equations (54) and (55)), which means the
measured values are the real ones:

Fm[t] = F[t], (54)

ṁo,m[t] = ṁo[t]. (55)

The fuel mass flow rate measurement is realized by embedding RBS in the fuel grain. Figure 4
presents the sensors’ principle and the modeling which is adopted in the simulations for a sensor with
four resistors.
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Figure 4. (a) resistor-based sensor principle and (b) modeling.

While the fuel grain burns and its surface moves, parallel resistors are successively disconnected
which modifies the electric voltage at the terminals of the sensor. As a consequence, the measured fuel
grain diameter is a constant piece-wise function over time and so are the fuel regression and mass flow
rates that are calculated based on it.

As a simplification, we consider that the sensors are ideal: a resistor is disconnected when the
fuel surface reaches it. Moreover, we suppose that the resistors are located at the same axial position
along the fuel grain length: dsx = 0. We consider that if a resistor is connected it delivers a voltage of
1 V and 0 V if not connected. This simplification does not remove any physical sense but avoids the
calculation depending on real electric resistance values. The total electric voltage delivered by a sensor
is then the sum of resistors’ voltages. Applying this rule, the resistors’ and sensor’s electric voltage are
calculated based on Equations (56) and (57). Examples of results describing the sensors’ behavior are
given in Section 3.2.3.

∀s ∈ [0, Ns − 1] ∀r ∈ [0, Nr − 1],

i f : φ[xs, t] < φ0 + 2s0 + 2rds sr[s, r, t] = 1,

else : sr[s, r, t] = 0,

(56)

∀s ∈ [0, Ns − 1], ss[s, t] =
Nr−1

∑
r=0

sr[s, r, t]. (57)

Ns and Nr are respectively the number of sensors in the grain and the number of resistors in a
single sensor, xs is the axial location of a sensor s, ss and sr are respectively the electric signals of a
sensor and a resistor.
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The measured fuel grain diameter φm,s for a given sensor is then calculated based on the electric
signal in Equation (58):

∀s ∈ [0, Ns − 1],

i f : ss[s, t] > Ns − 1 φm,s[t] = φ0,

else : φm,s[t] = φ0 + 2s0 + 2ds (Nr − ss[s, t]− 1) .

(58)

Based on these measurements, the local regression rate can only be evaluated when the sensor’s
signal changes. By knowing the distance between two resistors and the delay for the fuel surface
to move from one to another, Equation (59) provides the calculation method for the measured local
regression rate:

∀s ∈ [0, Ns − 1],

i f : φm,s[t] = φm,s[t
′
] ṙm,s[t] = ṙm,s[t

′
],

i f : φm,s[t] > φm,s[t
′
] ṙm,s[t] =

φm,s[t]− φm,s[t
′
]

2
(
t − t′

) .

(59)

In this relation, t
′

and t are two successive times when the sensor’s signal has changed and t > t
′
.

The fuel regression rate is constant when the measured diameter is not changed. As a consequence,
the fuel regression rate can only be evaluated once the first resistor has been reached by the fuel surface.

The local and total fuel mass flow rates are then evaluated by Equations (60) and (61):

∀s ∈ [0, Ns − 1], ṁ f ,m,s[t] = πρ f ṙm,s[t]φm,s[t]
L

Ns
, (60)

ṁ f ,m[t] =
Ns−1

∑
s=0

ṁ f ,m,s[t]. (61)

Finally, the measured mixture ratio based on RBS is written in Equation (62):

ξm[t] =
ṁo,m[t]
ṁ f ,m[t]

. (62)

The last subsystem to be modeled is the feedback control system (6). It can be divided into two
parts: the first part concerns the use of a PID (Proportional Integral Derivative) controller and the
second part is the integration of the control law. As demonstrated in the previous section, Equation (44)
allows for calculating the derivatives of the oxidizer mass flow rate and effective swirl number
in function of the thrust and mixture ratio derivatives and the regression rate. In the case of the
simulation, the feedback control system must follow the thrust and mixture ratio profiles which are
given. The control law is used to determine the targeted total oxidizer mass flow rate and effective
swirl number to satisfy the control command. As a consequence, the required terms appearing in the
control law are given by Equations (63)–(65):

dF
dt

[t] =
Fcommand[t + dt]− Fm[t]

dt
, (63)

dξ

dt
[t] =

ξcommand[t + dt]− ξm[t]
dt

, (64)

dφ

dt
[t] = 2ṙm[t]. (65)
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In the last relation, ṙm represents the measured regression rate and is averaged based on the local
values provided by the sensors. Based on these calculations, we can evaluate the targeted oxidizer
mass flow rate and swirl number to satisfy the commands through Equations (66) and (67):

ṁo,target[t + dt] =
dṁo

dt
[t]dt + ṁo,m[t], (66)

Se,target[t + dt] =
dSe

dt
[t]dt + Se,m[t]. (67)

The targeted axial and tangential oxidizer mass flow rates are then determined based on
Equations (4) and (6), and the targeted valves opening by Equation (46). The PID error is then
calculated (Equation (68)):

epid[t] = voA−T,target[t + dt]− voA−T [t]. (68)

The PID correction to be applied to the controlled valve is then given by Equation (69):

δvoA−T [t + dt] = kPepid[t] + kI

∫ t

0
epid[t

′
]dt

′
+ kD

depid

dt
[t]. (69)

Finally, the commands to be sent to the servo valves are given as follows (Equation (70)):

voA−T [t + dt] = voA−T [t] + δvoA−T [t + dt]. (70)

Regarding the numerical parameters, time derivatives are calculated based on an Euler explicit
scheme and integrals are estimated through the trapezoids’ method. In order to consider the
latency that occurs in real experimental setup regarding the valves response times, pipeline delays,
controller calculation time, etc., an artificial regulation frequency freg has been added for the numerical
simulations. This frequency has been fixed to 2 Hz for all the simulations, meaning that the feedback
control system sends new orders to the valves every 0.5 s. This value has been chosen to be realistic but
is not based on experimental results or calculations. It is an additional parameter and its influence could
be investigated in a future work. The numerical parameters that have been used for the simulations
are summarized in Table 2.

Table 2. Numerical parameters used for the simulations.

dx (m) dt (s) perror (%) freg (Hz)

0.0001 0.01 0.1 2.0

3. Results

3.1. Error Propagation Analysis

The A-SOFT concept is based on an innovative idea which is to use the swirl influence on the fuel
regression rate to control the thrust and the O/F ratio at the same time but independently. However,
other concepts exist to achieve this objective [7–9]. Among them, the AOA (Aft-end Oxidizer Addition)
hybrid engine [8,9] is somehow similar to the A-SOFT engine. Unlike A-SOFT that uses dual front
injections, the AOA engine combines a front injection with an aft-end oxidizer addition in order to
regulate the thrust and the mixture ratio (Figure 5).
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Figure 5. AOA (Aft-end Oxidizer Addition) concept with front and aft-end oxidizer injections.

Despite the concepts being different, both use two servo valves to regulate the thrust and the O/F
ratio and it seems logical to compare their respective interests. To do so, the relative error analysis
has also been conducted for the AOA engines and will be compared to the one conducted for the
A-SOFT engines. Because the mathematical development is very similar to the one presented in the
previous section and does not bring any additional information, materials and methods related to the
AOA engines are given in Appendix A. An important point to note is the difference regarding the αT
parameter: in the case of A-SOFT, it represents the ratio between the tangential and the total oxidizer
mass flow rates (Equation (23)), while it represents the ratio between the front and the total oxidizer
mass flow rates in the case of AOA (Equation (A15)).

3.1.1. Optimal Mixture Ratio

To evaluate the error propagation, the study case is chosen based on experimental results [18].
We will consider an optimal mixture ratio configuration with corresponding parameters given below:

• mixture ratio: ξ = ξopt = 2,
• regression rate: a = 0.029 × 10−3 m·s−1, m = 0.166, n = 0.650,
• specific impulse: d ln Isp/d ln ξ = 0.

Figure 6 presents the normalized thrust error for three given eφ/eMFR ratios. As we can first
notice, the eφ/eMFR ratio plays a major role in the error propagation. The thrust normalized error
will increase with the ratio which means that, for a given oxidizer mass flow rate measurement error,
the increase of the diameter measurement error will increase the thrust error as well. It is also clear
that the geometric swirl number Sg has an influence on the A-SOFT errors. For Sg �= 0, the minimal
thrust errors are obtained for: αT ≈ 0.35 both for A-SOFT and AOA. If Sg = 0, the error profiles are
symmetric around αT = 0.5 for A-SOFT since there is no swirl effect. We can notice that A-SOFT
and AOA errors are very similar for αT ≥ 0.5 and become equal if αT = 1. In that case, the A-SOFT
engine uses only the tangential injection and the AOA engine uses only the front injection (which is
also tangential), the engines are consequently strictly identical. Finally, the AOA engine generates less
thrust propagation errors than the A-SOFT engine for low values of αT . However, this result must be
contrasted since operating in these conditions would imply that most of the oxidizer mass flow rate
would come from the aft-end injection and may result in combustion troubles that are not considered
at all in this analysis.

Figure 7 presents the normalized O/F ratio error for the three same eφ/eMFR ratios. Some of
the previous conclusions are naturally shared with the previous ones: the A-SOFT symmetric profile
when Sg = 0, the equal errors for A-SOFT and AOA when αT = 1 and the eφ/eMFR influence are
also true regarding the mixture ratio. We can notice that the increase of eφ/eMFR ratio from 0 to 5 can
multiply the relative errors on O/F ratio by a factor 6 while this factor was limited to a value lower
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than 1.5 in the case of thrust error propagation. Naturally, the mixture ratio errors are much more
sensitive to the precision of the fuel diameter measurements since there is a direct relation between
O/F ratio and fuel grain diameter. In contrast to the thrust error, the mixture ratio error for A-SOFT is
significantly lower than for AOA (especially when αT ≤ 0.5). The main reason to explain this effect is
that A-SOFT engines are more flexible and efficient to regulate the mixture ratio. Indeed, both oxidizer
injections influence the fuel regression rate in A-SOFT while only the front injection can do it in AOA.
At this point, the overall conclusions comparing A-SOFT and AOA are not evident, but Figure 8 which
describes the total errors will help to conclude.

Figure 6. Normalized thrust errors.

Figure 7. Normalized mixture ratio errors.
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Once again, some of the previous conclusions regarding the thrust and the mixture ratio are
shared with the total error propagation (symmetry, case when αT is high, influence of eφ/eMFR ratio).
From the total error point of view, it can be said that the AOA engine’s error is generally larger than the
A-SOFT one, especially for low αT (mainly due to the mixture ratio error) even though these differences
tend to decrease as the diameter error increases. Based on these results, the A-SOFT concept seems
more interesting regarding the total error propagation and the following discussions will concern
A-SOFT engines only.

As visible in Figure 8, the A-SOFT total error increases as Sg increases, regardless of the eφ/eMFR
ratio. Figure 9 focuses on this effect and presents the results for Sg ranging from 0 to 50 (Sg =

0, 2, 4, 6, 8, 10, 12, 15, 20, 30, 40, 50) at a given eφ/eMFR ratio. The case where Sg = 0 leads to the lowest
errors but is purely theoretical and presents no interest since there would be no swirl control which
is the basic principle of A-SOFT engines. For αT lower than 0.1 and higher than 0.9, the geometric
swirl number has almost no influence on the results; however, these αT values generate the highest
errors for low Sg and are the extreme operating conditions of the engine. The first local minimum at
αT = 0.5 for Sg = 0 is constantly shifted to lower αT values and the error continues to increase with
Sg. At the same time, a second local minimum appears around αT = 0.68 if Sg ≥ 6. Unlike the first
one, this second local minimum error tends to an asymptotic limit and stops increasing even for high
geometric swirl numbers. Moreover, as Sg increases, a local maximum appears for which the induced
error can become larger than the extremity errors if Sg exceeds 30. These results tend to indicate that,
for a given geometric swirl number, the total error can be minimized by operating close to optimal αT
values, but also that some other values of αT may lead to significant errors and should be avoided.
As αT varies during the engine operation, additional analysis is required to design and choose the
optimal geometric swirl number.

Figure 8. Normalized total errors.
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Figure 9. Influence of the geometric swirl number on the normalized total errors in A-SOFT engines
for Sg values in [0,2,4,6,8,10,12,15,20,30,40,50].

3.1.2. Optimal Design of the Geometric Swirl Number

As we have seen, the geometric swirl number has a significant influence on the error propagation
in an A-SOFT engine. For a given Sg, there are optimal operating αT to minimize the errors but other
values of αT could drastically increase these errors. In practice, the fuel regression rate is influenced by
the effective swirl number provided by the oxidizer’s injections and these parameters are related by
Equation (71):

Se[t] = Sgα2
T [t]. (71)

For a given mission, the effective swirl number will be modified to fit as much as possible the
thrust and the O/F commands while the grain is burning and the fuel port diameter is modified.
The range of effective swirl number will obviously depend on the mission profiles, on the fuel and
oxidizer combination, on the regression rate coefficients, and on other parameters like the feedback
loop control system. As a consequence, it is not possible to chose a geometric swirl number which
would be optimal unless the mission is known.

That being said, we could propose a method for designing the optimal geometric swirl number
for a given mission, based on the error propagation results. As a study case, let us consider a lab-scale
engine operating during one minute with the regression rate coefficients given earlier in the paper,
and with a constant target thrust of 250 N. This should lead to an operating effective swirl number
ranging between 10 and 50. Moreover, we will assume that αT increases linearly with time, which is
the simplest evolution possible. Finally, we consider the case of an optimal mixture ratio:

• mixture ratio: ξ = ξopt = 2,
• regression rate: a = 0.029 × 10−3 m·s−1, m = 0.166, n = 0.650,
• effective swirl number: Se[t] ∈ [10, 50], αT increases linearly with time (Equation (73)).

Once the effective swirl number range is known, there is an infinite number of combinations of
possible geometric swirl number and operating αT . By definition, Sg ≥ Se,max since αT never exceeds 1
(Equation (71)). Table 3 summarizes a few examples:
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Table 3. Examples of possible geometric swirl number and αT combinations for a given effective swirl
number range.

Se Range (-) Sg (-) αT Range (-)

10–50 50 0.44–1.00
10–50 60 0.41–0.91
10–50 70 0.38–0.85
10–50 80 0.35–0.79

In order to find a potential optimal geometric swirl number regarding the total error propagation,
two natural criteria could be defined: the first one could be to ensure that the error will never exceed a
certain level at a given time (C1), and the second one could be to minimize the error over the entire
operation duration (C2). If an optimal geometric swirl number Sg,opt does exist, these criteria could be
expressed by:

• C1: ∀αT [t] : etotal [αT [t], Sg,opt] ≤ etotal,max,

• C2: ∀Sg :
∫

t etotal [αT [t], Sg,opt] ≤
∫

t etotal [αT [t], Sg].

As an example, Figure 10 shows that using a geometric swirl number of 40 could lead to a total
error exceeding the upper limit if the engine has to operate with αT close to 0.3. Figure 11 illustrates
the calculation of the integrated errors. For a given range of effective swirl number (here from 10 to
50), modifying the geometric swirl number will change the integrated error. The blue and red areas
respectively represent the integrated errors for Sg = 50 and 80. The integrated error between two
values of effective swirl numbers, denoted by Se,1 and Se,2, is written in Equation (72):

Etotal [Se,1, Se,2, Sg, αT [t]] =
∫ t=t f

t=0
etotal [αT [t], Sg]dt. (72)

Figure 10. Illustration of the C1 criterion.
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Figure 11. Illustration of the C2 criterion.

If the effective swirl number range is fixed, the αT evolution depends on Sg and can be written by
Equation (73) (where t f is the firing duration).

αT [t] =

√
Se,1

Sg
+

√
Se,2
Sg

−
√

Se,1
Sg

t f
t. (73)

Figure 12 provides the evolution of the integrated error by varying the geometric swirl number in
the configuration described earlier. As it can be seen, an optimal geometric swirl number does exist in
that case and is around 62.5.

Figure 12. Integrated error evolution depending on the geometric swirl number.
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This optimal value minimizes the integral error over the firing test duration, but, additionally,
its maximum instantaneous error is lower than the ones for Sg = 50 or 100 (Figure 13). Consequently,
it seems that choosing Sg = 62.5 for this firing configuration would be an interesting choice regarding
the error’s criteria.

As a partial conclusion, we proposed a method based on the error propagation analysis to
choose an optimal geometric swirl number choice regarding the defined criteria. For a given
engine configuration, an optimal Sg was found by minimizing the integrated total error over the
firing duration.

Figure 13. Instantaneous total error evolution.

3.1.3. Optimal Design of the Resistor-Based Regression Rate Sensors

In the previous sections, the ratio eφ/eMFR was arbitrarily fixed to study different cases.
In practice, this parameter depends on the precision of the fuel regression and oxidizer mass flow
rates measurement sensors. In this study, we consider using RBS to control an A-SOFT through a
feedback loop system (Figures 2 and 4). Such sensors have various possible designs and one of the
most important parameter is the radial distance between two resistors. Each time the fuel grain surface
reaches a resistor, this resistor is burnt and the electric voltage provided by the sensor is modified.
As a consequence, the fuel grain diameter measured by the sensor is a piece-wise constant function.
In this discussion, we will consider that the sensors are ideal: the resistors are burnt as soon as the fuel
surface reaches them. Moreover, we assume the resistors are axially aligned, and the initial distance
grain surface–first resistor is equal to the distance between two resistors:

• dsx = 0,
• s0 = ds.

In this section, the error propagation analysis will be used to determine the design of RBS to
satisfy given conditions. As a starting point, the error due to the oxidizer mass flow measurement
must be assumed. Depending on the type of measurement system and sensor, this error generally
ranges from 0.2% to 5%. As an intermediate possibility, we will consider an error of 2%. The next
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errors to determine are the maximum acceptable errors regarding the thrust and the mixture ratio.
In this example, we will consider that these errors are equal to 2% as well:

• eMFR = 0.02,
• eF,max = 0.02,
• eξ,max = 0.02.

These values lead to the calculation of the maximum tolerable normalized errors: eF,max = 1,
eξ,max = 1 and: etotal,max =

√
2. Based on the previous relations (Equations (20)–(22)), we can define a

maximum normalized error on the diameter by Equation (74):

eφ,max =

√√√√√√ etotal,max
2 −
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∂ ln φ

)2 . (74)

According to this relation, there may be no solution if the maximum total error etotal,max is too
small since it would conduct to a negative term in the square root. Figure 14 presents the results for
several Sg values and for the optimal mixture ratio case.

Figure 14. Maximum normalized diameter error for Sg values in [20,30,40,50,60,70,80,100].

As it can be seen, there is a local minimum if αT varies around 0.2 or 0.3 depending on the
geometric swirl number. The value of eφ,max tends to be reduced while the geometric swirl number
increases. In other words, the higher Sg is, the more the constraint on the fuel regression rate sensors is
severe and the more the relative error needs to be reduced. As an example, let us consider a geometric
swirl number of 60: the maximum normalized error on the diameter would be around 3 if the engine
operates at αT close to 0.21 according to the previous result. In the case of ideal RBS, the maximum
error on the diameter could be evaluated by Equation (75):

eφ =
δφ

φ
=

2ds
φ

. (75)
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Since the fuel grain diameter will naturally increase during the combustion, the diameter relative
error will decrease with time. Consequently, to estimate the required ds parameter, the initial fuel grain
diameter should be chosen to calculate the maximum diameter relative error possible. In the current
case, if we choose an initial fuel port diameter φini = 40 mm, this would lead to the following results:

• eφ,max = 3.0,
• eφ,max = eφ,max · eMFR = 0.06,
• dsmax = 1

2 eφ,max · φini = 1.2 mm.

In this configuration and by using the propagation error analysis, we could conclude that using
a RBS radial distance lower than 1.2 mm between resistors would limit the thrust and mixture ratio
relative errors to less than 2%. Naturally, increasing the tolerance regarding these errors would
lead to increase the ds parameter, which may be required by practical manufacturing issues or other
external factors.

3.1.4. Non-Optimal Mixture Ratio

A-SOFT hybrid engines ideally operate close to the optimal mixture ratio to reach the best
performance possible. However, while operating, the O/F ratio can become higher or smaller than the
optimal value due to the feedback loop control efficiency/latency or due to other limiting factors like
a long burning duration resulting in a too large fuel grain diameter. Additional analyses have been
carried out for two other operating conditions, one dealing with an oxidizer-rich combustion and one
dealing with a fuel-rich configuration. The results regarding the total error and the geometric swirl
number influence are very similar to the optimal mixture ratio case and are reported in Appendix B.
These results reveal that operating at non-optimal mixture ratio does not change the tendencies and
conclusions which were given in the optimal case. Consequently, the O/F ratio variations from optimal
to non-optimal values and vice versa under feedback control will have no significant impact on the
errors’ propagation.

3.2. Numerical Simulations

3.2.1. Study Case

Several numerical simulations have been performed and the results are given in this section.
Table 4 provides the parameters that have been used and are common to all the simulations. Numerical
parameters can be seen in Table 2. Thermochemical data were obtained from RPA for an engine
operating with gaseous oxygen as oxidizer and high density polyethylene as fuel.

Table 4. Numerical simulations’ parameters.

L (m) φ0 (m) φout (m)

0.330 0.040 0.100

t f (s) pa (Pa) g0 (m·s−2)

60.0 0.1 × 106 9.81

φt (m) Σ (-) Sg (-)

0.010 3.0 50.0

ρ f (kg·m−3) ηc (-) a (m·s−1)

905.0 0.9 2.0 × 10−5

m (-) n (-) b (-)

0.1392 0.64 −0.10

voA,0 (-) voT ,0 (-) ξcommand (-)

0.30 0.30 2.3

ṁoA,0 (kg·s−1) ṁoT ,0 (kg·s−1) αT ,0 (-)

0.049 0.049 0.5
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In all the simulations, the servo valves are open at 30% at the initial instant. Figures 15 and 16
respectively show the natural evolution of the thrust and the mixture ratio of the engine without any
type of feedback control and illustrate the performances’ shift that was mentioned earlier in the paper.
In this configuration, the engine was not designed to operate around optimal conditions regarding the
thrust and the mixture ratio.

Figure 15. Thrust profile without feedback control.

Figure 16. Mixture ratio profile without feedback control.
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3.2.2. Feedback Control Law Efficiency

In the following discussion, three thrust profiles have been considered: constant, piece-wise
constant, and linearly decreasing thrust. In order to operate at the optimal mixture ratio, the O/F
command has been fixed constant for all cases and equal to the optimal value. In order to evaluate
the efficiency of the regulation law that was developed in the previous section (complete regulation
law), a second regulation law based on a very simple proportional rule has been tested (downgraded
regulation law). The following list sums up the performed simulations:

• case 1: constant thrust,
• case 2: piece-wise constant thrust,
• case 3: linearly decreasing thrust,
• regulation law: complete or downgraded.

The second regulation law that has been tested simply considers that the thrust is proportional to
the oxidizer mass flow rate (downgraded regulation law). Rather than using Equations (66) and (67),
the target oxidizer mass flow rate is calculated based on Equation (76) and the effective swirl number
is then deduced to fit to the targeted mixture ratio:

ṁo,target[t + dt] = ṁo[t]
Fcommand[t + dt]

Fm[t]
. (76)

The resistor-based sensors parameters are given in Table 5. The sensors are distributed uniformly
along the fuel grain.

Table 5. RBS (Resistor-Based Sensors) parameters for the simulations.

s0 (m) ds (m) Nr (-) Ns (-)

0.001 0.001 30 3

Regarding the PID controller, a proportional controller has been evaluated in this study and was
sufficient to obtain interesting results. The PID parameters were obtained experimentally based on
the simulations’ results and are given in Table 6. This set of parameters simplifies the PID control law
(Equation (69)), which is consequently written by Equation (77).

Table 6. PID (Proportional Integral Derivative) parameters for the simulations.

kP (-) kI (-) kD (-)

0.45 0.0 0.0

δvoA−T [t + dt] = kPepid[t]. (77)

Figures 17–20 respectively present the thrust, the mixture ratio, the effective swirl number, and the
total oxidizer mass flow rate results of the simulation case 1 with the complete regulation law. As it can
be seen, the initial thrust is higher than the thrust command. The initial value of the valve opening was
voluntarily fixed arbitrarily to evaluate the capacity of the feedback law to rapidly match the command.
The instantaneous values of the valves opening are calculated autonomously by the algorithm after
the first iteration and according to the regulation law. The thrust reaches the command after 5 s of
combustion and the feedback control is able to maintain the thrust level at 260 N ± 1 N until 55 s.
After 55 s, it can be seen that the thrust starts to decrease, which will be explained by other results
given later in the paper.

The estimation of the fuel mass flow and regression rates can only be done once the first resistor
of the RBS has been reached by the fuel surface. As a consequence, the feedback loop control starts
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when the RBS provide the required measurements, which can take several seconds depending on
the sensors’ parameters and the fuel regression rate. With this set of RBS parameters and these test
conditions, this delay is around 1.2 s. The initial mixture ratio is equal to 2.9 and rapidly changes to 2.4
after 3.5 s of combustion. After 4.5 s, the O/F ratio reaches 2.35 and is maintained between this value
and the target 2.3 until 50 s. Similarly to the thrust, the engine cannot reach the target at the end of
the test. Once the RBS are providing fuel regression rate measurements, the difference between the
real mixture ratio and the measured one is kept lower than 0.04 which corresponds to 1.74% of the
command value until 50 s. At this time, a significant part of the fuel grain has burnt and the sensors
no longer provide measurements, which leads to an increasing error on the mixture ratio evaluation.
Finally, we can notice that the measured O/F ratio is always slightly higher than the command and
varies from 2.3 to 2.34, which leads to an oxidizer-rich combustion by the feedback control.

After a rapid regulation at the beginning of the test, the effective swirl number increases linearly
until reaching 50. In this configuration, the geometric swirl number was fixed at 50, which means that
Se cannot be higher than this value. Around 55 s, the swirl number is limited to 50 and the feedback
law is no longer able to follow the thrust and the O/F ratio commands due to the operating conditions
and the fuel grain combustion after more than 50 s. It explains why the target values are not reached
at the end of the test. The oxidizer mass flow rate is rapidly reduced after the ignition because the
initial valve opening value was providing a higher thrust than the target. After this phase, the oxidizer
mass flow rate is maintained approximately constant until 55 s, when the conditions no longer allow
to follow the commands.

Figure 17. Thrust profile, feedback with complete regulation law, case 1.
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Figure 18. Mixture ratio profile, feedback with complete regulation law, case 1.

Figure 19. Effective swirl number profile, feedback with complete regulation law, case 1.
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Figure 20. Oxidizer mass flow rate profile, feedback with complete regulation law, case 1.

Figures 21–24 present the results of the simulation case 2 with the complete regulation law.
The main conclusions are similar to the previous case and the engine is able to follow the thrust
and the O/F ratio commands. The simulations configuration are identical between case 1 and case
2 until 30 s and the thrust and the O/F ratio evolution are the same. At 30 s, the thrust command
suddenly increases from 260 to 280 N and the engine’s thrust reaches the new target in approximately
2 s. From 32 s to 48.5 s, the thrust level varies around 280 N ± 1 N. After 48.5 s, the thrust starts to
decrease as it is the case in the previous simulation but earlier than it (it was after 55 s).

Figure 21. Thrust profile, feedback with complete regulation law, case 2.
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Figure 22. Mixture ratio profile, feedback with complete regulation law, case 2.

We can notice small oscillations of the O/F ratio after the change of the thrust level at 30 s,
the regulation requiring some time to fit the new conditions. The mixture ratio slightly oscillates
around 2.3 ± 0.1 until 50 s when it starts to increase significantly. Because the second level of thrust
target is higher than the first target, the total oxidizer mass flow rate needs to be increased and the fuel
grain is burnt quicker than in case 1. As a consequence, the thrust and the O/F ratio start to move
away from the targeted values earlier than in the previous case.

Figure 23. Effective swirl number profile, feedback with complete regulation law, case 2.

144



Aerospace 2019, 6, 65

Figure 24. Oxidizer mass flow rate profile, feedback with complete regulation law, case 2.

Figures 25–28 present the results of the simulation case 2 with the downgraded regulation law.
The results are similar than the previous ones, even if the regulation law is strongly downgraded in
terms of precision. However, we can observe more oscillations regarding the thrust and the mixture
ratio. The thrust reaches the command after 5 s of combustion and the feedback control maintains
the thrust level at 260 N ± 4 N until 30 s with small oscillations. At 30 s, the engine’s thrust reaches
the new target in approximately 2 s. From 32 s to 50 s, the thrust level varies around 280 N ± 5 N.
The thrust starts to decrease after 50 s.

Figure 25. Thrust profile, feedback with downgraded regulation law, case 2.
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Figure 26. Mixture ratio profile, feedback with downgraded regulation law, case 2.

The initial mixture ratio is equal to 2.9 and rapidly changes to 2.4 after 3.5 s of combustion.
After that time, the O/F ratio oscillates between 2.27 and 2.48 until 30 s, the amplitude of the oscillations
decreasing with time. After 30 s, the oscillations’ amplitude increases again due to the change of the
thrust command, and the mixture ratio varies between 2.18 and 2.44 until 50 s. Results regarding cases
1 and 3 for the downgraded regulation law are given in Appendix C.

Figure 27. Effective swirl number profile, feedback with downgraded regulation law, case 2.
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Figure 28. Oxidizer mass flow rate profile, feedback with downgraded regulation law, case 2.

Figures 29–32 present the results of the simulation case 3 with the complete regulation law.
The thrust reaches the command after 5 s and is maintained close to the target with a difference lower
than 1 N during all the test. The mixture ratio varies between 2.3 and 2.36 from 5 s to 50 s.

Figure 29. Thrust profile, feedback with complete regulation law, case 3.
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Figure 30. Mixture ratio profile, feedback with complete regulation law, case 3.

Figure 31. Effective swirl number profile, feedback with complete regulation law, case 3.
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Figure 32. Oxidizer mass flow rate profile, feedback with complete regulation law, case 3.

3.2.3. Resistor-Based Sensors’ Influence

Resistor-based sensors play a major role in the engine feedback control, Figure 33 provides the
sensors’ signals in case 2 with the complete regulation law. The signals are piece-wise functions and
the regression and fuel mass flow rates are re-evaluated every time the signals are modified.

Figure 33. RBS signals, feedback with complete regulation law, case 2.
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The previous simulations were performed with sensors equipped with a large number of resistors
(Nr = 30), which may be difficult to manufacture. In order to study another configuration, this number
was changed to 10 and the distance between resistors was increased from 1 mm to 3 mm (Table 7);
the number of sensors was not changed.

Table 7. New RBS parameters for the simulations.

s0 (m) ds (m) Nr (-) Ns (-)

0.003 0.003 10 3

Figures 34–36 present the results of the simulation case 2 with the complete regulation law and
the new RBS parameters.

The thrust reaches the command after 7.5 s and then slightly oscillates around 260 N ± 2 N until
30 s. At that time, the target level is changed and 2 s are needed to fit to the new command value.
From 32 s to 48 s, the thrust oscillates around 280 N ± 3 N and then starts to decrease at the end
of the simulation. The initial delay required to reach the first resistor of the sensors and to start the
feedback control was changed from 1.2 s to 3.8 s with the new set of RBS parameters. This delay is
multiplied by a factor close to 3 which approximately corresponds to the modification from 1 mm to
3 mm of the initial distance between the first resistor and the fuel grain surface. The mixture ratio
is never completely stabilized during the test and varies within 2.1 and 2.6 after 5 s of combustion.
The maximum error between the real O/F ratio and the measured value is close to 0.1 corresponding
to 4.3% error before 30 s, but can reach up to 0.3 after 30 s, which corresponds to 13% of the target
value. The error is multiplied by a factor 3 compared to the previous simulation which corresponds to
the change of the distance between resistors. Although the thrust remains relatively close to the target,
it is clear that the new set of sensors’ parameters generated more oscillations and that the engine is
more difficult to control. It is particularly true regarding the mixture ratio which directly depends on
the RBS measurements.

Figure 34. Thrust profile, feedback with complete regulation law, case 2, ds = 3 mm.
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Figure 35. Mixture ratio profile, feedback with complete regulation law, case 2, ds = 3 mm.

Figure 36. RBS signal, feedback with complete regulation law, case 2, ds = 3 mm.

Finally, Figures 37 and 38 present the results of the simulation case 2 with the downgraded
regulation law and the new RBS parameters.
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Figure 37. Thrust profile, feedback with downgraded regulation law, case 2, ds = 3 mm.

Figure 38. Mixture ratio profile, feedback with downgraded regulation law, case 2, ds = 3 mm.

The thrust reaches the command after 7.5 s and then oscillates significantly between 255 and
275 N until 30 s. The change to the second thrust level seems to stabilize the engine which operates
around 280 N ± 2 N until 55 s. The mixture ratio is also oscillating strongly and varies between
2.1 and 2.7 before 30 s. It becomes more stable in the second phase of the test. These simulations
clearly demonstrate that the complete regulation law provides significantly better results than the
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downgraded one, especially if the RBS precision is not very high, and also illustrated the importance
of the sensors design for a proper feedback control.

4. Discussion

4.1. Error Propagation Analysis

The error propagation analysis has been performed in order to study the influence and importance
of the measurements errors on the thrust and mixture ratio control. Two similar concepts (called
A-SOFT and AOA) based on a dual oxidizer injection have been investigated and compared in terms
of thrust, mixture ratio, and total relative errors. This analysis allows for calculating the errors
propagation produced by measurements errors and could be used to help design future A-SOFT
hybrid engines for real missions. Even though the AOA engine seems more interesting for limiting
the thrust error propagation, we have seen that this theoretical result was not guaranteed. Indeed, it
would suppose that the AOA engine has to operate at low values of αT which would induce other
operating troubles that are not taken into account in this study. Despite the fact that the benefit of using
an A-SOFT engine rather than an AOA engine in terms of thrust error propagation could be open to
debate, there is no ambiguity regarding the mixture ratio and the total relative errors. Because both of
the two oxidizer injections have an influence on the fuel regression rate in the A-SOFT engines (only
one in the AOA engines), this type of motor is more flexible and efficient to control the mixture ratio
compared to the AOA engines. Consequently, the A-SOFT motors significantly reduce the total error
propagation and are more interesting than the AOA motors in this regard. The principal assumptions
to conduct this study were to neglect the combustion chamber pressure influence on the specific
impulse and to suppose a constant combustion efficiency. These hypotheses lead to a specific impulse
that is a function of the mixture ratio only. Since the A-SOFT and AOA engines use a swirled oxidizer
injection, the combustion efficiency should keep a high value during the operating duration. As a
consequence, assuming a constant combustion efficiency is not a very strong hypothesis and should
not affect the described results. The error propagation analysis has been conducted and applied to
propose two design methods, described as follows:

(1) The first design method deals with the choice of an optimal geometric swirl number for the
A-SOFT engine. As we have seen thanks to the analysis, an augmentation of the geometric swirl
number directly increases the total relative error. As a consequence, we could conclude that the lowest
Sg possible may be the most interesting choice. However, the error propagation increase due to the
geometric swirl number augmentation is more or less significant depending on the engine operation
condition (αT). Consequently, the design of an optimal geometric swirl number is not trivial and
depends on other factors. Even though different choices could be made, we considered two optimal
criteria in this study: the first one was to never exceed a maximal error limit and the second one was to
minimize the total error for the entire firing test duration. We applied these criteria on a specific case
where the effective swirl number varies between 10 and 50, and the analysis conducted to an optimal
geometric swirl number of 62.5, different from 50 that would have been the minimal Sg possible.
We demonstrated that the error propagation analysis could be used to define the geometric swirl
number of an A-SOFT engine if the mission profile is known.

(2) The objective of the second method arising from the error analysis was to help define the
resistor-based sensors. In particular, the radial distance between resistors is the most crucial parameter
for the mixture ratio evaluation and must be chosen carefully. If the maximum total error which is
tolerable and the oxidizer mass flow rate measurement error are known, the propagation analysis can be
used to define the requirements for the radial distance between resistors, as demonstrated in this paper.
Further analysis may be required to design other parameters such as the axial distance between resistors,
the number of sensors, and their location along the grain. However, in order to study all the parameters,
the theoretical analysis should be coupled with dedicated numerical simulations and experimental firing
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tests. Although the specific case of resistor-based sensors has been considered in this study, the method
is interesting since it could be used to analyze other type of fuel regression rate measurements.

In this paper, we proposed and conducted independently two methodologies regarding the choice
of the geometric swirl number and the design of resistor-based sensors. However, these parameters
are not independent and should be designed in parallel. In practice, a few iterations of the described
methods may be required to design the ideal swirl injector geometry and the corresponding fuel
regression sensors in order to minimize the error propagation in an A-SOFT engine.

4.2. Numerical Simulations

The main objective of the numerical simulations was to evaluate the regulation law derived from
fundamental A-SOFT equations and to apply it with the use of resistor-based sensors for the fuel
regression rate measurement. The results described in the article showed that the A-SOFT engine
feedback control could be performed in order to manage the thrust and mixture ratio independently
and at the same time, and that using RBS was a promising solution for the mixture ratio evaluation.
Since the sensors’ principle is simple, it is possible to model their behavior and to study their
implementation using simplified simulations. Although the simulations revealed interesting features
of the feedback control, several assumptions have been made and deserve some discussion:

(1) As in the error propagation analysis, a constant combustion efficiency has been assumed
to perform the simulations and particularly to calculate the engine performances. Because of the
swirled oxidizer injection, this hypothesis is not very strong and the combustion efficiency should
keep a high value in a real configuration. However, it would be possible to remove this assumption
by using, for example, an empirical law giving the efficiency in function of the swirl number and the
combustion chamber geometry. Detailed experimental analysis would then be required to obtain such
an empirical relation.

(2) In our model, the regulation by the PID controller starts a few seconds after ignition since
it needs the data from the resistor-based sensors and an initial configuration for the servo-valves is
consequently required. In this study, we used an arbitrary 30% valve opening to check if the regulation
law and controller were able to rapidly match the commands, even if the initial thrust value was far
from the target one. In a real system, the initial thrust command is known and the initial valve opening
would be chosen in order to reach satisfying conditions from the very beginning of the engine’s
operation. Depending on the RBS parameters and the type of the regulation law, 5 to 7.5 s were needed
to reach the thrust target in the simulations. Indeed, if the distance between the first resistor and the
fuel grain surface is increased, the required time to start measuring the regression rate is increased and
the beginning of the regulation is delayed.

(3) In order to integrate a valve response time in the simulations, a regulation frequency of 2 Hz
has been used. This value seems realistic but could be changed if the valve and other sources of delays
are known.

(4) The mass flow rate and the thrust measurements have been considered as ideal in the
simulations. As we have seen in the error propagation analysis, the mass flow rate precision is
an important parameter for the efficiency of the regulation and to limit the errors’ propagation. Since
the thrust is one of the quantities to be regulated, its estimation is naturally essential for the feedback
loop control. Further analysis regarding these measurements should be integrated in future work.
For example, artificial noise could be added and numerical filtering used to reproduce real in-flight
analogical filtering. The noisy-filtered signals should then be used as measured thrust and oxidizer
mass flow rate into the feedback regulator.

(5) Several aspects should be highlighted and discussed regarding the resistor-based sensors.
In our study, we considered perfect sensors meaning that the resistors were disconnected as soon as
the fuel surface reaches them. In practice, it would imply that the RBS do regress at the exact same
rate as the fuel, and that the connectors for the resistors are destroyed properly at the same time. This
assumption will be studied more in detail in future work within an experimental firing test campaign
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including RBS. Even if the sensors are not ideal in reality, it would be possible to consider some
realistic conditions in the simulations. For example, to consider a potential difference between the fuel
and the sensors’ regression rates, a specific evaluation of the sensors’ burning rate could be added.
The simulations have been performed to analyze the influence of the sensors’ radial distance between
the resistors. However, other parameters could also be investigated such as the number of sensors and
their location. The axial distance between resistors has been considered as null for the simulations but
a more realistic value could be used. This work has not been performed yet, but the numerical code
developed for this study could be used in its current form in future work to analyze such parameters
of the RBS. As we have seen, the initial distance between the first resistor of the sensors and the fuel
grain surface plays a major role in the responsiveness of the feedback control at the beginning of the
combustion. For real applications, this distance should be minimized as much as possible.

(6) In the current version of the simulation code and feedback law, the fuel regression rate is
supposed to be constant between two re-evaluations. Similarly, the regression rate is supposed to be
piece-wise constant along the fuel grain. These hypotheses have been used as a first step since they
allowed a simple evaluation of the fuel regression and mass flow rates, but they could be modified
easily and improved by using interpolations.

(7) The PID controller has been limited to a proportional one and was sufficient to provide
interesting results in the case of the simple configurations that have been analyzed in this study.
The PID coefficients depend on the characteristics of the system and experimental tests would be
required to determine them.

Throughout the discussion of this study, the combustion chamber pressure was not considered
for the feedback control. In practice, the pressure should be measured and used for several purposes.
Firstly, the regulation law should include safety procedures in which the chamber pressure would
play a major role. Secondly, the combustion chamber pressure could be used to evaluate the
combustion efficiency of the operating engine by combining the other measurements. The knowledge
of the combustion efficiency could be taken into account in the regulation law. Finally, the thrust
measurements provided by an accelerometer could be completed by an estimation based on the
chamber pressure and the propellants’ mass flow rates.

Despite the few limitations and possible improvements that have just been discussed, the current
version of the code allowed for obtaining interesting results regarding the A-SOFT feedback control
based on RBS measurements. Three thrust command profiles have been investigated (constant,
piece-wise constant, and linear evolution) with a constant optimal mixture ratio for the O/F ratio
command. For these configurations, the regulation law derived from the A-SOFT fundamental
equations has been compared to a downgraded law based on a simple proportionality relation.
Although the downgraded law exhibited lower performances than the full regulation law in terms of
precision and oscillations around the target value, the behavior of the engine could be considered as
acceptable with this simple law if the sensors’ precision is high. Additionally, two sets of parameters
for the RBS have been tested. The importance of the sensors design regarding the feedback control
have been demonstrated as well as the advantage of using the complete regulation law. In particular,
if the precision of the RBS is reduced, the feedback control of the A-SOFT engine remains efficient with
limited oscillations if the full regulation law is used while the engine becomes difficult to control in the
case where a downgraded law is used.

5. Conclusions

The error propagation analysis has been performed in order to study the influence of the
measurements errors on the thrust and mixture ratio control in hybrid engines. The A-SOFT and AOA
concepts are based on a dual oxidizer injection and have been investigated and compared in terms
of thrust, mixture ratio, and total relative errors. It has been demonstrated that the A-SOFT engines
were more interesting to limit the errors propagation compared to the AOA motors. The influence
of the geometric swirl number has been highlighted, and a possible method for its design was
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proposed based on the error propagation results. The importance of the fuel and the oxidizer mass
flow rates measurements has also been discussed and the use of resistor-based sensors has been
investigated. Moreover, a design methodology has been proposed to make these sensors suitable for
A-SOFT applications based on the error propagation results. A control law has been derived from
the fundamental equations of hybrid engines and the A-SOFT concept and has been validated by
numerical simulations. We demonstrated the interest of using this law to obtain precise feedback
control of the engine compared to a simpler proportional regulation law. Besides the regulation law,
the numerical simulations have been used to study the integration of the resistor-based sensors in the
control of the engine. This study successfully demonstrated the feasibility of A-SOFT feedback loop
control by using resistor-based sensors for the fuel regression rate measurement and represents an
additional step towards the development of such hybrid rocket engines.
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Nomenclature

αT ratio of the oxidizer injections, -
ṁ f ,m,s local measured fuel mass flow rate, kg·s−1

ṁ f ,m total measured fuel mass flow rate, kg·s−1

ṁ f fuel mass flow rate, kg·s−1

ṁo,m measured oxidizer mass flow rate, kg·s−1

ṁoA f t aft-end oxidizer mass flow rate, kg·s−1

ṁoA axial oxidizer mass flow rate, kg·s−1

ṁoFront front oxidizer mass flow rate, kg·s−1

ṁoT tangential oxidizer mass flow rate, kg·s−1

ṁo total oxidizer mass flow rate, kg·s−1

ṁtot total mass flow rate, kg·s−1

ṙ regression rate, m·s−1

ṙm,s local measured regression rate, m·s−1

ṙm measured regression rate, m·s−1

ηc combustion efficiency, -
ηn nozzle efficiency, -
γ isentropic coefficient, -
Etotal integrated total error, s
e normalized relative error, -
φ fuel port diameter, m
φ0 initial fuel port diameter, m
φm,s local measured diameter, m
φout outer fuel grain diameter, m
φt nozzle throat diameter, m
ρ f fuel grain density, kg·m−3
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Σ nozzle expansion ratio, -
ξ oxidizer to fuel ratio, -
ξm measured oxidizer to fuel ratio, -
a regression rate coefficient, m·s−1

Ae nozzle exit area, m2

At nozzle throat area, m2

b regression rate coefficient, -
c∗th theoretical characteristic velocity, m·s−1

ds radial distance between resistors, m
dsx axial distance between resistors, m
dt numerical time step, s
dx numerical space step, m
e relative error, -
epid PID error, -
F thrust, N
Fm measured thrust, N
freg numerical regulation frequency, Hz
g0 ground gravitational acceleration, m·s−2

Go oxidizer mass flux, kg·m−2·s−1

Isp,th theoretical specific impulse, s
Isp specific impulse, s
kD PID derivative coefficient, -
kI PID integral coefficient, -
kP PID proportional coefficient, -
L fuel grain length, m
m regression rate coefficient, -
n regression rate coefficient, -
Nr number of resistors, -
Ns number of sensors, -
pa ambient pressure, Pa
pc combustion chamber pressure, Pa
perror pressure convergence parameter, %
pe nozzle exit pressure, Pa
s0 initial distance grain surface - resistor, m
Se,m measured effective swirl number, -
Se effective swirl number, -
Sg geometric swirl number, -
sr resistor signal, V
ss sensor signal, V
t time, s
t f firing duration, s
vo servo valves opening, -
x axial position, m
xs sensor axial position, m
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Abbreviations

The following abbreviations are used in this manuscript:

AOA Aft-end Oxidizer Addition
A-SOFT Altering-intensity Swirling-Oxidizer-Flow-Type
MFR Mass Flow Rate
O/F Oxidizer to Fuel ratio
PID Proportional Integral Derivative
RBS Resistor-Based Sensor
RMS Root Mean Square
RPA Rocket Propulsion Analysis
SPLab Space Propulsion Laboratory

Appendix A. Materials and Methods Related to AOA Engines

Appendix A.1. Fundamental Equations of AOA Engines

The AOA engines can be somehow compared to the A-SOFT engines since they combine two
oxidizer injections in order to control the thrust and the O/F ratio [8,9]. The major difference comes
from the positions of the injectors: in AOA engines, a front injection is combined with an aft-end
injection (Figure 5). The swirled front injection generates the fuel regression and the thrust and the
O/F ratio are then regulated by the oxidizer addition from the aft-end injection.

In AOA engines, the fuel regression rate only depends on the front injection. The swirl number
provided by this injection is constant since its geometry does not change during the engine operation.
The fuel regression rate can be written by Equations (A1)–(A4):

ṙ[t] = g[Go[t]], (A1)

g[Go[t]] = a
(

1 + S2
g

)m
Gn

o [t], (A2)

Go[t] =
4
π

ṁoFront[t]
φ2[t]

. (A3)

We obtain:

ṙ[t] = 4nπ−na
(

1 + S2
g

)m
(

ṁoFront[t]
φ2[t]

)n
. (A4)

The oxidizer and the fuel mass flow rates are defined by Equations (A5) and (A6) with: C2 =

4nπ1−na(1 + S2
g)

mLρ f :
ṁo[t] = ṁoFront[t] + ṁoA f t[t], (A5)

ṁ f [t] = C2φ[t]
(

ṁoFront[t]
φ2[t]

)n
. (A6)

Finally, the O/F ratio can be estimated by Equation (A7):

ξ[t] =
ṁoFront[t] + ṁoA f t[t]

C2φ[t]
(

ṁoFront[t]
φ2[t]

)n . (A7)

The thrust can be evaluated by Equation (A8):

F[t] = Isp[ξ]g0

{
ṁoFront[t] + ṁoA f t[t] + ṁ f [t]

}
= Isp[ξ]g0

{
ṁoFront[t] + ṁoA f t[t] + C2φ[t]

(
ṁoFront[t]

φ2[t]

)n}
.

(A8)
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Similarly to A-SOFT engines, it is possible to express the thrust and the mixture ratio as function
of the three independent variables ṁoFront, ṁoA f t, and φ (Equation (A9)):

⎛⎝F

ξ

⎞⎠ =

⎛⎜⎝F
[
ṁoFront, ṁoA f t, φ

]
ξ
[
ṁoFront, ṁoA f t, φ

]
⎞⎟⎠ . (A9)

Appendix A.2. Error Propagation of AOA Engines

The relative errors of thrust and O/F ratio in AOA engines can be written by Equations (A10)
and (A11):

eF =

√√√√(
∂ ln F

∂ ln ṁoFront
eṁoFront

)2
+

(
∂ ln F

∂ ln ṁoA f t
eṁoA f t

)2

+

(
∂ ln F
∂ ln φ

eφ

)2
, (A10)

eξ =

√√√√(
∂ ln ξ

∂ ln ṁoFront
eṁoFront

)2
+

(
∂ ln ξ

∂ ln ṁoA f t
eṁoA f t

)2

+

(
∂ ln ξ

∂ ln φ
eφ

)2
. (A11)

Like for A-SOFT engines, we will consider that the oxidizer mass flow rate errors are equal: eṁoT =

eṁoA = eṁoFront = eṁoA f t = eMFR. The relative errors are also normalized by eMFR. As a consequence,
the thrust, the O/F ratio and the total normalized errors for AOA are written in Equations (A12)–(A14):

eF =

√√√√(
∂ ln F

∂ ln ṁoFront

)2
+

(
∂ ln F

∂ ln ṁoA f t

)2

+

(
∂ ln F
∂ ln φ

)2
eφ

2, (A12)

eξ =

√√√√(
∂ ln ξ

∂ ln ṁoFront

)2
+

(
∂ ln ξ

∂ ln ṁoA f t

)2

+

(
∂ ln ξ

∂ ln φ

)2
eφ

2, (A13)

etotal =
√

eF
2 + eξ

2. (A14)

Similarly to A-SOFT engines, the αT parameter indicates the ratio of the oxidizer injections.
It varies in [0, 1] (0 if: ṁoFront = 0 and 1 if: ṁoA f t = 0) and is given by Equation (A15):

αT =
ṁoFront

ṁoFront + ṁoA f t
. (A15)

The sensitivity coefficients can be calculated based on Equations (A7) and (A8), and are given in
the following relations (Equations (A16)–(A21)):

∂ ln F
∂ ln ṁoFront

=
n + αTξ

1 + ξ
+ (αT − n)

d ln Isp

d ln ξ
, (A16)

∂ ln F
∂ ln ṁoA f t

= (1 − αT)

{
ξ

1 + ξ
+

d ln Isp

d ln ξ

}
, (A17)

∂ ln F
∂ ln φ

= (2n − 1)
{
− 1

1 + ξ
+

d ln Isp

d ln ξ

}
, (A18)

∂ ln ξ

∂ ln ṁoFront
= αT − n, (A19)

∂ ln ξ

∂ ln ṁoA f t
= 1 − αT , (A20)
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∂ ln ξ

∂ ln φ
= 2n − 1. (A21)

The specific impulse coefficient in Equations (A16)–(A18) is the same as for A-SOFT and is given
in Equation (31).

Appendix B. Error Propagation Results of A-SOFT Engines Operating at Non-Optimal Mixture Ratio

Appendix B.1. Oxidizer-Rich Combustion

The following case is considered:

• mixture ratio: ξ = 4,
• regression rate: a = 0.029 × 10−3 m·s−1, m = 0.166, n = 0.650,
• specific impulse: Isp = 275 s and dIsp/dξ = −12.5 s.

The results are given in Figures A1 and A2.

Figure A1. Normalized total error (oxidizer rich combustion).

Figure A2. Influence of the geometric swirl number (oxidizer rich combustion) for Sg values in
[0,2,4,6,8,10,12,15,20,30,40,50].
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Appendix B.2. Fuel-Rich Combustion

The following case is considered:

• mixture ratio: ξ = 1,
• regression rate: a = 0.029 × 10−3 m·s−1, m = 0.166, n = 0.650,
• specific impulse: Isp = 225 s and dIsp/dξ = 50 s.

The results are given in Figures A3 and A4.

Figure A3. Normalized total error (fuel rich combustion).

Figure A4. Influence of the geometric swirl number (fuel rich combustion) for Sg values in
[0,2,4,6,8,10,12,15,20,30,40,50].
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Appendix C. Numerical Results with Downgraded Feedback Regulation Law

Figure A5. Thrust profile, feedback with downgraded regulation law, case 1.

Figure A6. Mixture ratio profile, feedback with downgraded regulation law, case 1.
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Figure A7. Effective swirl number profile, feedback with downgraded regulation law, case 1.

Figure A8. Oxidizer mass flow rate profile, feedback with downgraded regulation law, case 1.
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Figure A9. Thrust profile, feedback with downgraded regulation law, case 3.

Figure A10. Mixture ratio profile, feedback with downgraded regulation law, case 3.
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Figure A11. Effective swirl number profile, feedback with downgraded regulation law, case 3.

Figure A12. Oxidizer mass flow rate profile, feedback with downgraded regulation law, case 3.
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Abstract: In this article, we undertake a concise review of several milestone developments in classical
regression rate models of hybrid rocket motors. After a brief description of the physical processes
entailed in hybrid rocket combustion, Marxman’s diffusion-limited theory is re-constructed and
discussed. Considerations beyond the scope of basic convection-driven models, which address
disparate forms of the blowing correction, variable fluid properties, and pressure and radiation
effects, are also given. Finally, a selection of kinetically-limited models is presented, with the
aim of comparing the characteristics of several competing theories that become applicable under
particular circumstances.

Keywords: hybrid; rocket; regression; Marxman; diffusion-limited; blowing factor

1. Introduction

In the early 1960s, the advent of the space race played a key role in renewing commercial
interest in hybrid rockets as a viable propulsion alternative. Previous experimentation in 1947 by the
Pacific Rocket Society had established that the chamber pressure of a hybrid rocket was not strongly
influenced by the exposed fuel surface area and that hybrid motors were insensitive to cracks in their
fuel grains [1]; this safety feature essentially nullified the risk of sudden deflagrations caused by defects
in motor fabrication and presented hybrids as an attractive alternative to the more universally-accepted
solid propellant systems. Nonetheless, several elements of the physical processes associated with the
operation of hybrid rockets remained elusive, including the details of the combustion process and the
effects of scaling on motor performance. The search for answers, both quantitative and qualitative, to
these fundamental questions was undertaken throughout the 1960s at the United Technology Center
(UTC) in California, where Marxman, Gilbert, Wooldridge, and Muzzy carried out several elegant
experimental and theoretical investigations into the nature of hybrid motor burning. Although this
group was, by no means, alone in its line of inquiry, its members established themselves at the forefront
of the field by conducting a series of landmark studies which are routinely cited to this day. For a more
thorough perspective on the efforts of this and other contemporaneous groups, the historical exposé
provided by Altman [1], who led the hybrid research group at UTC, is highly recommended.

The effort to describe the internal ballistics of hybrid motors continues to the present day,
especially as novel engine configurations that cannot be accurately described by the more traditional
models are becoming commonplace. Furthermore, the continuous growth in modern computing power
and numerical techniques has allowed for computational investigations into hybrid rocket combustion
in greater detail than ever before. The subject of classical diffusion-limited regression rate models is
cursorily reviewed in the introductory parts of various articles on hybrid rockets, but these treatments
are naturally not intended to elucidate the finer points of the models in question. Although other
comprehensive reviews of the subject matter exist [2,3], they tend to have a generally broader focus.
While their values remain unquestionable, they can require greater effort on the part of the reader to
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gather all the details necessary for the complete re-construction of Marxman’s model compared to the
present treatment.

This article is intended for researchers who have not been acquainted with the history of
analytical, boundary-layer-based regression rate modeling in hybrid rockets. It aims to complement
the existing literature by providing the reader with a concise, but sufficiently detailed, review of
classical diffusion-limited regression models, in order to set a solid foundation upon which future
related research could be based. In this vein, the starting point of this review will be a brief discussion
of the physical processes involved in hybrid rocket combustion.

2. Physical Processes in Hybrid Rockets

Hybrid rockets are thrust-producing chemical propulsion systems that store their fuel and
oxidizers separately in different phases; a typical hybrid rocket consists of a liquid oxidizer, which
is injected into a thrust chamber whose walls are composed of a solid fuel. Such a design concept
offers several unique advantages over traditional solid and liquid rocket configurations. Hybrids are
less complex and, therefore, less costly than liquids because they require half of the plumbing and
turbo-machinery. They offer the flexibility of throttling and are, thus, capable of non-destructive aborts,
which are out of reach for solid motors. Hybrid engines are capable of generating specific impulse
values that generally fall between those of solids and those of liquids. However, when designed
properly, hybrids can match the performance of some liquid systems, such as LOX-RP1 [4]. In addition
to their insensitivity to cracks during flight, hybrids offer unique safety advantages during all phases of
their life cycle, including fabrication, storage, and handling. On the other hand, the physical separation
of the fuel and oxidizer interfaces leads to a less vigorous combustion response, when compared to the
quasi-pre-mixed flame character observed in solid and liquid rocket engines.

Hybrid combustion depends on the balancing act of several aerodynamic, chemical, and thermal
processes. An illustrative sketch of a diffusion-limited hybrid flame is provided in Figure 1.

Figure 1. Illustrative sketch of the diffusion-limited combustion process in hybrid rockets.

When an oxidizer is injected uniformly into a combustion chamber, a turbulent boundary layer
forms as the ensuing flowfield sweeps over the solid fuel grain. It should be noted that, in nearly all
real hybrids, oxidizer injection is not uniform and injector effects dominate at the head end. These
effects tend to greatly increase the local regression rate and often demand special care be taken in
preventing burn-through of the grain and casing near the injectors. When injection is not uniform,
the boundary layer assumes its classical structure downstream of the flowfield generated by the
injectors. Heat from an ignition source reaches the wall and vaporizes a thin layer of fuel, which then
infiltrates the boundary layer region. At some small distance from the wall, the local mixture ratio,
due to species diffusion between the oxidizer and the fuel, proves conducive to combustion and so a
thin flame appears. This location is situated approximately 10–20% of the boundary layer thickness (δ)
from the wall and may be around 0.1δ thick [5].

Interestingly, chemical combustion in the boundary layer of hybrids was observed in some early
experiments to occur at fuel-rich conditions [5–7], thus leading to flame temperatures that were
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considerably lower than the adiabatic flame temperature of the reacting propellants. This situation is
not universal and its report immediately generated significant debate [8] which, while informative
regarding the validity of diffusion-limited models, falls beyond the scope of this review. A fraction of
the vaporized fuel flows axially below the flame zone and, in some configurations, this fuel is mixed
with excess oxidizer in a post-combustion chamber in an effort to recover the full performance potential
of the hybrid motor. Once the motor is ignited, the combustion process becomes self-sustaining and
somewhat self-regulating. Increasing the oxidizer flow rate enhances the convective heat transfer to
the wall and, as such, the vaporization rate of the fuel. Naturally, the increased mass of fuel blowing
outwardly from the grain has a blocking effect on the inward convective heat transport across the
flame, thereby reducing the vaporization rate until an equilibrium state is achieved. For this reason,
and because increasing the oxidizer flow pushes the motor further away from an ideal oxidizer-to-fuel
ratio, throttling the oxidizer alone as a means of controlling a hybrid motor has proven to be more
complicated than throttling both propellants together as in a liquid rocket engine. Too much oxidizer
“too fast” will blow the engine out, as the overall mixture ratio shifts into a region that can no longer
support combustion; in the extreme case, residence times become insufficient for chemical reactions
to complete. Conversely, an insufficient amount of oxidizer can lead to flame extinction. Operating
just above the lower flammability limit can “cook” the motor, as low temperatures cause charring
instead of complete combustion, specifically when low heat-transfer and regression rates allow the
heat to penetrate deeper into the fuel grain to the extent of altering its mechanical properties. Although
pressure-sensitive chemical kinetics can be quite important in either of these extremes, combustion is
conventionally accepted to be a diffusion-limited process at the moderate operating conditions that are
typical of most hybrid motors.

3. Marxman’s Diffusion-Limited Model

We now turn our attention to a review of the regression rate model developed at UTC by Marxman
and his associates. Their model describes the heat transfer pathways within a hybrid motor and leans
heavily on the earlier work of Lees [9], who performed a similar analysis in a chemically reactive
environment with blowing. The model assumes that the flow is developing along the entire length of
the grain (i.e., the boundary layers on either side of the motor have not yet merged at the center-line
and a core flow of nearly pure oxidizer exists). Thus, the model does not accurately portray motors
whose flow becomes fully developed in the port or is dominated by injector effects over a large region
of the head end. The foundational relationship of Marxman’s model consists of an equivalence between
the heat transferred from the gas to the wall and the energy absorbed in vaporizing the solid fuel:

Q̇w = ṁ′′
f hv = ρfṙhv, (1)

where Q̇w, ṁ′′
f , hv, and ρf represent the total heat flux at the wall, the fuel mass flux leaving the surface,

the effective heat of gasification (which combines the heat of vaporization and melting, the heating
of the solid fuel grain, and the heat of reaction associated with polymer degradation), and the fuel
density, respectively. Note that the fuel is assumed to pyrolyze and vaporize, as is the case with most
polymers, and that Marxman’s model is not accurate for liquefying fuels (such as paraffin wax) that
characteristically form a low-viscosity melt layer at the surface. The grain regression rate is represented
by ṙ, in keeping with most other authors, despite some later simplifications that assume a planar
configuration. Implicit in the relation specified in Equation (1) is the assumption that there are no heat
losses through the grain to the motor casing or outside environment. Experiments and theories have
both shown that such conditions provide a reasonable portrayal of normal operations for most hybrid
motors, with the thermal waves penetrating only a short distance below the grain surface at moderate
regression rates [6]. Next, a more specific expression for the heat transferred from the gas to the wall is
given by

Q̇c = −
(

k
cp

∂h
∂y

)
w

, (2)
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where Q̇c, k, cp, h, and y represent the convective heat flux (including the effect of partial enthalpies
transport by species diffusion), thermal conductivity of the gas, specific heat of the gas, enthalpy of
the gas, and normal distance into the flow from the fuel surface, respectively. Here the subscript ‘w’
refers to properties evaluated at the wall. Equation (2) appears as a conductive expression, although it
is not explicitly labeled as such in Marxman and Gilbert’s [5] original paper. It should be noted that
applying such a simple conductive heat transfer relation to combusting flow implies the assumption
that Le = Pr = 1 and that the Reynolds analogy is valid for turbulent flow. As for the radiative
component of the total heat flux, it represents a smaller contribution than convection in most hybrids.
Whether the effect of radiation is small enough to be safely neglected, as in Equation (2), depends on
the propellants and motor operating conditions: Although the polymethyl methacrylate (PMMA)-O2

systems studied at UTC display a weak radiation dependence, several hybrid motors behave differently.
The importance of radiation is discussed at greater length in a later section.

The first of the two major hurdles in describing the heat transfer pathway has now been reached;
namely, the challenge of determining the amount of convective heat flux at the wall, based on the
known characteristics of the turbulent flow. The Stanton number is introduced, for this purpose, as it
represents the ratio of the heat transferred into a fluid to the thermal capacity of that fluid:

St =
Q̇c

ρbubΔh
, (3)

where the difference in gas-sensible enthalpy Δh is evaluated between the flame zone, denoted by a
subscript b, and the gas at the wall. In the above, the axial velocity of the burned gas is designated as
ub. Writing the wall energy balance, Equation (1), in terms of the Stanton number, we have

ρfṙ =
Q̇c

hv
=

Q̇w

hv
= St ρbub

Δh
hv

, (4)

so that Q̇, which is unknown and difficult to estimate directly, is eliminated.
At this juncture, the Reynolds analogy may be invoked to establish an approximate relationship

between the unknown heat flux and the better-understood shear stress within the boundary layer.
In this process, the Prandtl and Lewis numbers between the wall and the flame zone are taken to be of
order unity. It should be noted that, since real hybrids often experience conditions that differ from the
idealized assumptions made here, the Chilton–Colburn analogy may replace the Reynolds analogy for
cases where Pr �= 1 or in the presence of an axial pressure gradient. In fact, it may be shown that the
difference in the final regression rate relation is rather small when these effects are taken into account
(see Marxman [7]). Accordingly, the thermal and molecular diffusion mechanisms associated with the
energy and momentum transfers within the boundary layer may be assumed to be driven by similar
turbulent mixing processes. Subsequently, the Reynolds analogy may be written as an equivalence
between the ratio of the heat flux to the radial gradient of total enthalpy hT and the ratio of the shear
stress τ to the radial gradient of the axial velocity:

− Q̇
∂hT/∂y

=
τ

∂u/∂y
. (5)

This expression may be integrated from the wall to the flame zone, since the object of invoking
the analogy is to link properties at these two points. Direct integration yields

Q̇c

ΔhT
=

τw

ub
. (6)

If no combustion occurs in the low-speed region below the flame, Δh = ΔhT and dividing by ρbub
leads to an alternate expression for the Stanton number, in terms of the wall shear stress τw or the skin
friction coefficient Cf , by
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St =
τw

ρbu2
b
=

1
2

Cf
ρeu2

e

ρbu2
b

. (7)

Finally, substituting Equation (7) into Equation (4) enables us to write

ρfṙ =
1
2

Cf ρeue
ue

ub

Δh
hv

. (8)

Note that Q̇ has now been replaced in the expression by Cf , which is more straightforward to
estimate. The first hurdle has been cleared.

Next, the skin friction coefficient may be calculated using a suitable empirical relation. Marxman
used the well-known expression for turbulent flow over a flat-plate with no blowing (Schlichting [10]),

Cf0

2
= 0.03Re−0.2

x , (9)

where the reference flat-plate value for the skin friction coefficient is given the zero subscript, in order
to distinguish it from the value applicable to the combusting flowfield. The local Reynolds number in
this expression is given in terms of the freestream properties at the boundary layer edge, denoted here
with a subscript ‘e,’ and the axial distance x from the grain leading edge, specifically

Rex ≡ ρeuex
μe

. (10)

Making use of this relation entails two principal assumptions: First, that the presence of blowing
does not change the nature of the flow so much that a standard value of the friction coefficient modified
by a correction factor would be invalidated and, second, that the result for a flat plate will adequately
describe the motion in a typical cylindrical and center-perforated grain. The validity of the first
assumption largely depends on the complexity or degrees of freedom offered by the correction factor
applied. The flat-plate assumption is generally accepted for axially-injected hybrid motors—the grain
curvature becomes inconsequential to the analysis in the absence of swirl (i.e., when the motion lacks a
significant tangential component). In such configurations, the boundary layer length-scales remain at
least one order of magnitude smaller than those associated with the radius of curvature, so that the
combustion process may be safely modeled using a flat-plate assumption. The combined effect of both
assumptions has been examined in the context of swirl-driven motors by at least one researcher [11].

Substituting the skin friction coefficient expression given by Equation (9) into the energy balance
in Equation (8) produces

ρfṙ = 0.03ρeueRe−0.2
x

Cf

Cf0

ue

ub

Δh
hv

. (11)

All that remains is to find a “blowing correction,” Cf /Cf0 = St/St0, that will account for
the difference in heat flux between the combusting (i.e., blowing) and non-combusting cases.
For convenience, the blowing parameter B is first defined as

B ≡ ue

ub

Δh
hv

, (12)

so that

ρ f ṙ = 0.03ρeue
Cf

Cf0

Re−0.2
x B. (13)

The blowing parameter, thus, appears as a thermochemical parameter, which depends on the
flame location within the boundary layer and which can be specified for a particular propellant
combination. While it is clear that the heat of gasification and difference in enthalpies are determined
by the propellants and mixture ratio, the dependence of the velocity ratio ue/ub, which is closely
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linked to the flame height, on these same parameters is less evident. This dependence may be verified
by integrating the oxidizer and fuel mass fluxes through a pair of control volumes separated by the
flame zone and comparing the results to the integral momentum equation. One obtains

ue

ub
=

Koxe +
(
O/F + Koxe

)
(Δh/hv)

(O/F) (Δh/hv)
, (14)

where Koxe is the oxidizer concentration in the free stream and O/F is the local oxidizer to fuel ratio
at the flame [6]. For the equi-diffusive case, the blowing parameter also proves to be a similarity
parameter of the boundary layer. In other words, when Le = Pr = 1 and B = const., the velocity,
species concentration, and enthalpy profiles become similar everywhere [2,6]. In a follow-up paper,
Marxman [7] derived the following expression for the blowing correction

Cf

Cf0

=

[
ln(1 + B)

B

]0.8
[

1 + 13
10 B + 4

11 B2

(1 + B)(1 + 1
2 B)2

]0.2

, (15)

which he simplified, using curve fitting, into

Cf

Cf0

= 1.2B−0.77. (16)

Much academic debate has surrounded the proper representation of the blowing correction.
In his original presentation, Marxman [7] acknowledged the form derived in Lees [9] using thin-film
theory; particularly,

Cf

Cf0

=
ln(1 + B)

B
. (17)

Marxman concluded that, since mass addition is discounted in the construction of Equation (17),
it can only be expected to produce reasonable results for low values of the blowing parameter B.
Marxman [7] then derived the equations most often used in the context of hybrids—namely,
Equations (15) and (16)—using Prandtl’s mixing length hypothesis combined with von Kármán’s
momentum integral analysis. Details of this derivation may be found in Appendix A. These expressions
lead to better agreement with experiments at high mass injection rates. The improvement in accuracy
when moving from Equation (17) to Equation (15) is illustrated in Figure 2 using the experimental data
reported by Mickley and Davis [12] as well as Tewfick [13].

Figure 2. Comparison of blowing correction formulations expressed over a range of blowing parameters
at several Reynolds numbers. Data taken from [12,13].
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A decade later, Lengelle [14] revisited some of Marxman’s assumptions on eddy diffusivity
and developed a modified form of the blowing correction. Both derivations were later shown to
display inconsistencies with experimental measurements, as well as an exact solution developed
by Karabeyoglu [15] under similar conditions. Specifically, Marxman’s expression for the skin
friction coefficient did not reduce to the accepted value in the absence of blowing, although his
analysis yielded a blowing correction trend that stood in better agreement with experimental
measurements. Meanwhile, Lengelle’s expressions fell closer to the analytical solution for skin friction
but overestimated the blowing correction when compared to experiments. Based on this realization,
Karabeyoglu set about deriving a new expression that did not rely on the same assumptions drawn
from Prandtl’s mixing length hypothesis. He arrived at an expression for the blowing correction that
was nearly identical to Equation (15) of Marxman [7], albeit with a more self-consistent expression for
the skin friction coefficient. In the end, Karabeyoglu suggested the use of a simplified exponential
expression and pointed out that Altman [4] had already shown that a simple power-law relation
remained a more accurate representation than Equation (16) over a practical range of interest. This
relation is simply

Cf

Cf0

= B−0.68. (18)

Nonetheless, by substituting Marxman’s simplified blowing correction, Equation (16), into the
regression rate expression given by Equation (13), one gets

ρfṙ = 0.036ρeueRe−0.2
x B0.23, (19)

or, in terms of the mass flux G ≡ ρeue,

ρfṙ = 0.036G
(

Gx
μe

)−0.2
B0.23. (20)

We, thus, arrive at Marxman’s form of the local regression rate in the absence of radiation,
although a more commonly seen result may be obtained by consolidating the constant properties in
Equation (20) to produce the compact relation

ṙ = AG0.8x−0.2, (21)

where A remains approximately invariant for a given propellant. Note that the space-time
averaged equivalent of Equation (21) is often used by researchers reporting experimental
measurements, specifically,

ṙ = mGn. (22)

In the above, combining B with the other constants is justified by noting that, as long as Δh/hv

does not change with Rex, then the distribution of the regression rate will be such that B remains
spatially uniform [6]. Even when this is not strictly the case, B is expected to display very small
variations along the length of the grain. The small exponent of B further ensures that even large
changes in Δh or hv will have negligible effects on the overall regression rate. Another consequence of
this relation is that values of B calculated for one propellant can be extended, with reasonable accuracy,
to other propellants, so long as they share similar compositions and conditions that justify ignoring
radiation effects. The relation also suggests that any possible oxidative reactions at the fuel surface
that alter Δh/hv from its idealized value will have a minor effect on the regression rate (see the reply
to Rosner’s comment in [7] for context and elaboration on the significance of this implication).

Before leaving this subject, it may be helpful to reflect on several regression rate characteristics
that may be gleaned from Equation (20). First and foremost, one notes the absence of any pressure
dependence in the expression for ṙ. While this behavior remains contingent on discarding radiative
effects, an assumption which will be later examined in more depth, it proves to be surprisingly
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accurate for many systems. Physically, the lack of a pressure dependence may be attributed to
the diffusion-flame burning response, which stands as the single most defining characteristic for
hybrids. In fact, one may argue that a mass flux-controlled motor offers distinct advantages over
a pressure-dependent solid motor. Designers are now permitted more freedom in choosing a
motor operating pressure which helps to achieve a desired target performance or meet certain
safety requirements, which can be particularly useful in research and adoption in academic settings.
Another feature captured in Equation (20) consists of the axial variation in regression rate, which
encompasses both a positive correlation with axial distance as fuel injection increases the local mass
flux (i.e., the flux increases at locations further downstream as more fuel mass is added to the flow),
and a negative correlation with axial distance, which may be associated with boundary layer growth
and the corresponding decrease in the skin friction coefficient and, thus, the heat flux, in conformance
with the Reynolds analogy. These competing factors result in an equilibrium location for the minimum
regression rate that shifts downstream with the passage of time.

4. Radiation

Up to this point, several pressure-dependent mechanisms that can influence the regression rate
in a hybrid motor have been ignored. Foremost among them is radiative heat transfer, which can
contribute significantly to the overall fuel regression behavior, depending on the motor operating
conditions and fuel composition. Although some researchers have found that the purely convective
heat transport equations remain the most reliable for hydrocarbon fuels [16], Marxman and Gilbert
recognized the potential importance of radiative heat transfer immediately and included a crude
treatment of the subject in their initial investigation [5], specifically by adding a grey-body radiation
term to the regression rate expression described above. They wrote

ρfṙ = 0.036G
(

Gx
μe

)−0.2
B0.23 +

σεw
(
εgT4

b − T4
w
)

hv
, (23)

where εg denotes the emissivity of the gas, while εw refers to the emissivity of the wall and σ stands for
the Stefan-Boltzmann constant. However, since this expression neglects the strong coupling between
radiation and the blocking effect, it does not agree well with experiments. Marxman et al. [6] addressed
this coupling by representing the radiative contribution in two equivalent ways: On one hand, applying
a correction factor to the blowing parameter in Equation (20) results in the modifier (Brad/B)0.23 that
accounts for the entire effect of radiation in one simple term:

ρfṙ = 0.036G
(

Gx
μe

)−0.2
B0.23

(
Brad

B

)0.23
. (24)

On the other hand, the effect of radiation may be included more explicitly by recognizing that,
to account for coupling, Equation (23) need only be adjusted by modifying the blowing correction in
the convective term, such that

ρfhvṙ = Q̇c

(
Brad

B

)−0.77
+ Q̇rad, (25)

where

Q̇c = 0.036GhvRe−0.2
x B0.23 and Q̇rad = σεw

(
εgT4

b − T4
w

)
.

Combining Equations (24) and (25) leads to the correction factor

Brad
B

= 1 +
Q̇rad

Q̇c

(
Brad

B

)0.77
. (26)
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Although this equation cannot be solved explicitly, its solution can be approximated adequately
using an expression provided in [6],

Brad
B

= exp
(

1.3Q̇rad

Q̇c

)
, (27)

which, when substituted back into Equation (25), yields a simple, closed-form approximation,
specifically

ρfṙ =
[
Q̇c exp

(−Q̇rad/Q̇c
)
+ Q̇rad

]
/hv. (28)

If more accuracy is desired, a three-term asymptotic approximation may be used; namely,

Brad
B

= exp

[(
Q̇rad

Q̇c

)
+ 0.27

(
Q̇rad

Q̇c

)2

+ 0.06768
(

Q̇rad

Q̇c

)3]
. (29)

Equation (29) proves to be in closer agreement with the exact solution than Equation (27).
If simplicity is desired, an alternate one-term approximation may be used that remains more accurate
than Equation (27) as long as radiation contributes no more than two-thirds of the convective heat flux.
This expression is

Brad
B

= exp
(

1.13727Q̇rad

Q̇c

)
. (30)

In the interest of clarity, the different solutions for the radiation correction are plotted in Figure 3
along with the numerical solution to Equation (26). Note that each approximation has its own
merits: While being the least accurate, Equation (27) remains adequate over the entire domain and
results in unitary coefficients, as per Equation (28). Equation (29) remains the most accurate over
the entire domain, and Equation (30) remains nearly indiscernible from the numerical solution for
smaller radiative contributions while remaining simple to apply, as long as Q̇rad/Q̇c ≤ 2/3. All these
expressions, however, correspond to Marxman’s curve-fitted model for the blowing correction given
by Equation (16). Naturally, a different form of Cf /Cf0 would lead to a slightly dissimilar set of
expressions for Brad/B.

(a) (b)

Figure 3. Comparison of different expressions for the radiation correction shown (a) over a wide range
of heat flux ratios, and (b) over a more practical range.

For systems with low values of Q̇rad/Q̇c, Marxman et al. [6] note that the tradeoff between the
new terms in Equation (28) is “nearly exact, and ṙ can be calculated with little error by using Q̇c

alone”. If Q̇rad = Q̇c, then Equation (28) predicts that approximately three quarters of the heat actually
transferred to the wall will be due to radiation but that ṙ will be only 35% higher than the case with
no radiation. While useful for illustrative purposes, this result should be treated with care: If the
majority of heat transferred is radiative, the dependencies on geometry will no longer be the same as
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those already considered for the purely convective case. Furthermore, the accuracy of Equation (28)
degrades rapidly once radiative heat flux overtakes that due to convection, as evidenced in Figure 3.

In a paper published three years later, Marxman [17] added further insight into the radiation
problem. He proceeded to classify three general situations where radiation becomes appreciable:

1. Grains containing particles that react incompletely in the flame to the extent of producing solid
or liquid products (e.g., metallized fuels);

2. grains that naturally produce solid or liquid products beyond the flame (e.g., carbon-heavy or
sooty fuels); and

3. propellants whose gas-phase combustion products produce appreciable radiation.

All three cases may be described by similar expressions, with the primary difference being in
how the number density of radiating particles must be treated. Furthermore, the heat transfer in
all three cases becomes dependent on the chamber pressure through the particle number density.
Marxman noted that, for the first two cases, the most appropriate effective optical path length will
likely be the distance from the surface to the flame zone, since the particle phase absorptivity will be
high beyond that point. For the third case, he posited that the optical path length will depend on a
characteristic chamber dimension, such as the diameter. Although Marxman’s group worked primarily
with PMMA-O2 systems with negligible radiation, other experiments with hydroxyl-terminated
polybutadiene (HTPB) grains have confirmed that radiation effects indeed become significant at higher
motor pressures and lower oxidizer mass fluxes. To further illustrate this behavior, Figure 4 is used to
display the radiation dependence obtained in one such investigation by Chiaverini et al. [18]. Note
that test 15 was performed at a higher pressure than test 17 and thus displayed a stronger variance
from the values predicted by Marxman’s diffusion-limited, convection-driven model. Both data sets
agree with the theory at higher mass fluxes, where convection dominates the heat transfer process to
the extent of justifying the use of a non-radiative model.

Figure 4. Effect of thermal radiation on hydroxyl-terminated polybutadiene (HTPB) regression-rate
behavior. Data taken from [18].

5. Other Non-Ideal Considerations

In his 1965 paper, Marxman [7] provided a derivation for the regression rate, which parallels that
of Marxman et al. [6], just described in detail, where the fundamental work of Lees [9] was revisited by
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relaxing the assumption that Pr = 1 to that of Pr = const. In this case, the thermochemical parameter
B becomes different from the aerodynamic similarity parameter B′, according to

B = B′Pr0.67; (31)

at the outset, Equation (20) becomes

ρfṙ = 0.036G
(

Gx
μe

)−0.2
B0.23Pr−0.15. (32)

As Pr is close to unity for most gases, even at high temperatures, the effect of Pr−0.15 remains
sufficiently small to render the correction unnecessary in most cases. The same study by Marxman [7]
separately addressed the assumption of uniform gas density between the flame and the wall by using
a Howarth–Dorodnitsyn variable transformation to relate the actual, variable-property turbulent
boundary layer to an equivalent incompressible boundary layer, through

ρfṙ = 0.036G
(

ρ0

ρe

)0.6 (Gx
μe

)−0.2
B0.23, (33)

where the reference state ratio ρ0/ρe is determined from a semi-empirical relation, described in terms
of previously defined parameters and the boundary layer thickness δ, which must be measured
experimentally. Due to the added complexity, the variable-density correction is seldom used.

6. Kinetics-Limited Models

The importance of kinetics, both homogeneous and heterogeneous, has long been the subject of
debate. As previously mentioned, Marxman [7] received criticism for neglecting heterogeneous surface
reactions but argued that the effects of reactions below the flame on the values of Δh and hv remained
of secondary importance. However, several researchers have developed models and correlations in
which kinetics played a major role. A selection of these, loosely grouped according to their dominant
physical mechanism, is overviewed here as a starting point for further reading. This cursory coverage
is not intended to be comprehensive, in scope nor in detail.

The first group of researchers are those who were primarily concerned with gas-phase kinetics.
For example, Wooldridge et al. [19] studied pressure sensitivity at low pressures in an attempt
to characterize the stability characteristics of hybrids. This effort entailed the development of an
analytical expression for the regression rate as a function of several kinetic parameters and length-scales.
Miller [20] developed a model that incorporated both the fuel diffusion rate and the chemical reaction
rates, which he used to successfully correlate data taken by Smoot and Price [21–23]. Kosdon and
Williams [24] later noted that Miller’s analysis was only applicable to systems with low pressure
and moderate oxidizer fluxes and derived a new expression that incorporated a flame zone of
finite thickness. Wooldridge and Muzzy [25] examined the effects of scaling and pressure on motor
performance in the context of throttling. In his 1972 article, Muzzy [26] pointed out that even simple
PMMA-O2 motors behaved differently at low pressures and that as the motor approached a flooding
condition, combustion likely became kinetically-limited. By reviewing existing test data, he formed
an explicitly pressure-dependent correlation which could be likened to that of Wooldridge et al. [19],
specifically

ṙ ∝ P0.5G0.3x−0.2. (34)

Another group of researchers focused more on heterogeneous surface reactions as the source of
kinetics dependence. Smoot and Price [21–23] performed numerous tests using a slab burner and
found that, above a threshold value of G, the regression rate became nearly independent of G and
instead varied with P and the oxidizer composition. These researchers defined a low mass flux regime
where the normal G0.8 dependence held, an intermediate mass flux regime where both P and G played
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a role, and a third regime at very high mass fluxes where the regression rate varied with pressure, as in
the case of a solid rocket propellant; namely,

ṙ ∝ Pn. (35)

Kumar and Stickler [27] cited discrepancies in hybrid test data and pyrolysis tests in an inert
environment for PMMA to support their hypothesis that heterogeneous reactions must play a
significant role in regression rate estimations. They additionally argued that the gas-phase kinetics
could not be sufficiently slow to play a consequential role. They developed a correlation that
normalized the regression rate by its maximum value before pressure effects appeared in a manner
to make it possible to predict whether a particular set of conditions was kinetically or diffusively
limited, in addition to successfully matching experimental data. More recently, Favaro et al. [28]
performed experiments designed to illuminate the role of heterogeneous reactions, thus leading to the
development of a semi-empirical model.

Despite the number of investigations into kinetically-limited operating regimes, Marxman’s model
and the assumptions that it prescribed have become the de facto standard for normal applications.
This does not mean, however, that experts in the field have reached a definitive agreement on how
to properly model regression in all situations. While modern computational studies are increasingly
contributing to the understanding of diffusion-limited combustion in ways that may be less restrictive,
Marxman’s model is still commonly used to guide the design of hybrid systems and as a basis for
the development of further analytical treatments of geometrically or thermophysically more complex
hybrids, such as those incorporating swirl or liquefying fuels.

7. Summary

The key points that would be useful to remember by those interested in hybrid rocket regression
rate modeling and its practical implementation may be summarized as follows:

• Marxman’s theory is based on the assumption that the diffusion of oxidizer and fuel into the
flame establishes the rate-limiting process in hybrid combustion and leads to adequate predictions
at the moderate pressures and mass fluxes that accompany the steady-state operation of most
hybrid motors.

• For classical, non-metallized hybrids, the fuel regression rate depends on G0.8, but not on pressure.
• Radiation appears as a secondary correction, but should not be neglected at low mass fluxes or

for metallized or other heavily sooting fuels.
• Most of the improvements to the initial diffusion-limited model, besides radiation treatment, lead

to rather small corrections to the end result and may typically be ignored.
• Numerous alternate regression rate models have been formulated to be more accurate for

kinetically-limited operating conditions.

For those seeking more information or a deeper understanding of regression rate models,
the seminal reviews of the subject by Netzer [2] and Chiaverini [3] are suggested, along with Marxman’s
1965 paper [7]. Improvements and extensions to regression rate models in novel and emerging
hybrid configurations continue today and it is hoped that this cursory review will prove useful
to researchers entering the field and seeking to describe the internal workings of these new and
exciting hybrid motors.
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Nomenclature

A Constant coefficient
B Blowing parameter
Cf Skin friction coefficient
cp Specific heat at constant pressure
G Mass flux
h Enthalpy
hv Heat of gasification
k Thermal conductivity
K Species concentration
Le Lewis number
m Coefficient in space-time averaged regression rate expression
ṁ Mass flow rate
ṁ′′ Mass flux
n Exponent in space-time averaged regression rate expression
O/F Oxidizer to fuel ratio
Pr Prandtl number
Q̇ Heat flux
ṙ Regression rate of solid fuel
Rex Reynolds number defined with respect to axial distance
Reδ Reynolds number defined with respect to boundary layer thickness
St Stanton number
T Temperature
x Axial distance from grain leading edge
y Radial distance inward from grain surface

Greek Symbols

δ Boundary layer thickness
ε Emissivity or turbulent eddy diffusivity
η Nondimensional radial distance in boundary layer
θ Momentum thickness of boundary layer
μ Dynamic viscosity
ρ Density
σ Stefan–Boltzmann constant
τ Shear stress
φ Nondimensional axial velocity in boundary layer

Subscripts

b Burned gas (flame zone) value
c Convective
e Boundary layer edge (core flow) value

f Solid fuel value
ox Oxidizer value

rad Radiative

T Total
w Wall value

0 Reference value
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Appendix A. Derivation of the Blowing Correction

Close to the wall, u ≈ 0 and ∂u/∂x ≈ 0, so that continuity becomes ρv = ρwvw and, in the absence
of an axial pressure gradient, the momentum equation can be written as

τ = τw + ρwvwu. (A1)

Substitution of B = 2(ρwvw)/(ρeueCf ) and τw = 1
2 Cf ρeu2

e into Equation (A1) leads to

τ = τw (1 + Bφ) , (A2)

where φ ≡ u/ue. Next, we equate Equation (A2) to the definition of shear stress for a turbulent
boundary layer; namely,

τ = (μ + ρε)
∂u
∂y

, (A3)

where ε represents the turbulent eddy diffusivity. This produces

τw (1 + Bφ) = (μ + ρε)
∂u
∂y

. (A4)

At this juncture, switching to non-dimensional forms may be achieved using Reδ ≡ ρeueδ/μ,
η = y/δ, φ, and τw. We get

1
2

Cf (1 + Bφ) = Re−1
δ

(
1 +

ρε

μ

)
∂φ

∂η
. (A5)

According to Prandtl’s mixing length concept, ε ∝ η2∂φ/∂η, where, for the purpose of estimating
ε, a power law profile (such as φ = ηn) may be used for the range of Reynolds numbers typical of
hybrid motors [15]. Then, ∂φ/∂η may be approximated as nηn−1. Furthermore, since n is usually small
(∼ 1/7), the eddy diffusivity becomes

ε ≈ cη1+n ≈ cη, (A6)

where c represents a constant that is proportional to the mixing length—its exact value proves
immaterial to this analysis. Substituting Equation (A6) into Equation (A5) yields

1
2

Cf (1 + Bφ) = Re−1
δ

(
1 +

ρ

μ
cη

)
∂φ

∂η
. (A7)

Note that integration from the wall to the boundary layer edge (i.e., from 0 to 1 for both η and φ), leads
to an expression for the skin friction coefficient as a sole function of Reδ and B:

1
2

Cf = g (Reδ)
ln (1 + B)

B
. (A8)

Marxman [7] argued that, since the Reynolds number and blowing parameter dependencies can
be distinctly separated in the expression for Cf , the functional form of g (Reδ) may be obtained by
comparing Equation (A8) to known results in the absence of blowing; namely,

1
2

Cf0 = g (Reδ) = 0.0225Re−0.25
δ , (A9)

where a suitable empirical expression from Schlichting [10] is used. To generalize, we have

1
2

Cf = 0.0225Re−0.25
δ

ln (1 + B)
B

. (A10)
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Evaluating Equation (A10) for the case of no blowing enables us to write

Cf

Cf0

=

(
δ0

δ

)0.25 ln (1 + B)
B

, (A11)

where (δ0/δ) accounts for the thickening effect of mass addition and differentiates Marxman’s
expression from that of Lees in Equation (17).

At this point, one is left with the task of determining a relation to describe δ in terms of B in
Equation (A11). Such a relation may be obtained by performing a control volume analysis of the
boundary layer to deduce an appropriate momentum integral expression. A sketch of a suitable control
volume is provided in Figure A1. In this context, a statement of mass conservation (per unit thickness)
across the control volume leads to

Figure A1. Sketch of the control volume for the momentum integral analysis.

Δṁ +
∫ δ1

0
ρu1dy −

∫ δ2

0
ρu2dy + ρwvwΔx = 0. (A12)

Similarly, a statement of axial momentum conservation yields

ueΔṁ +
∫ δ1

0
ρu2

1dy −
∫ δ2

0
ρu2

2dy − τwΔx = 0. (A13)

Re-arranging and non-dimensionalizing different terms may be used to produce

Mass: Δṁ +
1
2

Cf ρueBΔx = ρueδ2

∫ 1

0
φdη − ρueδ1

∫ 1

0
φdη

Δṁ
ρueΔx

+
1
2

Cf B =
δ2 − δ1

Δx

∫ 1

0
φdη. (A14)

Momentum: ueΔṁ +
1
2

Cf ρu2
eΔx = ρu2

eδ2

∫ 1

0
φ2dη − ρu2

eδ1

∫ 1

0
φ2dη

Δṁ
ρueΔx

− 1
2

Cf =
δ2 − δ1

Δx

∫ 1

0
φ2dη. (A15)

By combining the expressions for conservation of mass, Equation (A14), and momentum,
Equation (A15), we collect

δ2 − δ1

Δx
=

1
2

Cf
1 + B∫ 1

0 φ (1 − φ)dη
=

1
2

Cf
1 + B

β
, (A16)
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where β =
∫ 1

0 φ (1 − φ)dη is related to the momentum thickness of the boundary layer by β = θ/δ.
In the limit as Δx → 0, the control volume becomes infinitesimal, such that

dδ

dx
=

1
2

Cf
1 + B

β
. (A17)

Substituting the expression for the skin friction, found earlier as Equation (A10), into
Equation (A17), we get

dδ

dx
= 0.0225Re−0.25

δ

(1 + B) ln (1 + B)
βB

= 0.0225
(1 + B) ln (1 + B)

βB

(
ρue

μ

)−0.25
δ−0.25. (A18)

Subsequent integration over the boundary layer yields

δ

x
=

[
0.02813

(1 + B) ln (1 + B)
βB

]0.8
Re−0.2

x , (A19)

and so
δ0

δ
=

[
β

β0

B
(1 + B) ln (1 + B)

]0.8
. (A20)

Finally, combining Equation (A20) with Equation (A11) leads to an expression for the blowing
correction in terms of the blowing parameter, specifically

Cf

Cf0

=

[
β

β0

B
(1 + B) ln (1 + B)

]0.2 ln (1 + B)
B

=

[
β

β0

1
(1 + B)

]0.2 [ ln (1 + B)
B

]0.8
, (A21)

where β depends on the velocity profile φ, which may be approximated relatively easily. Starting from
Equation (A4), it is trivial to show that

∂φ

∂η
=

τwδ

ue (μ + ρε)
(1 + Bφ) = f (y, B) (1 + Bφ) . (A22)

When β = 0, we may again assume a power law profile φ = ηn such that ∂φ/∂η = nηn−1, which
simplifies the unknown function f (y, B) to the assumed form f (B) nηn−1 with the requirement that
f (0) = 1. For n = 1/7, Equation (A22) becomes

∂φ

∂η
= f (B) η−6/7

(
1 + Bη1/7

)
. (A23)

Integrating Equation (A23) and evaluating the result at the boundaries, as with Equation (A7), leads to

φ =
η1/7

(
1 + 1

2 Bη1/7
)

1 + 1
2 B

. (A24)

Finally, the expression for φ allows for the evaluation of β from its definition:

β =
7
(

1 + 13
10 B + 4

11 B2
)

72
(

1 + 1
2 B

)2 . (A25)
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It is clear that, in the case with no blowing (B = 0), β reduces to β0 = 7/72, such that

β

β0
=

(
1 + 13

10 B + 4
11 B2

)
(

1 + 1
2 B

)2 . (A26)
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Abstract: The last decade has seen an almost exponential increase in the number of rocket launches
for sounding missions or for delivering payloads into low Earth orbits. The emergence of new
technologies like rapid prototyping, including 3D printing, is changing the approach to rocket
motor design. This project conducted a series of small-scale static fire tests of fused deposition
manufacturing hybrid rocket motors that were designed to explore the performance of a variety of
commonly available fused deposition manufacturing materials. These materials included acrylonitrile
butadiene styrene, acrylonitrile styrene acrylate, polylactic acid (PLA), polypropylene, polyethylene
terephthalate glycol, Nylon, and AL (PLA with aluminum particles). To test the performance of
small-scale fuel grains, a modular apparatus with a range of sensors fitted to it was designed and
manufactured. The small-scale testing performed static burns on two fuel grains of each material with
initial dimensions of 100 mm long and 20 mm in diameter with a 6 mm straight circular combustion
port. The focus of this study was mainly on the regression rates of each material of fuel grains.
Acrylonitrile styrene acrylate and Nylon showed the highest regression rates, while the polyethylene
terephthalate glycol regression rates were relatively poor. Also, the acrylonitrile butadiene styrene
and acrylonitrile styrene acrylate demonstrating relatively high regression rates when compared to
existing hybrid fuels like hydroxyl-terminated polybutadiene.

Keywords: 3D printing; fuel grain; hybrid combustion; regression rate

1. Introduction

In the last decade, interest and investment in space exploration has increased dramatically. This has
led to greater demand for satellites, and subsequently, more companies are investing significant resources
into lowering the cost of space launches. Previously, the manufacture of a Hybrid Rocket Motor (HRM)
was costly and labor-intensive, and the traditional ‘cast and cure’ method limited the geometry of internal
combustion ports [1,2]. In an effort to overcome the manufacturing limitations of hybrid rocket fuel
grains, researchers have looked to emerging technology and novel techniques to produce innovative
solutions that have previously been unattainable. The most notable of these has been the impressive
advancement in rapid prototyping, especially fused deposition manufacturing (FDM), commonly known
as 3D printing [3]. FDM has enabled designers to incorporate complex combustion ports into HRMs and
has opened up an entirely new set of materials for the fabrication thereof.

The process of the 3D printing involves the laying down of successive layers of material on top of
each other until a 3D shape has been created [4]. The material is generally supplied in the form a thin
strand, or filament, that is wound onto spools to be fed into a heating reservoir and extrusion nozzle
assembly. The nozzle assembly is controlled by a computer numerically controlled (CNC) mechanism
and has the ability to travel both horizontally and vertically. This means that the only limitations
placed on the size of the object being printing is the size of the print area of the particular printer being
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used. However, some companies have already created printers that can essentially print large parts,
such as a house, in a short period of time (less than a day) [3]. This is achieved by printing the part
length-ways on a conveyor belt, with each new layer being added on a 45◦ angle, allowing a full-sized
hybrid rocket fuel grain to be completed in a single print. Other companies, such as Gilmour Space
Technologies, have created both a proprietary printing method and material [5].

Traditionally, the materials used in 3D printing are generally polymers, such as acrylonitrile
butadiene styrene (ABS), polylactic acid (PLA), acrylonitrile styrene acrylate (ASA), or polypropylene
(PP), but can include anything from metals, ceramics, food, and concrete to living stem cells [3,6,7].
More recently, the commercial market has seen a rapid increase in the number of filaments with metal
particles in its composition, such as brass, copper and aluminum. Although it is possible to 3D print
metallic materials [8], the filaments discussed herein have a PLA binding structure, with a fine powder
of the desired metal finish added during the manufacturing process.

Favorable comparison of ABS against hydroxyl-terminated polybutadiene (HTPB) as a hybrid
rocket fuel suggests that FDM has the potential to revolutionize the fabrication of hybrid rocket fuel
grains, and has led a groundbreaking push for the development and enhancement of 3D-printed
fuel grains at the Utah State University [9]. This study, carried out at the Utah State University,
demonstrated that not only did ABS have an acceptable (although slightly reduced) performance
when compared to HTPB, but that it also showed much higher burn-to-burn consistency which was
attributed to the FDM process [9]. Similar work has been carried out at Purdue University and at the
University of Tennessee [10,11].

The introduction of FDM into the manufacturing process of HRM fuel grains has also allowed for
the creation of far more complex combustion port geometries. The traditional method of ‘cast and
cure,’ which is used for materials such as HTPB and paraffin, requires a mold and internal tooling that
can be quite complex depending on the desired geometry of the fuel grain [12]. Although recent work
has been done on the use of disposable tooling structures, it is generally accepted that once the fuel
mixture has cured, the internal tooling must be removed before the motor is ready for use. This has
limited the complexity of the design of HRM grain ports, in so far as they must be able to allow for the
removal of the tooling after the manufacturing process, generally resulting in straight ports that run
the length of the motor. In contrast to this, FDM lays down each successive layer of material on top
of the last, which, in components like HRM fuel grains, rarely requires the use of internal support.
Even if support structure is required, this is added in the same manner as the fuel and is manufactured
from water soluble material that is easily removed after manufacture [13].

Several recent studies have explored the use of rapid prototyping in the design and fabrication of
HRM fuel grains. The bulk of research in this field has been carried out at the Utah State University
and has centered around the exploration of the effects of a helical fuel grain on the performance of
the HRM regression rate [12,14–17]. It has been shown that the helical combustion port significantly
increased the regression rate when compared to straight cylindrical ports. It has been posited that this
is a result of both an increase in the local skin friction, and the suppression of the radial wall blowing
effect is due to the centrifugal forces introduced by the helical flow [16]. These centrifugal forces cause
compression of the boundary layer, forcing the flame front closer to the fuel port wall and significantly
increasing the convective heat transfer. The use of aluminum particles to increase performance of solid
and HRMs has long been studied [18–20]. It has been shown that the addition of aluminum particles
can increase specific impulse, volumetric heat of oxidation, and radiative heat transfer [21], as well as
increase regression rates in HTBP rocket motors by up to 40% [22]. It is generally understood that this
increase in regression rate is due to improvement of radiative heat flux from the diffusion flame zone
to the fuel surface area via the radiating metallic particles and higher gas-phase temperature [23,24].

However, it has also been demonstrated that the addition of aluminum particles does not
necessarily always result in an increase in regression rates [25]. Regression rate improvement can
also be a result of the release of energy during metal oxidation, but the higher temperatures required
to melt the aluminum oxide layer often mean that the fuel binder is melted and burnt before the
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aluminum [21,24]. The result is that the aluminum particles are ejected from the motor without
significantly contributing to the regression rate increase [26], and can form slag build-up on the
nozzle wall, as well as drastically increase nozzle throat ablation [20]. A key contributing factor to
the performance enhancement abilities of the added aluminum is the size of the particles. It has
been shown that nanosized particles perform better than micro-sized particles, resulting in higher
combustion efficiencies, better heat transfer, and reduced burn time [23].

This research project conducted a series of small-scale static fire tests of FDM HRMs that were
designed and 3D-printed to explore the performance of a variety of commonly available FDM materials.
These materials included ABS, ASA, PLA, PP, PETG (Polyethylene terephthalate glycol), Nylon, and AL
(PLA with aluminum particles). The main objective of this research study was to analyze and compare
the performance of these materials in terms of the mass flux and regression rate.

2. Methodology

2.1. Material Selection

The initial series of fuel grains tested were manufactured from commercially available ABS, ASA,
PLA, AL, PETG, Nylon, and PP. ABS has been selected as it has been shown to perform as well as
HTBP at lab-scale static fire tests [2,9], while ASA was selected due to its similarities to ABS. The PLA
was selected as a benchmark with which to test the Al, as there is currently no commercially available
aluminum-doped ABS. PETG and Nylon were selected due to their excellent mechanical properties,
which would be beneficial if they were used as a structural component of the rocket, and finally, PP was
selected due to its low price and because it is a highly crystalline material. Table 1 describe the main
characteristics of the seven materials tested in this study.

Table 1. Structural, thermal, and mechanical properties of test materials [27].

Material Structure ρ (g·m−3)
Tensile Yield

Strength (MPa)
Printing

Temperature (◦C)

ABS Non-crystalline, amorphous 1010 55 220–260
ASA Non-crystalline, amorphous 1000 40 220–250
PLA Moderate degree of crystallinity 1225 63 190–220

PLA-Al Moderate degree of crystallinity 1330 70 200–220
PETG Moderate degree of crystallinity 1230 50 230–250
Nylon Moderate degree of crystallinity 1150 55 220–260

PP High degree of crystallinity 980 40 230–260

2.2. Design and Manufacture of Fuel Grains

The small-scale fuel grains were designed to be 100 mm long and 20 mm in diameter with a
6 mm diameter combustion port. It is typical for HRM fuel grains to have high aspect ratios in order
to achieve the desired oxidizer to fuel (O/F) ratios, and it was believed that this combination of port
diameter and fuel grain length would provide that. A straight, circular combustion port was selected
for the small-scale motor case verification testing and for the material selection testing, as this is the
simplest and easiest to manufacture, as well as the simplest to evaluate. A series of ABS grains were
printed using a Prusa i3 MK2 FDM 3D printer (Prusa Research s.r.o., Prague, Czech Republic) that
were used to verify the operation of the test stand and small-scale motor case. Once the performance
of the apparatus was confirmed, two fuel grains of each of the seven materials being tested (ABS, ASA,
PLA, AL, PETG, Nylon, and PP) were 3D-printed using the printing temperature range described in
Table 1. All fuel grains were designed to have the same dimensions. However, it was expected that
due to the manufacturing process, some post-production machining was required for some materials.
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2.3. Testing of Fuel Grains

The testing regime was separated into two main rounds conducted at small-scale. Within these
tests, there was an apparatus verification component and a fuel grain testing component. The first
round of small-scale testing was designed to confirm the operation of the existing small motor casing
and to verify the operation of the newly constructed test stand (Figure 1), sensors, and data logger.
Several verification burns were conducted using circular, straight port ABS fuel grains. The purpose of
these initial tests was to ensure that motor and nozzle were operating in the choked condition and
that the chamber pressure was within the operating limits of the motor case and associated plumbing.
These initial tests also allowed the data logger code to be tested and modified as required, and the
correct operation of the sensors to be verified. The fuel grains of the seven different materials were
then subjected to a single, three-second burn each. The testing regime consisted of:

• Measuring and recording the initial weight of the fuel grain
• Measuring and recording the initial weight of the oxidizer bottle
• Placing the fuel grain in the testing apparatus and subjecting it to a three-second burn
• Removing the fuel grain and measuring and recording the final weight
• Measuring and recording the final weight of the oxidizer bottle

These measurements allowed for the determination of the fuel and oxidizer and total mass flow
rates, O/F ratio, and the fuel regression rate.

To measure chamber pressure, an analogue gauge was initially mounted to a brass outlet tube
plumbed to the mixing chamber at the fore of the motor case. Once the correct operation of the rocket
motor was confirmed, a digital pressure transducer was used in place of the analogue gauge, allowing
much more accurate measurement and recording, as well as the option to plot the pressure chamber
throughout the duration of each burn. A Honeywell heavy duty, 10 BAR ratiometric pressure sensor was
chosen for its robust construction and represented an excellent compromise between performance and
price. Protection from over pressurization was via a 1.0 MPa pressure relief valve that was installed in-line
with both the analogue gauge and pressure transducer. Temperature protection was provided via the
installation of a thermocouple below the pressure measurement devices. This thermocouple provided
real-time feedback on the temperatures being experienced by gauges, allowing the burn to be stopped
prematurely if temperatures approached or exceeded the maximum operating temperatures of the unit.

Figure 1. Schematic of the laboratory-rocket motor test stand with sensors.
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3. Results

3.1. Testing

Fuel grains were designed based on literature values and also taking in account limits of available
3D printers [28]. Preliminary tests were carried out with ABS fuel grains to analyze integrity of fuel
grains and thrust. All of the experiments (preliminary and others) were carried out in triplicates.

In the initial testing, a burn of four seconds resulted in the fuel grain losing structural integrity,
and subsequently, allowing its outer surface (the surface of the grain in contact with the motor casing) to
begin to vaporize and contribute to the overall combustion as well. Not only is this undesirable from an
operational perspective, it also renders the regression rate calculations invalid. These calculations rely
on the principle that any fuel removed from the grain via combustion occurred solely in the combustion
port. Without the ability to differentiate between the mass removed from the combustion and the
mass removed from the outer surface, the calculations significantly over-estimate the combustion port
regression rate.

Once the burning time was reduced to three seconds, the structural integrity of the fuel grain
was far better preserved with combustion of fuel being limited to within the combustion port. Three
further tests were then conducted with 100 mm × 20 mm ABS fuel grains to ensure the repeatability of
the test stand chamber pressure measurement.

The results of the thrust validation show excellent consistency across the three burns, with very
similar profiles demonstrated in each run. The precise moment of motor cut-off can be seen across all
three tests at the four-second mark.

The seven fuel grains 3D-printed with different materials are shown in Figure 2.

Figure 2. Small-scale fuel grains, left to right: ABS, PLA, PETG (Polyethylene terephthalate glycol), PP,
ASA, Nylon, and AL (PLA with aluminum particles).

Although the majority of the fuel grains were 3D-printed ready to burn, several printing settings
were modified slightly to ensure the structural integrity of the layers and to minimize any surface
defects that could negatively impact the fuel grain performance. In some materials, these settings
resulted in small blobs, known as “zits,” on the outer surface of the print, and in some cases, extreme
oozing, or “stringing,” across the combustion chamber. For complex internal geometries, these settings
would need to be refined to ensure completely homogeneous layers, a smooth exterior, and clean
combustion port. However, the experiments were focused on material selection rather than port
geometry, and as such, a straight circular port was used, meaning that the external surface and
combustion port could simply be machined to the correct dimensions as required.
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Once the machining had been completed, two fuel grains for each material were subjected to a single
three second burn each (Figure 3). Although all fuel grains performed reasonably well, as indicated by
the size and shape of the exhaust plume exiting the nozzle, there was a noticeable difference between the
better performing materials and those that did not perform well. Visual inspection of each burn suggested
that the ABS and ASA performed very well, and it was also noted that the PETG burn was significantly
hotter than any of the other burns. Of all the materials tested, the AL appeared to have performed
extremely well, with an incredibly energetic combustion. However, inspection of the regression rate data,
outlined in Section 3.2, shows that it was, in fact, one of the worst performing materials.

Figure 3. Small-scale testing of fuel grains 3D-printed from different fused deposition manufacturing
(FDM) materials.
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3.2. Regression Rate

The time-averaged longitudinal fuel regression rate ¯̇r for each of the fuel grains can be calculated
(Equation (1)) using the mass flow of the fuel grain [17]:

.
r =

.
m f uel

ρ f uel · 2 ·π · rport · L (1)

where
.

m f uel is the time-average mass flow rate of the fuel, ρ f uel is the density of the fuel, rport is the mean
fuel combustion chamber radius, and L is the length of the fuel combustion port.

.
m f uel can be calculated

using the measured fuel mass loss (ΔM) and dividing by the burning time (tb). The time-averaged fuel
port radius can be determined by Equation (2) [24]:

rport =

√
r2

0 +
ΔM

ρ f uel ·π · L (2)

where r0 is the initial fuel port radius. Once the time-averaged fuel port radius has been calculated,
it is then possible to determine the total mass flux of the fuel grain using Equation (3):

Gtotal =

.
mtotal
Aport

(3)

where
.

mtotal is the total mass flow rate through the combustion port and Aport is the area of the
combustion port. Substituting Equation (2) into Equation (3) yields Equation (4):

Gtotal =

.
mox +

.
m f uel

π ·
(
r2

0 +
ΔM

ρ f uel·π·L
) (4)

where
.

mox is the mass flow rate of the oxidiser and
.

m f uel is the mass flow rate of the fuel. Table 2 shows
the average data from the small-scale testing as well as the results of time-averaged longitudinal fuel
regression rate of the burn calculated using Equation (1).

Table 2. Results of the small-scale test fire of 3D-printed fuel grains.

Material ρ (kg m−3) ṁox (kg s−1) ṁfuel (kg s−1) O/F Ratio ṁtotal (kg s−1) ṙ (mm s−1)

ABS 1010 0.0100 0.0023 4.35 0.0123 1.05
ASA 1000 0.0125 0.0030 4.17 0.0155 1.59
AL 1330 0.0108 0.0025 4.32 0.0133 1.20

PLA 1225 0.0100 0.0025 4.00 0.0125 1.23
PETG 1230 0.0108 0.0035 3.09 0.0143 0.94
Nylon 1150 0.0100 0.0027 3.70 0.0127 1.51

PP 890 0.0100 0.0023 4.35 0.0123 1.23

The material with the highest average regression rate was found to be ASA, followed closely by
Nylon, while PETG had the lowest average regression rate. It was observed that the fuel port radius of
the ASA grain increased by the greatest amount. Despite the expected energetic combustion of the AL
fuel grain, it was found to have a regression rate similar to the PLA without the addition of aluminum
powder. This shows that the aluminum powder did not impact on the regression rate, perhaps due to
its particle size and surface area. The regression rate of ABS fuel grain was one of the lowest of the
materials tested. A similar value to ASA was expected due to their similar chemical and mechanical
properties. This unexpected value can be explained by the low oxidizer mass flux for ABS.
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Inspection of the exhaust end of each fuel grain reveals similar results. Figure 4 shows the exit of
the combustion port for each different material, and while it is difficult to make accurate measurements
of combustion port diameters, certain observations can be made. It is clear that the PLA and AL (PLA
with aluminum particles) have significantly smaller diameters than the other materials, which correlate
well with the results in Table 2. Conversely, ABS and PP appear to have relatively large combustion
port diameters, which was expected for ABS but surprising for the PP grain. It is worth noting at this
point that the Nylon grain could not be removed from the motor case without significant damage,
and as it could not be examined in this way, it was not further evaluated in this study.

Figure 4. Combustion port comparisons, left to right: ABS, PLA, PP, ASA, PTEG, and AL.

To further validate these results, each fuel grain was cut in half longitudinally, allowing for a
more comprehensive view of the ablation of the combustion chamber as seen in Figure 5. It is from
this cross-sectional view that it is possible to see from where the increased regression rate for ASA
occurred. Examination of the exhaust end of the combustion port of the ASA grain suggests that it
may have had similar regression rates to the AL grain. However, it is clear that significant regression
occurred throughout the length of the chamber, with the exhaust and inlets end of the combustion port
potentially dilating post-burn. Inspection of Figure 5 also reveals that combustion within the AL fuel
grain did not occur at the beginning of the combustion port. This resulted in a small section of fuel
grain that was not contributing to the regression rate, yet still being taken into account for calculations
involving grain weight and port length. This may have contributed somewhat to the poor performance
of the AL, but not to the levels seen in this experiment.

The poor performance of the AL fuel grain is believed to be due to the size of the aluminum particles
added to the base PLA. It has been shown that the optimum particle size required to significantly
increase fuel regression rates is between 0.05 to 0.1 mm [22]. This size range represents an incredibly
fine powder, with an associated cost that would be above an economically feasible option for commonly
available 3D printing filaments for some conventional applications. Thus, it could be proposed that
the aluminum powder did not actively improve the radiative heat flux from the flame zone to the fuel
surface, nor release significant energy during metal oxidation. The latter could be largely due to the
larger particle size, which would result in the particles being ejected from the motor prior to the melting
of their aluminum oxide coating. Inspection of Figure 3g reveals a large number of highly energized
particles being ejected from the motor during the burn, which correlates well with this hypothesis.
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Figure 5. Cross section of each different small-scale fuel grain, left to right: ABS, PLA, PP, ASA, PTEG,
and AL.

4. Conclusions

This research explored the viability of using commercially available 3D printing filament materials
in the manufacture of hybrid rocket fuel grains. Preliminary research has demonstrated the suitability
of ABS for use in mid-sized sounding rockets, and this study aimed to build on this by conducting
a small-scale testing regime to determine the suitability of seven different commonly available 3D
printing materials: ABS, PLA, ASA, PETG, PP, Nylon, and AL (PLA with aluminum particles). In this
study, the ASA and Nylon fuel grains showed the highest regression rates, while PETG regression
rates were relatively poor. PLA and AL fuel grains showed similar regression rates, showing that the
aluminum particles had no contribution to the regression rates measured. It was speculated that the
poor performance of the AL fuel grain was largely due to the size, shape and surface area of aluminum
particles. Despite this poor performance in this research, the impact of Al particles on fuel grains
performance should be analyzed, especially the contribution of different variables, such as, size, shape,
and surface area of aluminum particles. The experiment design of this study was very simple as the
main objective was to select the FDM materials for a large-scale test, and it has to be considered as a
first step toward the realization of the larger scale engine firing campaign.
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Nomenclature

ABS acrylonitrile butadiene styrene
AL PLA with aluminum particles
ASA acrylonitrile styrene acrylate
CNC computer numerically controlled
FDM fused deposition manufacturing
HRM Hybrid Rocket Motor
HTPB Hydroxyl-terminated polybutadiene
PETG Polyethylene terephthalate glycol
PLA polylactic acid
PP polypropylene
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L length of the fuel combustion port
O/F oxidizer to fuel ratio
Aport the area of the combustion port
.

m f uel mass flow rate of fuel
.

mox mass flow rate of the oxidizer
.

mtotal total mass flow rate through the combustion port
ρ f uel density of fuel
.
r fuel regression rate
r0 initial fuel port radius
rport mean fuel combustion chamber radius
tb burning time
ΔM solid-fuel mass loss
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Abstract: Numerical analysis of hybrid rocket internal ballistics is carried out with a
Reynolds-averaged Navier–Stokes solver integrated with a customized gas–surface interaction wall
boundary condition and coupled with a radiation code based on the discrete transfer method. The fuel
grain wall boundary condition is based on species, mass, and energy conservation equations coupled
with thermal radiation exchange and finite-rate kinetics for fuel pyrolysis modeling. Fuel pyrolysis is
governed by the convective and radiative heat flux reaching the surface and by the energy required
for the propellant grain to heat up and pyrolyze. Attention is focused here on a set of static firings
performed with a lab-scale GOX/HDPE motor working at relatively low oxidizer mass fluxes.
A sensitivity analysis was carried out on the literature pyrolysis models for HDPE, to evaluate
the possible role of the uncertainty of such models on the actual prediction of the regression rate.
A reasonable agreement between the measured and computed averaged regression rate and chamber
pressure was obtained, with a noticeable improvement with respect to solutions without including
radiative energy exchange.

Keywords: hybrid rocket engines; modeling and simulation; computational fluid dynamics

1. Introduction

Hybrid Rocket Engines (HRE) are identified as promising propulsion systems for space
transportation application [1,2]. Their performance is comparable to that of storable or semi-cryo
liquid rocket engines, and they exhibit appealing features of both solid rocket motors and liquid
rocket engines. Moreover, they are safer and less expensive than solid and liquid rockets and are more
environmentally friendly than solid rockets and storable-liquid rockets. Therefore, many research
programs have been focusing on HRE development for applications that range from Earth-suborbital
flights to space exploration. Despite the above-mentioned advantages, some issues hinder the success
of HRE: low regression rates of commonly used polymeric fuels, reduced combustion efficiency,
mixture ratio shifts, the uncertainty of regression rate law, and its scalability are the most challenging
problems. Uncertainty in the regression rate and its scalability remain some of the most challenging
issues, since the regression rate is a parameter that strongly drives the design process and heavily
influences the performance of the entire propulsion system.

To date, research efforts in developing reliable hybrid propulsion systems have strongly depended
on firing tests and experimental trials and errors, which are expensive and time-consuming. In
particular, as concerns the estimate of the fuel regression rate, empirical correlations based on linear
interpolation in the logarithmic plane are mostly used, as well as surface energy balances, which
include the simplified boundary layer correlations based on bulk transfer coefficients to evaluate the
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convective heat flux to the solid fuel. Such approaches are particularly useful during the preliminary
design and analysis process, providing a simpler and faster estimation of the rocket performance,
but they rely on a very simplified modeling of the mutually-interacting and complex physico-chemical
phenomena involved. Therefore, they should be carefully calibrated relying on the availability of
specific experimental data existing for each analyzed motor. Consequently, such models are limited
to providing a qualitative analysis of the motor trends, but they are insufficient for providing the
kind of quantitative data that are required for motor final design and optimization. Indeed, the
extension of those models to new motors that can be different in geometry, scale, etc., is hardly possible
without the availability of existing experimental data for each motor. For these reasons, there is a
renewed interest in the development of more accurate and advanced models based on Computational
Fluid Dynamics (CFD) [3–15] that are capable of representing more accurately the physico-chemical
phenomena involved. The numerical modeling of the fluid dynamics and the combustion process in
the fuel port area and nozzle of a hybrid rocket is a challenging task as it involves strongly-interacting
multiphysics processes such as fluid dynamics, fuel pyrolysis [16,17], atomization and vaporization
of the oxidizer, mixing and combustion in the gas phase [11–13,18], thermochemical erosion of the
nozzle [3,19], particulate formation, and the radiative characteristics of the flame. Commercial CFD
tools are generally not optimized to this task, as they are typically less flexible for the treatment
of fluid/solid boundary conditions, which are typically prescribed as constant temperature or heat
flux with no feedback with the mass transfer mechanisms (pyrolysis, sublimation, etc.). To obtain
an adequate tool for the analysis of the flowfield of hybrid rocket burning classical non-liquefying
fuels, CFD codes should take into account spatially-varying heat flux, surface temperature, and fuel
regression rate, realistic surface multispecies mass and energy balances, thermal soak into the fuel
grain, radiative energy exchange, and finite-rate Arrhenius kinetics for fuel pyrolysis modeling or,
in the case of commercial solvers, a number of user-defined functions need to be built and integrated
in the numerical framework [8,14,20]. In the most general case, an in-house code has to be used.

The goal of this study is the high-fidelity simulation of the internal ballistics of a hybrid rocket,
including the pre- and post-combustion chamber and nozzle. The reference configuration was a
1-kN-class lab-scale hybrid rocket tested at the University of Naples “Federico II” and equipped with
an axial subsonic injector nozzle that feeds gaseous oxygen into the port of High-Density Polyethylene
(HDPE) grains. With such an injector arrangement, the regression rate results in being appreciably
larger than what expected from the literature [21], in particular at the very low mass fluxes (around
10 kg/m2·s) that exhibit a 2.4-fold increase [18]; it also shows a lower dependence on the mass flux,
and at a given mass flux, an increase with the port diameter is achieved. Furthermore, combustion
efficiency and motor stability are both favored.

The numerical simulations presented here were carried out by solving the Reynolds-averaged
Navier–Stokes equations for multicomponent, single-phase, turbulent reacting flows [22,23],
including the sub-models required in order to describe the homogeneous combustion in the gaseous
phase, the radiative energy exchange, and the gas–surface interaction in the combustion chamber (fuel
pyrolysis model) for HDPE grains. The in-house computational tool used for the simulations, and
its gas–surface interaction capability has been validated for high-speed re-entry flows [24], for the
analysis of Hydroxyl-Terminated Polybutadiene (HTPB) fuel grains [3,4,25], and for hybrid rocket
nozzle thermal protection systems’ ablation [3,19,26]. Recent literature works focusing on HDPE fuel
grains in hybrid rockets either used commercial CFD tools with user-defined functions to compute
the fuel mass flux as a function of the wall heat flux [8,14] or in-house CFD code [15] with imposed
fuel mass flux using the mean regression rates measured during the firing test. Thermal radiation was
not taken into account in [14,15]. Interestingly, the work in [8] showed that the regression rate was
underestimated by 30% for high-density polyethylene grains when radiative heat exchange was not
accounted for. The authors concluded stating that no clear information exists regarding the relative
importance of radiative heat flux with respect to the convective one for HDPE grains at relatively low
gaseous oxygen mass fluxes. The current work also aims at providing some insight into the effect
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of thermal radiation for HDPE regression rate predictions. Two main contributions to the field of
hybrid rocket internal ballistics numerical simulation are addressed in this paper: First, a sensitivity
analysis of the regression rate and chamber pressure to the pyrolysis models for HDPE available in the
literature is carried out, highlighting the main effect of the heat of pyrolysis against the much lower
influence of the pyrolysis kinetics parameters, leading to the conclusion that the former has a key role
in the correct motor performance prediction. Second, an evaluation of the possible contribution of
the radiative energy exchange between combustion gases and the solid fuel on the regression rate
calculation, which is often neglected in simulations, is conducted with a novel approach, showing that
radiation seems to play a significant role, especially with low oxidizer mass fluxes. This represents a
first step towards a complete modeling of radiative contribution, which should also include emission
from soot particles.

2. Theoretical and Numerical Model

The study of HRE flowfields requires a suitable modeling of the motor internal ballistics including
both gas–surface interaction (fuel pyrolysis) and gas phase reactions’ (pyrolyzed fuel and oxidizer
combustion) sub-models. Concerning the former aspect, a detailed gas–surface interaction sub-model
based on surface mass and energy balances for fuel pyrolysis, including thermal radiation exchange
and finite-rate Arrhenius kinetics, was coupled with a chemically-reacting three-dimensional CFD
code and a gray/non-scattering two-dimensional axisymmetric radiation code.

The CFD tool is a finite-volume solver for three-dimensional compressible multicomponent
turbulent reacting flows [22,23], with temperature-variable thermodynamic and transport properties.
The thermodynamic properties of individual species were approximated by seventh-order polynomials
of temperature, while the transport properties were approximated by fourth-order polynomials [27].
Mixture properties for viscosity and thermal conductivity were derived from Wilke’s mixing rule [28].
The species diffusion model was based on a single effective diffusion coefficient obtained assuming
a constant Schmidt number. The Spalart–Allmaras one-equation turbulence model [29] was used
to compute the turbulent viscosity. The turbulent thermal conductivity and the turbulent species
diffusivity were computed from the turbulent viscosity, the specific heat at constant pressure, and
the turbulent Prandtl and Schmidt number. The gas-phase chemistry was modeled assuming a
zero-dimensional, perfectly-stirred reactor model. The numerical code solved the time-dependent
conservation equations of species, mass, momentum, and energy for the chemical nonequilibrium
flowfield by adopting a standard finite-volume Godunov-type formulation. It used multi-block
structured meshes and was second-order accurate in space. An explicit Runge–Kutta integration
scheme was adopted to advance in time the ordinary differential equation system, resulting from the
time-discretization.

Radiation energy exchange from the hot combustion gases to the pyrolyzing fuel surface
was accounted for through a separate code for generic axisymmetric gray/diffuse boundaries and
inhomogeneous gray/non-scattering media, based on the Discrete Transfer Method (DTM) [30].
The equations of the problem under scrutiny were written in finite form by discretizing the solid angle,
at each node, and the path length, for each ray. The discretized equations were then integrated by means
of a summation over the whole path length along each ray, in order to evaluate the corresponding
radiative intensity, and over the whole solid angle at each surface node location, to evaluate the
associated radiative wall heat flux. Finally, the field and wall local state parameters needed by the
radiation tool were retrieved from the CFD simulations, with which the DTM computations were
coupled. A suitable geometric ray-tracing procedure was also implemented in the DTM radiation code.

2.1. Gas-Surface Interaction Model for Pyrolyzing Fuels

To complete the formulation of the theoretical model, suitable boundary conditions that describe
the physics of the surface phenomena must be specified at the gas–surface interface (i.e., “wall”).
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Such wall boundary conditions that are applicable to pyrolyzing fuels (such as HDPE) are detailed in
the following.

Assuming that no material is being removed in a condensed phase (either solid or liquid), then
the general conservation equations at the gas–surface interface over a pyrolyzing fuel wall can be
written as follows [31]. The overall surface mass balance is:

ṁb = (ρv)w = ρsṙ (1)

where ṁb is the overall mass flux of the injected fuel pyrolysis products per unit area of the wall
surface, ρ and v are the mixture gas density at the wall and its normal-to-wall bulk velocity component,
and finally, ρs and ṙ are the solid fuel density and its regression rate, respectively. The surface mass
balance for each generic species is:

ρDim
∂yi
∂η

+ ω̇i = (ρv)wyi i = 1, 2, . . . , N (2)

where Dim is the ith species-to-mixture effective diffusion coefficient, yi the gas phase mass fraction of
the ith species at the wall, N the total number of species, ω̇i is the rate of production per unit surface
area of gas-phase species i due to fuel pyrolysis, and η is the coordinate axis normal to the surface and
oriented from the solid to gas. The overall surface energy balance is:

k
∂T
∂η

+
N

∑
i=1

hiρDim
∂yi
∂η

+ ṁbhs + q̇radabs
= ṁbhw + q̇ss

cond + q̇radem (3)

where hw represents the enthalpy of the gas mixture at the wall, hi the enthalpy of the single gas
species at the wall temperature, hs the enthalpy of the solid fuel grain at the wall temperature, k the
gas mixture thermal conductivity, T the gas temperature, and q̇ss

cond the solid conduction heat flux
inside the fuel grain. Note that the term ṁbhs represents the energy flux entering the surface due to
fuel grain regression. Finally, radiation emitted from the hot combustion products and absorbed by
the fuel grain, as well as emitted radiation from the fuel surface were included in the surface energy
balance, Equation (3). The terms q̇radabs

and q̇radem represent the absorbed and emitted radiation from
the fuel grain surface, respectively. The absorbed radiative heat flux, which is the radiative heat flux
coming from the gas and absorbed by the wall, is:

q̇radabs
= αwq̇rad = εwq̇rad (4)

where q̇rad represents the incident radiative heat flux that is evaluated from the radiation model.
Note that, according to Kirchhoff’s law, the wall absorptivity αw is equal to the wall emissivity εw.
The emitted radiative heat flux, which is the radiative heat flux emitted from the wall because of its
temperature Tw, can be expressed as:

q̇radem = εwσT4
w (5)

where σ is the Stefan–Boltzmann constant, σ = 5.67 × 10−8 Wm−2 · K−4.
As concerns the energy transfer into the solid fuel, it was assumed that the heat conduction was

dominant in the direction normal to the fuel surface. Although axial temperature gradients certainly
existed along the fuel surface, they were generally small if compared with those in the radial direction
due to the negligible temperature variation along the fuel surface. Hence they could be assumed to
represent a second-order effect. In a local coordinate system that is moving with the receding fuel
surface, the steady-state conduction term q̇ss

cond can be expressed as:

q̇ss
cond = ks

∂Ts

∂η
= ρsṙcs(Tw − Tsi) = ṁbcs(Tw − Tsi) (6)
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where cs and ks indicate the fuel heat capacity per unit mass and the fuel thermal conductivity,
respectively, and Tw and Tsi are the fuel grain wall temperature and initial temperature, respectively.
It is worth noting that the steady-state conduction heat flux, Equation (6), is affected by the fuel specific
heat, but not by its thermal conductivity, which only influences the in-depth fuel grain temperature
profile. The steady-state assumption appears as a reasonable approximation as long as the thermal lag
in the solid phase is sufficiently short, which actually occurs in the hybrid rocket operating conditions
to be simulated, i.e., moderately high fuel regression rates and low fuel thermal diffusivity.

The surface energy balance equation can be recast using Equation (2), in order to emphasize
the contributions due to convection from the gas phase, net radiation, pyrolysis surface reactions,
and conduction into the solid fuel grain by recalling that, by the definition of the mixture enthalpy at
the wall, hw = ∑N

i=1 yihi:

k
∂T
∂η︸︷︷︸

convection

+ εw(q̇rad − σT4
w)︸ ︷︷ ︸

net radiation

=
N

∑
i=1

ω̇ihi − ṁbhs︸ ︷︷ ︸
pyrolysis

+ q̇ss
cond︸ ︷︷ ︸

solid conduction

(7)

The chemical heat flux due to pyrolysis surface reactions can be expressed as:

q̇chem = ṁb

(
N

∑
i=1

ω̇i
ṁb

hi − hs

)
= ṁbΔhp (8)

where the term between parentheses represents the heat absorbed by the pyrolysis surface reactions,
and hence, it is the so-called heat of pyrolysis (more correctly, a heat of thermal degradation or
depolymerization), Δhp. Note that, upon substitution of Equations (6) and (8) into Equation (7),
one obtains the final form of the surface energy balance:

k
∂T
∂η

+ εw(q̇rad − σT4
w) = q̇conv + q̇radnet = ρsṙ

[
Δhp + cs(Tw − Tsi)

]
(9)

which, by defining hv =
[
Δhp + cs(Tw − Tsi)

]
as the effective heat of gasification of the solid fuel,

coincides with the classical regression rate expression derived by Marxman and Gilbert [32]:

ṙ =
q̇conv + q̇radnet

ρshv
(10)

which shows that the fuel regression rate is proportional to the incoming heat flux (convective plus
radiative) and is inversely proportional to the fuel density and its effective heat of gasification.

At each time step, the gas–surface interface boundary condition iteratively solves the overall mass
balance, Equation (1), the species mass balance, Equation (2), and the energy balance, Equation (7),
in order to compute the mixture composition at the fuel surface, the injected pyrolysis mass flux,
and the wall temperature of the fuel grain.

2.2. HDPE Pyrolysis Model

The rate of production per unit surface area of gas-phase species i, ω̇i, appearing in Equations (2)
and (7), has to be estimated based on the fuel pyrolysis model. The kinetics and energetics
of fuel thermal degradation can be investigated with various experimental techniques, such as
thermogravimetry, typically under much lower heating rates than those of hybrid propulsion.
In particular, these techniques have been applied to HDPE, a fuel often considered for application to
lab-scale hybrid motors with simple perforations. Surface regression (often called linear pyrolysis)
experiments have been performed by different authors [33–36] in order to measure the regression rate
and the surface temperature of the fuel, as well as its heat of pyrolysis (or of degradation). Under the
effect of an external heating source, the fuel grain is subjected to an abrupt temperature rise and,
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only very close to the surface, undergoes a thermal decomposition into gases [37]. The fuel grain
thermal behavior is usually separated in two zones: the conduction zone, where heat is penetrating into
the fuel, and the superficial degradation zone, where the fuel thermal degradation occurs. The latter
is typically more than one order of magnitude smaller than the former. According to Lengelle [37],
assuming a first-order reaction, the superficial degradation zone is described by the conservation of
the non-degraded (virgin) material along the material thickness, x, as:

ρsṙ
dYp

dx
= ρsYp A · exp(−Ea/RTw) (11)

where Yp is the mass fraction of the virgin polymer. The terms A and Ea are the pre-exponential factor
(in sec−1) and the activation energy (in kJ/mol) of the fuel pyrolysis law, respectively, and R is the
universal gas constant. With the details of the complete explicit calculation given by Lengelle [34],
the relation between fuel regression rate and surface temperature is obtained,

ṙ =

√
A · exp(−Ea/RTw)

1
Ea/RTw

asR2 (12)

with as being the fuel thermal diffusivity and R being a non-dimensional regression rate of the form:

R2 =
1

[−ln(Ypw)(1 − Tsi/Tw + Δhp/csTw)− Δhp/csTw]
(13)

Equation (12) expresses that as the regression rate increases, the surface temperature has to
increase in order to accelerate the degradation process to allow for the complete decomposition of the
material into gases. The term Ypw, i.e., the mass fraction of the virgin polymer at the fuel surface, was
assumed to be 0.01. Equation (12) can be expressed in the form:

ṙ = Â · exp(−Ea/2RTw) (14)

with:

Â = R
√

Aas

Ea/RTw
(15)

where the term Â is expressed in m/s and is varying with temperature. A simpler Arrhenius-type
pyrolysis law of the form:

ṙ = Ā · exp(−Ea/2RTw) (16)

is often used for correlating the regression rate with surface temperature [38,39], where the term
Ā represents the Arrhenius pre-exponential constant obtained from curve fitting of experimental
data. Arrhenius-type pyrolysis laws of the form of Equation (16) can be obtained for various fuel
formulations by plotting the fuel regression rate (in millimeters per second) vs. the reciprocal surface
temperature 1/Tw (in degrees Kelvin). Experimental sets of data generally follow the same trend and
fit quite well to a single straight line on the semilog plot represented by the Arrhenius-type expression
of the form of Equation (16) [40]. Note that Equation (16) is given in the form of the pyrolysis law
based on bulk kinetics (Equation (14)) where the term Ea/2 represents the value of the activation
energy of the Arrhenius-type data fit [40]. The values assumed for these coefficients are reported in
Table 1, according to [34]. Note that, because of the large value of the activation energy Ea (Table 1),
relevant regression rate changes can be generated with minor changes of the fuel surface temperature.

In this work, as a single one-step irreversible Arrhenius-type equation was adopted to model
ṙ = ṁb/ρs, it was assumed that the only pyrolysis product of HDPE was the monomer ethylene
(C2H4).
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Table 1. Arrhenius rate constants from curve fitting for HDPE [34].

Surface Reaction Ā, m/s Ea, kJ/mol

HDPE → C2H4 4.78 × 103 251.04

Hence, according to [6], the species production rate per unit surface area, ω̇i, is equal to ṁb for the
species C2H4, while it is equal to zero for all the remaining gaseous species. As concerns the heat of
pyrolysis, it could be directly evaluated from Equation (8); nevertheless, since the assumption that the
pyrolysis gas is only composed by the monomer ethylene is necessarily an approximation, here, the
heat of pyrolysis was rather derived from the available experimental data. According to [34], a value
of 2.72 MJ/kg was assumed for the heat of pyrolysis of HDPE. All the HDPE properties used for the
simulations are listed in Table 2.

Table 2. HDPE properties [34].

Density ρs Specific Heat cs Thermal Conductivity ks Heat of Pyrolysis Δhp
kg/m3 J/(kg·K) W/(m·K) MJ/kg

960 1255.2 0.1549 2.72

Note that, although ethylene was assumed to be the only pyrolysis product, the gaseous mixture
at the fuel surface was not solely composed of C2H4, as the other gaseous species (i.e., oxygen and the
combustion gases) can actually reach/leave the surface due to diffusion and convection induced by
wall blowing, as shown in Equation (2). The gaseous mixture composition at the HDPE surface, in fact,
can be determined by solving the species surface mass balance, Equation (2), coupled with the surface
energy balance, Equation (7), to guarantee that the correct amount of gaseous fuel is injected into the
flowfield from the grain surface.

2.3. Gas Phase Reactions

Finite-rate gas phase reactions were modeled using a global reaction mechanism, because detailed
chemical kinetics mechanisms [41] would include several species and many reactions and would be,
on the one hand, computationally intensive and, on the other hand, beyond the scope of the present
study, whose major purpose is to focus on the gas–surface interaction and its coupling with the internal
ballistics. Therefore, gas phase reactions were modeled using a simplified two-step global reaction
mechanism. Within this mechanism, the first irreversible global reaction step involved C2H4, the fuel
pyrolysis product, and molecular oxygen to form CO and H2O and was considered first-order in both
the fuel and oxidizer. The second global step was reversible and accounted for the formation of CO2.

C2H4 + 1.5O2 ⇒ 2CO + H2O + H2 (17)

CO + 0.5O2 ⇔ CO2 (18)

According to [5,42], the net reaction rates of these two global steps can be expressed as follows,
where [·] indicates the species concentration:

ẇ1 = k f1 [C2H4][O2]

ẇ2 = k f2 [CO][H2O]0.5[O2]
0.25 − kb2 [CO2][H2O]0.5[O2]

−0.25
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The resulting rates of production and destruction of species i per unit volume, ẇi, were obtained
from the net reaction rates, ẇj, and the reaction stoichiometry:

ẇC2H4 = −MC2H4 ẇ1

ẇO2 = MO2{−1.5ẇ1 − 0.5ẇ2}
ẇCO = MCO{2ẇ1 − ẇ2}

ẇH2O = MH2Oẇ1

ẇH2 = MH2 ẇ1

ẇCO2 = MCO2 ẇ2

where M... is the molar mass of the generic species indicated as the subscript. The forward and
backward reaction rates, k f and kb, for the two reaction steps are expressed as Arrhenius functions
in the usual form k = AkTnk exp(−Ea,k/RT), where the values of the constants used in this work are
tabulated in Table 3.

Table 3. Reaction rate constants for global reactions (17) and (18).

Reaction Rate Ak nk Ea,k/R, K

k f1
[5] 4.9486 × 109 0.0 15200

k f2 [42] 2.2400 × 106 0.0 5032.7
kb2 [42] 1.1000 × 1013 −0.97 39456.5

The first global step rate constants were taken from the work of [5], while the second step was
taken from [42], which is a modified version of the reaction used in [5,6] to account for oxy-fuel
combustion conditions.

2.4. Radiation Model

The radiation heat flux is usually recognized to play a role in determining the fuel regression rate,
especially when burning either metalized or carbon black solid fuels. Furthermore, according to [39],
in addition to convection, radiation from soot and variable fluid properties across the boundary layer
can have significant effects on the regression rate, even with pure polymers. Radiation from the
gas phase is, instead, typically considered smaller than convection and soot radiation. Despite soot
radiation being generally considered more important than radiation from combustion products in the
gaseous phase, soot radiation modeling still involved much more uncertainties than gas radiation
modeling. For this reason, as a first step towards complete modeling of radiative heat flux for the
present gas–surface interaction model, only the radiative contribution from hot gases was taken into
account and discussed. Marxman and Gilbert [32] and Muzzy [43] proposed the first fuel regression
model incorporating the effect of the radiative heat flux of the gas phase to the wall. By means of
their boundary layer diffusion-controlled regression theory, they showed that a small radiation heat
flux would not significantly affect the regression rate for the well-known convective heat transfer
blockage due to the increased fuel blowing. As expected, the radiation contribution grows with
the engine scale, i.e., with fuel port diameter. However, it has been established that the radiant
heat flux is relatively more significant under low mass flux and low oxidizer-to-fuel ratio conditions.
Here, a separate model for the calculation of the radiation heat flux from the gas phase is presented.
The basic hypotheses adopted include gray/diffuse wall and gray/non-scattering medium. The
gray/diffuse wall assumption was deemed acceptable since thermal radiation from the wall is not
a major contribution. The gray/non-scattering medium assumption, on the other hand, allows us
to reduce the computational time enormously, thanks to a spectrally-averaged treatment. It was
also assumed that the radiation energy exchange did not affect the flowfield significantly [44,45], a
hypothesis that is justified in view of the relatively small weight (1% at most for the analyzed test
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cases) of total power lost through heat transfer and the radiative one in particular, as compared to the
thermal power generated within the thrust chamber. This assumption reasonably allows avoiding
the calculation of the radiative heat flux at each cell volume in the flowfield and, hence, to neglect its
contribution to the energy conservation equation. The radiative heat flux was therefore only evaluated
at selected nodes on the wall boundary.

The incident radiative wall heat flux, q̇rad, reaching a specific wall location and coming from other
wall locations through the gas and from the gas, is defined by the following integral expression of
the radiative intensity at the wall, Iw, over the hemispherical solid angle that is facing the incoming
radiation, Ω:

q̇rad =
∫

2π
Iw sin θ dΩ =

∫ 2π

0

∫ π
2

0
Iw sin θ cos θ dθ dψ (19)

The radiative intensity at the wall from each generic line-of-sight can be computed by integrating
the Radiative Transfer Equation (RTE) along the entire radiation path length. The RTE represents
the balance of the radiative intensity along a generic direction, including contributions due to
emission/absorption and, potentially, in-/out-scattering. Under the hypothesis of gray/non-scattering
medium, it reduces to the form:

dI
ds

= je − κ I = κ Ib − κ I (20)

where je is the power emitted from the gas per unit volume, which can be expressed as proportional to
black-body radiative intensity Ib = σT4/π through a proportionality constant for emission, which is
the same as the absorption coefficient κ.

The RTE formal solution is then given by:

Iw = Iw,0 exp
(
−

∫ sw

s0

κ ds
)
+

∫ sw

s0

je exp
(
−

∫ sw

s
κ ds′

)
ds (21)

where it was assumed that the line-of-sight is originating from another wall point. The radiative
intensity Iw reaching a generic wall point from a given line-of-sight was hence due to the contributions
Iw,0 from the origin of the line-of-sight and je from each point in the medium along the line-of-sight.
The exponential terms account for the radiation absorption by the medium from the origin (first term
in Equation (21)) and through the medium itself (second term in Equation (21)). Equations (19) and (21)
require the knowledge of the radiative intensity at the origin, Iw,0, and of the absorption coefficient, κ,
in order to be solved.

The radiative intensity at the origin, under the hypothesis of a gray/diffuse wall, is evaluated as:

Iw,0 =
εw,0σT4

w,0 + rw,0q̇rad,0

π
(22)

taking into account both the radiative intensity that is emitted and reflected by the wall at
the line-of-sight origin, where surface emissivity and reflectivity are εw,0 and rw,0, respectively.
Assuming the wall as opaque, the radiation balance yields the relation rw + αw = 1 between reflectivity
and absorptivity. Since such a boundary condition also depends on the radiative heat flux reflected by
the wall, which in turn depends on the incoming radiative heat flux, q̇rad,0, an iterative procedure is
hence required for the more general case of gray reflecting walls.

The absorption coefficient of the gas mixture was derived by means of a global model, which is
typically used for high-temperature combustion gas mixtures under vibrational equilibrium conditions,

κ = p
Nrad

∑
i=1

Xiκp,i (23)

207



Aerospace 2019, 6, 88

indicating that the absorption coefficient of radiative energy is proportional to the pressure, p, and to
the absorption coefficients of the Nrad participating species, weighted with their molar fraction,
Xi. In particular, water vapor, carbon monoxide, and carbon dioxide [46,47] are the most relevant
species in the process of thermal radiation exchange. The present absorption coefficients, also known
as Planck-mean absorption coefficients, were averaged over the whole wavelength spectrum.
Their temperature dependence was given up to 5000 K and at atmospheric pressure in [48], by fitting
and extending the curves reported in [46,47]. This model is adopted here, although not explicitly
accounting for high-pressure effects, admittedly leaving some uncertainty, which is deemed of a weight
comparable to those implied by other aspects of the model.

In the present work, the RTE was integrated by DTM using an in-house software for generic
inhomogeneous gray/non-scattering media and axisymmetric gray/diffuse boundaries. The software
was suitably developed and validated in [49,50].

3. Motor Configuration and Firing Tests

A basic description of the lab-scale motor and of the test facility that was employed to carry out
the firing tests referred to in this work is reported here; more exhaustive data can be found in [51].

The lab-scale rocket had an axisymmetric combustion chamber; the main dimensions needed
in the numerical simulations are reported in Figure 1 for the sake of the reader’s convenience.
Several static firings were performed with this motor configuration using HDPE grains. All the
experimental firing test data used in this paper were obtained with an axial injector configuration
that employs a subsonic converging conical nozzle whose exit diameter was 8 mm. A stainless steel
pre-chamber and a thermally insulated aft-mixing chamber were arranged upstream and downstream
of the fuel grain, respectively. Gaseous oxygen was supplied to the motor feeding line through a
pressure regulator and was measured by means of a calibrated Venturi tube. A water-cooled conical
converging-diverging nozzle made of copper alloy with a 2.4 expansion ratio and a 16 mm throat
diameter ensured long-duration firings without throat erosion. Chamber pressure was measured by
using two capacitive transducers arranged in the pre-chamber and in the aft-mixing chamber.

Figure 1. Lab-scale hybrid rocket engine schematic.

Cylindrical HDPE grains with a single circular port were employed with a fixed length, and four
different initial inner diameters (16, 25, 50, and 75 mm) were used to achieve a wide range of grain
length to diameter ratios and of average mass fluxes at a limited expense of oxidizer mass flow rate
(the maximum achievable oxygen flow rate being 350 g/s). The selected experimental test cases that
were used for model sensitivity analysis and validation in this work are summarized in Table 4, which
indicates the average parameters measured over the different firing tests. More details can be found
in [51]. The firing test parameters were derived as follows.
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Table 4. Firing test average experimental results (HDPE) [51].

Test No. tb, s Ḡox, kg/m2·s D̄, mm ¯̇r, mm/s p̄c, bar O/F

2 54.9 27.68 75.84 0.47 17.07 2.05
4 43.0 87.14 43.48 0.64 15.84 2.70
9 31.5 28.41 89.84 0.47 22.91 2.50
10 21.2 126.00 42.33 0.82 20.52 3.02
13 26.2 28.19 60.04 0.38 10.22 2.05
18 44.1 78.07 40.32 0.55 11.94 2.64
19 44.3 54.03 47.19 0.50 11.26 2.37

The time- and space-averaged fuel regression rate was calculated via the fuel-mass loss method:

¯̇r =
ṁ f

ρsπD̄L
(24)

where ṁ f represents the time-averaged fuel mass flow rate that is obtained by dividing the measured
fuel mass loss, ΔM, by the burning time, tb:

ṁ f =
ΔM
tb

(25)

The time-averaged (over the entire burning) port diameter, D̄ = (D0 + D̂2)/2, was computed
from the initial port diameter, D0, and the space-averaged final one, D̂2. D̂2 was determined by means
of the consumed fuel mass as follows:

D̂2 =

√
D2

0 +
4ΔM
πρsL

(26)

The determination of the burning time, tb, derived from the pressure-time trace, following a
well-assessed procedure [51].

Finally, the time- and space-averaged mass flux was computed based on the average port diameter
and the time-averaged mass flow rate (either the oxidizer or the total one):

Ḡ =
4
π

ṁ
D̄2 (27)

This averaging definition was demonstrated to be the most accurate and reliable in describing the
classical power law of the regression rate over mass flux [52].

4. Domain Discretization and Boundary Conditions

In order to simulate the motor operating conditions and predict the internal ballistics in terms
of motor regression rate and chamber pressure that were experimentally measured, the flow domain
was discretized into a grid. The computational domain analyzed represented a simplified geometrical
representation of the physical domain in which the pre-chamber, the fuel grain, and the post-chamber
were all schematized with a constant cross-section (see Figure 2). Based on the available experimental
data, the inflow boundary condition enforced the oxidizer static temperature and mass flow rate.
More specifically, a single value for the oxygen inflow temperature (T = 300 K) was imposed in all
simulations, whereas different values for the oxygen mass flow rate were enforced according to the
firing test (see Table 4). It is worth noting that the oxidizer mass flow rate was controlled by the choked
Venturi injector and was held constant during the firing, regardless of the grain diameter and chamber
pressure variations over time. The pyrolysis gas that was injected from the fuel wall was C2H4, and its
amount was determined first by iteratively solving Equation (7) for the wall temperature and, then,
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by updating the gaseous chemical composition at the grain surface through Equations (2) and (16).
Incoming net radiative heat flux was computed from the DTM radiation code as a post-processing
of the CFD solution. The CFD code and radiation code were coupled until convergence was reached.
Some iterations between the two codes were required to reach convergence as the radiation computed
by the DTM code affected the fuel regression rate, which, in turn, affected the CFD solution. All the
simulation presented here were axisymmetric and at the steady-state condition reached by iterating in
time until the residuals dropped by five orders of magnitude. For each value of enforced inflow oxygen
mass flow rate, the CFD solution provided a prediction of the fuel regression rate axial distribution
(from the surface balances), as well as of the chamber pressure value in the motor arising from the
choked condition at the nozzle throat. Hence, the chamber pressure level attained in the chamber
depended on both the fuel mass flow rate and the mixing and combustion process.
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Figure 2. Numerical grid schematic (not to scale).

Figure 2 shows the numerical grid for Firing Test #10 (see Table 4) at the average port diameter
condition. An enlargement of the injection region is also shown that highlights the adopted
grid refinement needed to capture the strong recirculation region induced by the axial injector.
The computational domain was divided into 170 × 60 grid volumes in the axial and radial directions,
respectively. Volume cells were clustered towards the surface so as to ensure a value of y+ of about
one at the wall-adjacent cell to accurately describe the boundary layer up to the wall all along the
motor length. The dimension of the wall-adjacent cell at the fuel surface was of the order of 10 μm.
Additional axial clustering of cell volumes was placed in the region near the grain leading and trailing
edges, as well as in the nozzle region. In the numerical simulations, the details of the leading- and
trailing-edge regions of the fuel and the corresponding pre- and post-chamber cavities were omitted.
Those simplifications of the actual geometrical details (Figure 1) allowed a reasonable computational
time and accuracy in order to perform parametric analyses. A grid sensitivity analysis and a grid
convergence analysis was carried out to ensure that the results were grid independent and to assess
that the grid size and refinement was sufficient to obtain an accurate solution, respectively. A finer
340 × 120 mesh, made by doubling the grid volumes in both axial and radial directions with respect
to the reference one, was also used for Firing Test #10. Results computed by the two grids showed a
difference in the average chamber pressure and in the average regression rate of approximately 1%
and 2%, respectively. Hence, the reference 170 × 60 grid was considered sufficiently refined for the
present analysis.

5. Results and Discussion

For each experimental firing, which was characterized by a given oxygen mass flow rate (constant
over the firing) and by an evolving port diameter due to the fuel regression, a single computation
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was performed at the average port diameter (known from measurements and reported in Table 4)
and enforcing the experimentally-determined oxygen mass flow rate. Performing a single numerical
simulation for each experimental firing is indeed a simplification of the actual test condition as the
port diameter inevitably changes during the burning time. However, previous results [4] have shown
that the time- and space-averaged regression rate computed through several computations performed
at different grain geometries (each corresponding to a specific phase of the burn) only deviates by a
few percent from the space-averaged regression rate derived from a single simulation computed at
the average port diameter. Hence we assumed, here and in the following, that the space-averaged
values computed from the simulations carried out at the average port diameter were representative
of time- and spatially-averaged values measured in the tests. Moreover, the oxidizer mass flux and
the port diameter of each simulation, respectively indicated with Ḡox and D̄, were to be considered as
averaged values. As an example, Figure 3 shows the resulting temperature field at the average port
diameter of Firing Test #19 with an oxygen mass flow rate of 94.5 g/s. The simulation showed that
the flowfield in the motor entrance region was dominated by a strong recirculation region generated
by the oxidizer axial injection. This hot recirculation region was instrumental in enhancing fuel and
oxidizer mixing and combustion. Figure 3 also shows the cold region (<1000 K) close to the motor axis
in the proximity of the axial oxygen injector.

Before comparing the computed results in terms of predicted fuel regression rate and motor
chamber pressure with respect to the experimental measurements, a thorough sensitivity analysis of
the fuel pyrolysis model was performed.
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Figure 3. Temperature field and detail of the recirculation zone for Firing Test #19 (not to scale).

5.1. Sensitivity Analysis of the Pyrolysis Model

In order to understand how the law of pyrolysis and the heat of pyrolysis used in the surface
energy balance can affect the regression rate and chamber pressure prediction, a sensitivity analysis was
performed. In fact, aside from the reference model presented in Section 2.2 (see Table 1), other pyrolysis
models are available in the literature. Hence, before comparing the obtained predictions with the
experimental measurements, it was important to quantify the effect of the fuel pyrolysis model
uncertainties on such predictions. For such a study, Firing Test #19 was taken as the reference because
of its intermediate port diameter (47.19 mm) and oxidizer mass flux (54.03 kg/m2·s) with respect to
the operating conditions of the considered firing tests (Table 4).

The laws of pyrolysis available in the literature are widely scattered because of significantly
different pre-exponential constants and activation energies. At a given temperature, this leads to
significantly different values of regression rate, as is shown in Figure 4, where five different laws of
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pyrolysis are compared for HDPE fuel grain temperatures ranging approximately from 750 to 950 K.
The five analyzed laws of pyrolysis were taken from different references in the open literature, and
they were expressed either in the form of Equation (14) or in the form of Equation (16). In fact, when
the pyrolysis reaction rates were obtained from thermogravimetric analyses, they were expressed in
terms of reaction speeds with a pre-exponential factor A in sec−1, while the pre-exponential constant
Ā of Equation (16) was expressed in m/s and was obtained from curve fitting of surface regression
experiments. When the form of Equation (14) was used, a pre-exponential term Â, which varied with
temperature, could be computed from the pre-exponential factor, the fuel thermal diffusivity, and the
non-dimensional regression rate from Equation (15).

Figure 4. HDPE regression rate vs. temperature from various pyrolysis laws.

Tables 5 and 6 list the activation energy and the pre-exponential constant (see Table 5) or the
pre-exponential factor (see Table 6) for the different HDPE pyrolysis laws. As shown in Figure 4,
a significant scattering was evidenced between the various laws. Note that the r5 pyrolysis law,
according to its authors [36], was obtained with a very low heating rate of about 20 K/min that was
several orders of magnitude lower than the heating rate of the fuel in actual hybrid rocket combustion
chamber conditions, which was estimated to be around 105 K/s [36]. For this reason, the r5 pyrolysis
law was discarded from this analysis. The behavior of the r1, r2, and r3 laws showed a very similar
slope (Figure 4) due to the fact that the activation energies were practically the same. Differently, the
r4 pyrolysis law showed a significantly higher activation energy. Finally, although the regression
rate of the r1, r2, r3, and r4 pyrolysis laws were comparable, they could show differences in ṙ at
the same temperature up to 40%. Therefore, it was of importance to analyze the effect of different
activation energies and pre-exponential constants on the regression rate prediction in actual hybrid
rocket conditions.

Starting from the reference law of pyrolysis r1 (blue curve in Figure 4), the following parameters
were changed: first, the pre-exponential constant was modified by using the corresponding (lower)
value from the law r2 (green curve in Figure 4), and second, the activation energy was modified by
using the corresponding (higher) value from the law r4 (cyan curve in Figure 4). This was in order to
analyze separately the effect of a change in each of the parameters A and Ea of the pyrolysis law.

Table 5. Activation energies and pre-exponential constants for different HDPE pyrolysis laws
(Equation (16)).

Pyrolysis Law Source Ā, m/s Ea, kJ/mol

r1 (reference) [34,51] 4.78 × 103 251.04
r2 [33] 2.68 × 103 251.20

212



Aerospace 2019, 6, 88

Table 6. Activation energies and pre-exponential factors for different HDPE pyrolysis laws (Equation (14)).

Pyrolysis Law Source A, 1/s Ea, kJ/mol

r3 [34] 2.00 × 1016 251.04
r4 [35] 4.80 × 1022 349.00
r5 [36] 7.57 × 106 130.00

5.1.1. Sensitivity to the Pyrolysis Law Parameters

Figure 5 shows the effect of a 44% reduction in the pre-exponential constant (from 4.78 × 103 to
2.68 × 103 m/s) on both the fuel regression rate and the fuel temperature. Table 7 shows the results in
terms of the space-averaged regression rate and motor chamber pressure.

Table 7. Computed average results for Firing Test #19 with the effect of a change in the pre-exponential
constant, Case #19a.

Firing Test p̄c, Bar ¯̇r, mm/s

#19 9.78 0.320
#19a 9.69 (−0.9%) 0.316 (−1.3%)
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Figure 5. Effect of the pre-exponential constant on the fuel regression rate and the fuel temperature:
(a) fuel regression rate; (b) fuel temperature.

Not surprisingly, once the widely-different pre-exponential constants were used in the gas–surface
interaction wall boundary condition, very similar values of fuel regression rate were found, with
a difference of the order of 1%. This was due to the fact that the wall temperature behaved as a
compensating factor, while the regression rate was dominantly dictated by the incoming heat flux,
Equation (10). In fact, when a lower pre-exponential constant was used, a higher wall temperature
resulted from the energy balance (see Figure 5b), leading to a computed regression rate that remained
practically unaffected (see Figure 5a). Thus, the pyrolysis process was certainly controlled by the
heating of the fuel surface, with reaction kinetics only playing a minor role [32]. Hence, as shown in
Figure 5 and in Table 7, the reduction in the pre-exponential constant of the pyrolysis law was almost
completely compensated by the increased grain wall temperature (of the order of 30–40 K), leading to
negligibly small variations of both regression rate and motor chamber pressure.

Figure 6 shows the effect of a 39% increase in the activation energy (from 251.04 to 349.00 kJ/mol)
on both the fuel regression rate and the fuel temperature. Table 8 shows the results in terms of
space-averaged regression rate and motor chamber pressure.
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Figure 6. Effect of the activation energy on the fuel regression rate and the fuel temperature:
(a) fuel regression rate; (b) fuel temperature.

Table 8. Computed average results for Firing Test #19 with the effect of a change in the activation
energy, Case #19b.

Firing Test p̄c, Bar ¯̇r, mm/s

#19 9.78 0.320
#19b 9.25 (−5.4%) 0.283 (−11.6%)

The effect of the increase of the activation energy was qualitatively similar to the effect of a decrease
in the pre-exponential constant, although quantitative results were significantly different. As shown in
Figure 6 and in Table 8, the increase in the activation energy was only partially compensated by the
increased grain wall temperature, causing limited, but non-negligible variations of both the regression
rate and chamber pressure. Although the analyzed percentage variations in the pre-exponential
constant and activation energy were similar (44% and 39%, respectively), the effect of the activation
energy on the overall results was much stronger than that of the pre-exponential constant, due to
its exponential effect on the pyrolysis law. It must be stressed that the grain temperature increase
was also much higher (of the order of 300–350 K) than in the previous case, thus causing a more
significant reduction of the convective heat flux that translated into a regression rate reduction. Finally,
it has to be noted that the present sensitivity analysis was carried out for the sake of investigation to
understand the specific role of the two parameters (A and Ea) of the pyrolysis law. However, pyrolysis
laws should be obviously used taking all the relevant parameters from a single reference, avoiding
mismatches between parameters taken from different data. Therefore, a direct comparison between r1
and r4 pyrolysis laws will be later presented. We conclude this sensitivity analysis highlighting the
fact that both the pre-exponential constant and the activation energy had a direct effect on the grain
wall temperature, while they were only mildly affecting the grain regression rate and, hence, the motor
chamber pressure. This was especially true for the pre-exponential constant.

5.1.2. Sensitivity to the Heat of Pyrolysis

The last sensitivity that was analyzed, before comparing directly one complete set of pyrolysis
law data to another complete set (r1 vs. r4), was the effect of the heat of pyrolysis, Δhp. A significant
scattering was found in the literature also for the heat of pyrolysis of HDPE. For such a reason,
the heat of pyrolysis was reduced by an arbitrary amount of 30% with respect to the reference value
(2.72 MJ/kg), listed in Table 2, in order to measure the direct effect of its change on the results in terms
of regression rate and chamber pressure. The results presented in Figure 7 and Table 9 showed a strong

214



Aerospace 2019, 6, 88

sensitivity to the value assumed for the heat of pyrolysis. A modest rise of the grain wall temperature
(of the order of 6–12 K) was also found because of the increased available energy associated with the
lower heat of pyrolysis. However, different from the two previous cases (#19a and #19b), the effect
of the heat of pyrolysis on the grain wall temperature was minimal (of the order of 1%), while the
effect on the fuel regression rate (and hence, on the chamber pressure) was definitely more pronounced
(+21% on the regression rate).

Table 9. Computed average results for Firing Test #19 with the effect of a change in the heat of pyrolysis,
Case #19c.

Firing Test p̄c, Bar ¯̇r, mm/s

#19 9.78 0.320
#19c 10.37 (+6.0%) 0.387 (+20.9%)
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Figure 7. Effect of the heat of pyrolysis on the fuel regression rate and the fuel temperature:
(a) fuel regression rate; (b) fuel temperature.

This, again, confirmed that the regression rate was dictated by the energy balance at the grain
surface and by the competition between incoming heat fluxes (convection and radiation) and outgoing
heat fluxes (fuel pyrolysis and solid grain heating), as shown in Equation (10). A modification of the
heat of pyrolysis without any change in the pyrolysis law (pre-exponential constant and activation
energy), hence, caused a direct effect on the fuel regression rate, which was increased as the heat of
pyrolysis was decreased and generated only a very limited effect on the grain temperature.

According to the results of the previous sensitivity analyses (Cases #19a, #19b, and #19c), it can
be concluded that the heat of pyrolysis was the parameter most affecting the fuel regression rate,
followed by the activation energy with a relatively weak effect, and the pre-exponential constant
showing negligibly small variations.

5.1.3. Sensitivity to the Pyrolysis Law Dataset

This last sensitivity analysis was performed comparing directly one complete set of pyrolysis law
data to another complete set (r1 in Table 5 vs. r4 in Table 6). The heat of pyrolysis Δhp associated with
r1 law was 2.72 MJ/kg, and the corresponding average specific heat cs was 1255.2 J/(kg·K) [34], while
the heat of pyrolysis associated with r4 law was 1.138 MJ/kg, and the corresponding average specific
heat was 3428.5 J/(kg·K) [53]. For such a study, Firing Tests #2 and #10 were analyzed because they
were characterized by the minimum and maximum oxidizer mass flux, respectively (see Table 4).

As shown in Table 10, the results in terms of the space-averaged regression rate and motor
chamber pressure were moderately affected by a change in the adopted law of pyrolysis and associated
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heat of pyrolysis. In conclusion, it can be stated that a significant dependence of the solution from the
law of pyrolysis adopted was not evidenced, provided that each dataset was consistently taken from a
single reference.

Table 10. Computed average results for Firing Tests #2 and #10 with the effect of a change in the
pyrolysis law data (r1 vs. r4), Cases #2d and #10d.

Firing Test p̄c, Bar ¯̇r, mm/s

#2 (r1) 12.78 0.248
#2d (r4) 13.23 (+3.5%) 0.265 (+6.9%)
#10 (r1) 16.26 0.541
#10d (r4) 17.01 (+4.6%) 0.589 (+8.9%)

5.2. Comparison with Experimental Data

All the firing tests are considered in this section in order to understand the ability of the numerical
setup to reproduce the experimental data in terms of fuel regression rate and motor chamber pressure.
For such a comparison, at first, all simulations were performed neglecting radiative energy exchange
and either imposing the experimental fuel regression rate or solving for the surface balances, which
enabled the determination of the fuel temperature and regression rate as part of the flowfield solution.
The corresponding deviation between measured and predicted data of chamber pressure and regression
rate over all the firing tests are summarized in Figure 8, with both the imposed or calculated fuel
regression rate. When the fuel regression rate was computed by solving the gas–surface interaction
wall boundary condition (neglecting radiative energy exchange), results (see Figure 8a) indicated a
quite evident underestimation of the averaged regression rate for all firing tests. This underestimation
in the regression rate reflected more or less directly (depending on the average O/F ratio and on the
corresponding theoretical c∗ of the firing test) an underestimation of the motor operating chamber
pressure (see Figure 8b). In particular, the regression rate was underestimated between 31 and
47%, while the chamber pressure was underestimated between 13 and 25%. Table 11 shows the
space-averaged results in terms of regression rate, chamber pressure, and convective heat flux when
solving the gas–surface interaction wall boundary condition. It is important to underline here that the
predicted chamber pressure was not only the result of the fuel regression rate, but also of the mixing
and combustion process within the combustion chamber, which can strongly affect the characteristic
exhaust velocity. Hence, a correct prediction of the fuel regression rate did not necessarily grant that the
chamber pressure was correctly predicted. If the mixing and combustion processes were not correctly
modeled, in fact, a mismatch between predicted and measured chamber pressure would result.

Since the previously discussed sensitivity analysis showed that the results could be affected by
the law of pyrolysis adopted just for a few percentage points (less than 10% for regression rate and
less than 5% for the chamber pressure), a study to evaluate the goodness of the combustion model
was carried out. To check that the mixing and combustion processes were adequately modeled in the
current approach, simulations for five firing tests (namely #2, #4, #10, #13, and #19) were computed
by directly imposing the experimentally-measured averaged regression rate at the fuel boundary
condition. Results are shown in Figure 8b in terms of motor chamber pressure and show that, once the
experimentally-measured regression rate value was imposed in the simulation, a very good prediction
of motor pressure (hence of the characteristic velocity) was obtained. This confirmed that mixing
and combustion processes were adequately modeled in the present approach. Nevertheless, when
the fuel regression rate was predicted from the gas–surface interaction wall boundary condition, the
averaged regression rate values from the various experimental firing tests were always underestimated
(by 31% up to 47%). Considering the analyses that were carried out so far with respect to the fuel
pyrolysis model uncertainties, it is clear that such a significant underestimation must be attributed
to another source of error, as the absence of the radiative contribution to the wall heating. The
regression rate general trend (Figure 8a), in fact, seemed to suggest the lack of radiation modeling,
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whose effects are known to be more substantial at the lower oxidizer mass fluxes. Chiaverini et al. [38]
showed that radiation effects are relevant for oxygen mass fluxes lower than ≈160 kg/m2·s and for
chamber pressures in the range 1.5–2.5 MPa or higher. The experimental conditions analyzed here
were inside the indicated pressure range, and all fall well below the 160 kg/m2·s for the oxygen mass
flux, with three firing tests (#2, #13, and #9) reaching average values below 30 kg/m2·s. Hence, the
analyzed tests were expected to show significant radiation effects.

Table 11. Computed average results (gas–surface interaction w/o radiation).

Test No. ¯̇r, mm/s p̄c, Bar ¯̇qconv, MW/m2

2 0.25 12.80 0.83
4 0.42 12.51 1.43
9 0.28 17.97 0.94
10 0.54 16.21 1.86
13 0.22 8.61 0.75
18 0.38 9.91 1.28
19 0.32 9.77 1.07
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Figure 8. Comparison of computed values from simulations (with the calculated or imposed regression
rate) with measured data from the experimental firings: (a) time- and space-averaged regression rates;
(b) time-averaged chamber pressures.

5.3. Effect of Thermal Radiation Exchange

In order to analyze the effect of radiative energy exchange, CFD simulations were coupled to
radiation heat transfer calculations to take into account the net incoming radiative heat flux to the
fuel grain and its effect on the fuel regression rate, through Equation (10). A wall emissivity equal
to 0.85 for the HDPE grain was assumed according to typical values for polymers exposed to flames.
The wall and flowfield local conditions required by the radiative simulation were taken from the CFD
solution, with which the radiative solution was coupled until convergence was attained. The resulting
deviation between computed (with and without radiative energy exchange) and measured data of
chamber pressure and regression rate over all the firing tests is summarized in Figure 9.

Table 12 shows the space-averaged results with coupled radiative energy exchange in terms of
regression rate, chamber pressure, convective heat flux, and absorbed radiative heat flux. The larger
port diameter firing tests (Firing Tests #2, #9, and #13) were those for which the absorbed radiative
heat flux was larger than the convective heat flux, denoting the highly non-linear contribution from
thermal radiation exchange for varying operating conditions. Moreover, it is worth noting that the
results obtained with coupled thermal radiation exchange (see Table 12) showed a convective heat flux
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that was lower than the corresponding case without radiation (see Table 11). This confirmed that, due
to the well-known convective heat transfer blockage, the regression rate increase due to radiation was
mitigated by a corresponding convective heat flux decrease, induced by the increased fuel blowing.
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Figure 9. Comparison of computed values from simulations (with and without radiative energy
exchange) with measured data from the experimental firings: (a) time- and space-averaged regression
rates; (b) time-averaged chamber pressures.

Table 12. Computed average results (gas–surface interaction with radiation).

Test No. ¯̇r, mm/s p̄c, Bar ¯̇qconv, MW/m2 ¯̇qradabs
, MW/m2

2 0.62 20.38 0.50 1.59
4 0.58 14.20 1.34 0.64
9 1.05 43.31 0.38 3.22
10 0.72 18.52 1.74 0.73
13 0.40 10.92 0.59 0.76
18 0.50 10.96 1.22 0.46
19 0.47 11.22 0.96 0.61

Looking at the numerical results obtained with the radiation modeling, the errors previously
found without including thermal radiation were much mitigated. Despite a noticeable improvement
with respect to previous solutions without radiation, the regression rate and chamber pressure for firing
tests characterized by the largest port diameters (Firing Tests #2 and #9) were evidently overestimated
when including thermal radiation. In particular, Firing Test #9 showed a large overestimation with
respect to measured data on both the regression rate and chamber pressure data, requiring a deeper
analysis of the port diameter effect on the net radiative heat flux to the grain surface. The rest of the
analyzed tests, however, fell within a ±12% error on both regression rate and chamber pressure.

In particular, Figures 10 and 11 show the axial distributions of convective, radiative, and total heat
flux together with the fuel regression rate for Firing Test #13 (for which ¯̇qradabs

was larger than ¯̇qconv)
and for Firing Tests #18 (for which ¯̇qradabs

was smaller than ¯̇qconv), respectively. The results highlight
the coupling between radiation and the blocking effect, showing a reduction of the convective heat
flux when radiation was included in the calculation. However, the effect was much stronger in the first
one-third of the grain as the extra fuel injection was increasing the overall mass flux in the port, hence
counteracting the blockage effect toward the aft-end of the grain. The analysis of the axial profiles
also revealed that the peak of radiation heating was shifted further downstream with respect to that
of convective heating, hence flattening the total incoming wall heat flux and, correspondingly, the
regression rate axial distribution.
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Figure 10. Axial distributions (with and without radiative energy exchange) of surface parameters for
Firing Test #13: (a) convective and radiative heat flux; (b) regression rate.
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Figure 11. Axial distributions (with and without radiative energy exchange) of surface parameters for
Firing Test #18: (a) convective and radiative heat flux; (b) regression rate.

For Firing Test #9, the radiative wall heat flux was found to be much higher with respect to the
other test cases as a consequence of the high value of the product between chamber pressure and port
diameter. One of the causes for this significant error on the computed thermal radiation at the wall
could be the simplified chemical mechanism, which lacked radicals and hence tended to overestimate
both flame temperature and radiation-emitting species concentrations. Therefore, to reduce the error for
the high-pressure high-diameter tests, more detailed chemical reaction mechanisms including radical
species should be included to have a better prediction of the radiative heat flux. Probably, this error
was also amplified in the coupling procedure between CFD and radiative simulations. In fact, as the
radiation enhanced the regression rate, the mixture ratio tended to shift from an oxidizer- to a fuel-rich
condition, hence increasing flame temperature and radiation-emitting species’ concentrations, which
further increased the radiation contribution. Moreover, it has to be recalled that a single simulation
was computed at the average port diameter, which was assumed representative of the whole firing
test. This assumption might not be fully justified for firing tests characterized by a more relevant
radiation exchange, which has been shown to be highly non-linear. In addition, it has been confirmed
by radiative simulations [49] that the value assumed for the wall emissivity has a differential impact
on the net computed radiative wall heat flux, strictly depending on the medium optical thickness,
i.e., the product between chamber pressure and port diameter. In particular, for high values of the
medium optical thickness, as in the case Firing Test #9, a high sensitivity to the wall emissivity was
found, hence requiring more carefulness in the selection of the HDPE wall emissivity value.
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6. Conclusions

A CFD approach for the internal ballistics of GOX/HDPE hybrid rocket engines integrated with
gas–surface interaction modeling capabilities was presented. The fluid dynamic equations were
the Reynolds-averaged Navier–Stokes equations with additional transport equations for turbulence
and chemical species. Suitable sub-models were included in order to describe the homogeneous
combustion in the gaseous phase, the radiative energy exchange toward the fuel surface, and the
fluid–surface interaction in the fuel combustion port (fuel pyrolysis model). The gas-phase equations
were solved coupled to the solid fuel-phase by using customized surface balances of energy and
mass, which enabled the determination of the fuel surface temperature and regression rate as part
of the flowfield solution. An experimental lab-scale test case, represented by a 1 kN-class hybrid
rocket engine burning gaseous oxygen and HDPE, was simulated. A thorough sensitivity analysis
was carried out on the literature pyrolysis models for HDPE. The obtained results confirmed that
both the pre-exponential constant and the activation energy of the pyrolysis law had a direct effect
on the grain wall temperature, while they were only mildly affecting the grain regression rate and,
hence, the motor chamber pressure. This was due to the fact that the fuel temperature behaved as a
compensating factor, while the regression rate was dominantly dictated by the surface energy balance.
Differently, the obtained results showed a much stronger sensitivity of the fuel regression rate and
chamber pressure to the value assumed for the heat of pyrolysis, which directly affected the surface
energy balance. On the other hand, the effect of the heat of pyrolysis on the grain wall temperature
appeared to be minimal. Thus, the pyrolysis process appeared to be definitely controlled by the energy
balance at the grain surface and thus by the competition between incoming heat fluxes (convection
and radiation) and outgoing heat fluxes (fuel pyrolysis and solid grain heating), with reaction kinetics
only playing a minor role. The heat of pyrolysis was the parameter most affecting the fuel regression
rate, followed by the activation energy with a relatively weak effect and the pre-exponential constant
inducing negligibly small variations.

The numerical approach was validated by direct comparison of experimental and numerical
data, in terms of time- and space-averaged measurements. The comparison revealed that, despite the
adopted simplifying assumptions, the CFD approach was fairly able to capture the main features of
the motor internal ballistics both in terms of regression rate and average chamber pressure trends
with oxidizer mass flux and port diameter. When the experimentally-measured regression rate was
imposed as a boundary condition in the simulation, the model was correctly able to predict the motor
chamber pressure; hence, the mixing and combustion process were adequately modeled, with errors
ranging from +4% to −8%. When the regression rate was computed from the gas–surface interaction
wall boundary condition, however, the regression rate was underestimated between 31 and 47%,
while the chamber pressure was underestimated between 13 and 25%. Considering the sensitivity
analyses that were carried out on the fuel pyrolysis model, such a significant underestimation must
be attributed to another source of error, as the absence of the radiative contribution to the wall heat
flux. When a thermal radiation model was included, the errors previously found were much mitigated.
Despite a noticeable improvement with respect to solutions without radiation, regression rate and
chamber pressure for firing tests characterized by the larger port diameters were overestimated when
including thermal radiation effects. To improve predictions, a more detailed combustion modeling
including radical species was deemed necessary, as well as a deeper analysis of the port diameter and
grain wall emissivity effects on the net radiative heat flux to the fuel surface. The rest of the analyzed
tests, however, fell within a ±12% error on both the regression rate and chamber pressure when the
radiative contribution to grain heating was included. Hence, the importance of including thermal
radiation effects in the prediction of fuel regression rate and motor internal ballistics was highlighted
for firing tests characterized by low oxidizer mass fluxes. Finally, the results also highlighted the
coupling between radiation and the blocking effect, showing a reduction of the convective heat flux
when radiation was included in the calculation, although the effect was much stronger in the first
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one-third of the grain and was much mitigated toward the aft-end of the grain due to the increase of
the overall mass flux in the port.
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Nomenclature

a thermal diffusivity, m2/s
c heat capacity, J/kg·K
D port diameter, m
Dim effective diffusion coefficient, m2/s
G mass flux, kg/m2·s
h enthalpy, J/kg
I radiative intensity, W/m2·sr
k thermal conductivity, W/m·K
L grain length, m
ṁ mass flow rate, kg/s
ṁb mass blowing rate per unit area, kg/m2·s
M molar mass of the species, kg/kmole
N number of species
O/F ṁox/ṁ f , oxidizer to fuel ratio of the motor
p pressure, N/m2

q̇ heat flux, W/m2

r reflectivity
ṙ regression rate, m/s
R universal gas constant, J/mol·K
s abscissa along a line-of-sight, m
T temperature, K
tb burning time, s
v velocity component normal to surface, m/s
ẇi source term of species i in the control volume, kg/m3·s
ẇj net reaction rate of reaction j, kmole/m3·s
Xi mole fraction of species i
yi mass fraction of species i
Greek

α absorptivity
ε emissivity
θ line-of-sight elevation angle, rad
η inward (from solid to gas) coordinate normal to the surface
κ absorption coefficient, m−1

κp Planck-mean absorption coefficient, m−1atm−1

ρ density, kg/m3

σ Stefan–Boltzmann constant, W/m2·K4

ψ line-of-sight azimuth angle, rad
ω̇i source term of species i in the control surface, kg/m2·s
Ω solid angle, sr
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Subscripts

b blowing
c combustion chamber
ox oxidizer
f fuel
i species
j reaction
s solid material
w wall
Superscripts

ḡ average in time and space
ĝ average in space

Abbreviations

The following abbreviations are used in this manuscript:

CFD Computational Fluid Dynamics
DTM Discrete Transfer Method
GOX Gaseous Oxygen
HDPE High-Density Polyethylene
HRE Hybrid Rocket Engines
HTPB Hydroxyl-Terminated Polybutadiene
RTE Radiative Transfer Equation
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Abstract: The paper presents some relevant achievements in hybrid rocket propulsion carried out by
the Italian Aerospace Research Centre. On the basis of the experimental results obtained on a 200 N
thrust class engine, a 1000 N class breadboard, fed with gaseous oxygen coupled with a paraffin-based
fuel grain, was designed and experimentally tested in different conditions. The breadboard exhibited
a stable combustion in all the firing test conditions; the testing campaign allowed the acquisition
of different experimental data, as pre and post-combustion chamber pressure, throat material
temperature, pre-combustion chamber temperature. The new breadboard was characterized by higher
measured regression rate values with respect to corresponding data obtained with the smaller scale
one, highlighting that the oxidizer mass flux is not the only operating quantity affecting the fuel
consumption behavior, which could be also influenced by scale parameters, such as the grain port
diameter, and other operating conditions, such as the mixture ratio.

Keywords: hybrid propulsion; paraffin-based fuel; oxygen; combustion; testing

1. Introduction

Numerous interesting features give to hybrid rocket propulsion technology potential advantage
over both solid and liquid propulsion systems, such as safety, low development costs, minimal
environmental impact, re-ignition and throttling capabilities. A thorough explanation of these aspects
can be found in the work by Altman and Holzman [1].

Nevertheless, to effectively demonstrate its advantages over the actual consolidated technologies,
the TRL of HRE systems should be further increased for a carefully selected class of missions,
as indicated by Karabeyoglu [2]. In fact, the hybrid engine development has not still achieved the same
level of maturity as solid and liquid traditional systems.

Some disadvantages of the HRE technology include the low fuel regression rate, the combustion
efficiency and the oxidizer to fuel mixture ratio shift.

In the last years, paraffin-based fuels gained much attention, due to higher regression rates with
respect to classical polymeric fuels [3]. Specifically, in addition to the classical fuel regression rate
due to evaporation, in this class of polymers there is a further contribution to regression rate due
to entrainment. The formation of a low-viscosity unstable melt layer, on the burning surface, leads
to fuel liquid droplets entrainment into the main gas stream, which significantly increases the solid
regression rate.

Detailed studies have been presented by Karabeyoglu [4,5], where it is demonstrated that the
fuel composition and its thermo-mechanical properties strongly affect the liquid layer instability and,
therefore, the fuel regression rate.

Aerospace 2019, 6, 89; doi:10.3390/aerospace6080089 www.mdpi.com/journal/aerospace225
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In this scenario, the present research was mainly focused on the investigation of the fuel
characteristics, in order to ensure high performance in terms of regression rate but maintaining
good mechanical properties. In a previous authors’ work, results of an experimental test campaign,
performed at subscale level on a 200 N breadboard, demonstrated very good performances and
mechanical properties of the analyzed paraffin-wax formulation [6].

Based on these results, the main objective of the present work is the scale-up of the fuel grain,
adopting the same fuel formulation, and the design of a new breadboard, moving towards the 1000 N
thrust class. A new experimental test campaign was carried out on the 1000 N breadboard, allowing for
the investigation of the paraffin-based fuel blend behavior on a larger scale. In particular, with respect
to subscale experiments, the oxidizer to fuel mixture ratio range was extended. Numerous data
were acquired, including chamber pressure, thrust, temperature of the flow in the pre-chamber and
temperature inside the graphite nozzle material. The latter parameter allows for the estimation of the
convective heat transfer coefficient in the nozzle region, which is strictly linked to the graphite nozzle
thermo-chemical erosion. This is an extremely important parameter to be evaluated, since the throat
area enlargement directly affects the motor performances [7].

The results of the experimental test campaign show that hybrid rocket engine can operate,
with good efficiency and stability, in a wide range of operating conditions, confirming some of the
advantages over both solid and liquid technologies often mentioned in the relevant literature [1,2,8,9].

2. Methodology and Design

2.1. Design Logic

The procedure, adopted for the design of the 1000 N hybrid breadboard, is based on an iterative
process in time, which is schematically represented in Figure 1, and was implemented in a relatively
simple and fast design tool (named HDC code). The HDC code, once selected the propellants and
given the required engine performance in terms of average thrust (T) and the minimum total impulse
(Itot), provides the design oxidizer mass flow rate and the total burning time. After that, for the chosen
propellants, the regression rate law can be selected (see Section 2.2), which is integrated in time for the
fuel grain sizing; in particular, fuel grain internal diameter and length are optimized to ensure a thrust
profile with maximum deviation of 10%, on thrust, during firing.

Figure 1. HDC code simplified design loop.

Combustion equilibrium data, obtained from the RPA (Rocket Propulsion Analysis) lite
software [10], are used. Combustion properties, derived from RPA, are interpolated as a function of
chamber pressure and mixture ratio.

Tc = f (MR, pc), MW = f (MR, pc), γ(MR, pc) (1)
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From these quantities, rocket performance at each time step are calculated considering a combustion
efficiency and nozzle efficiency according to [11].

The tool gives as output the baseline design of the injection system (given the oxidizer composition
and its physical state), the case thickness, the throat regression, the pre and post-combustion chamber
layout, providing the preliminary design of the configuration.

The demonstrator was preliminarily designed, with the exposed procedure that provides the
main thruster geometrical characteristics and performances. The nominal target data for the design
of the breadboard, in terms of minimum total impulse and nominal thrust, are 104 N·s and 1000 N,
respectively. In order to take into account uncertainties in regression rate law, a total impulse of
2× 104 N·s (>104 N·s) was considered as input data for the HDC code. This is to avoid total consumption
of the fuel grain before the end of the firing, which could lead to expose the breadboard case to high
thermal loads. The regression rate selected for design will be analyzed later, the dependence of
regression rate on the axial coordinate has been preliminary taken into account according to [12].
The results of the preliminary design process are reported in Figure 2a (profiles of pressure and thrust
over time) and Figure 2b (thruster configuration and expected grain recession), the expected mean fuel
grain regression rate is 1.9 mm/s. It is worth to notice that, in the first 8 s, thrust (Figure 2a) remains
almost constant; this because the change in the thrust coefficient, deriving from the thermodynamic
properties variation with the fast varying oxidizer to fuel ratio, compensates the pressure decrease.
The port diameter has been optimized in order to have the optimum mean thrust (considering 20 s
of firing time) once fixed the grain length. Post and pre-chamber play an important role in hybrid
rocket engine combustion efficiency, they have been dimensioned according to the principles reported
in [13]. The injectors diameters have been selected according to the criteria reported in [14] for gaseous
injectors considering an oxygen nominal mass flow rate of 0.260 kg/s. Detailed design analyses on this
breadboard configuration can be found in [15].

 
(a) (b) 

Figure 2. Pressure and thrust profiles in time (a) and thruster configuration from HDC (b).

2.2. Fuel Regression Rate Formulation

The fuel regression rate law, considered in the present work, is referred to paraffin-based fuel grains
burning with gaseous oxygen. The fuel formulation is a blend of paraffin waxes, which mainly include
microcrystalline paraffin commercialized by SASOL® (labelled with the trade code 0907—see Table 1).
Previous investigations by CIRA [16] showed high fracture toughness and workability of the SASOL
0907. Other paraffin-waxes and additives are included in the adopted formulation to enhance both
mechanical characteristics and performances. They include a refined low melting point (58–62 ◦C)
paraffin, relatively high melting point microcrystalline wax (about 100 ◦C) and stearic acid. A small
amount of a blackening additive was added to the melted wax, to increase the thermal radiation
absorption at the fuel surface improving the regression rate [5,17].
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Table 1. SASOL® 0907 paraffin wax properties.

Melting Point [◦C] Congealing Point [◦C] Oil Content [%] Penetration at 25 ◦C [1/10 mm]

88–102 83–94 0–1.5 4–10

The formulation was tested on a 200 N subscale breadboard, in different operating conditions,
in order to evaluate the regression rate and the mechanical behavior [6]. Several tests were performed
up to 60 g/s oxygen mass-flow rate, corresponding to 1.9 MPa for chamber pressure and about 200 N
for thrust. Since the employed breadboard was optimized for operation with classical polymeric fuels
(in the range of typical obtainable mass flow rates and pressures), tests with paraffin-based fuels were
characterized by relatively low mixture ratios, up to 1.2. Results in terms of fuel regression rate against
oxidizer mass-flux are reported in Figure 3 and compared with well-known literature results.

Figure 3. Regression rate versus oxidizer mass-flux for the 200 N breadboard [6].

The paraffin-based fuel showed good mechanical properties and performances in terms of
regression rate. The following correlation of the fuel regression rate as a function of the oxidizer mass
flux was determined, based on the data acquired during the testing campaign.

.
r = aG

n
ox a = 0.071; n = 0.795;

(
R2 = 0.922

)
(2)

where the regression rate is expressed in mm/s and mass flux in kg/m2-s. Due to these results, this paraffin
formulation was adopted for scaling-up the propellant grain to a higher thrust class breadboard (1000 N).
In order to design the new test article, the correlation exposed in Equation (2) has been used.

3. Breadboard Architecture and Experimental Setup

3.1. Breadboard Description

The 1000 N breadboard completely assembled is depicted in Figure 4a, while details on the
configuration are shown in Figure 4b.

The breadboard injection system is very simple and it is based on a showerhead architecture.
The system is characterized by seven injectors (one on the breadboard axis see Figure 4b), of constant
diameter, which ensure a more uniform axial flow at grain port inlet with respect to a single injector
element with the same area. The injector plate is designed such that it can be easily replaced for
testing other injector configurations. The external shell of the breadboard is made of stainless steel and
contains the pre-chamber, the propellant grain, post combustion chamber and nozzle. The pre-chamber
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has a thermal protection system based on graphite and hosts a pressure transducer. Nozzle pre and
post combustion chamber are protected by graphite; the post combustion chamber hosts a further
pressure transducer. An embedded thermo-couple is located in proximity of the nozzle throat in order
to monitor temperature of the zone, as shown in Figure 4. The ignition of the breadboard is assured
by a spark plug located in the pre-chamber that ignites a mixture of oxygen and methane injected in
the pre-chamber.

 
 

(a) (b) 

Figure 4. CIRA Hybrid 1000 N breadboard assembled (a), general arrangement (b).

3.2. Test Rig Description and Test Setup

The test facility is a versatile experimental setup primarily designed for firing hybrid rocket
engines of several sizes [6].

The piping and instrumentation schematic of the test rig is shown in Figure 5. Gaseous oxygen
is supplied by a reservoir consisting of eight cylinders, while pressure regulators set the operating
pressure along the breadboard feed line. Oxygen mass flow rate is evaluated through gas temperature
and pressure measurements upstream of the throat of a chocked Venturi tube. The Venturi can be
dismounted and replaced depending on the requested oxidizer mass-flow rate. For testing the 1000 N
breadboard a 5 mm throat Venturi tube was adopted in order to guarantee the flow rate requested.

Nitrogen is purged into the chamber for the burn out and in case of an emergency shutdown.

Figure 5. Test rig layout.

Figure 6 shows the 1000 N breadboard integrated on the test bench. First, a leakage test was
performed, using pressurized nitrogen at 0.8 MPa for five minutes, in order to verify the absence of
any leak from internal interfaces.
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Figure 6. 1000 N breadboard integrated on the test bench.

Firing tests have been conducted with an incremental logic, being the hardware a new design,
in order to evaluate the behavior of the breadboard from lower pressure/duration to higher ones.

The operating conditions of each test are reported in Table 2.

Table 2. Nominal operating conditions.

Operating Condition Test L1 Test L2 Test L3 Test L4 Test L5

Oxidizer mass-flow rate (kg/s) 0.120 0.200 0.200 0.140–0.225 0.260
Firing time (s) 6 8 12 5 + 1 (transient) + 4 10

According to the incremental logic, the first test L1 was conducted with about the 50% oxidizer
mass-flow rate for a shorter time (6 s) with respect to nominal one. In the second L2 test both oxidizer
mass-flow rate and time were increased. In the L3 test the nominal firing time was further increased.
Firing test L4 was made to demonstrate throttling capabilities of the breadboard. Test L5 was finally
performed with the nominal oxidizer mass-flow rate.

The following telemetry set-up was adopted (see also Figure 4b):

• Two Setra C206 pressure transducers, specifically in pre- and post-chamber, which can measure
pressures up to 70 bar with an accuracy of ±0.1 bar and an acquisition frequency of 2.5 kHz;

• A thermocouple (type K) in the breadboard pre-chamber directly in contact with the hot flow;
• An embedded thermocouple (type K) in proximity of the nozzle throat (see Figure 7);
• Four load cells for thrust measurement, with an overall accuracy of ±1.5 N.

 
Figure 7. Embedded thermocouple positioning.

Moreover, the oxidizer temperature and mass-flow rate were acquired, for all the firing tests.
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4. Experimental Test Campaign: Results and Discussion

In this section the experimental results of the test campaign are presented and discussed.

4.1. Test Execution and Hardware Inspection

All the planned tests were successfully performed. No damage in any parts of the breadboard
was detected. The experimental oxidizer mass-flow rates were in line with the test plan reported in
Table 2, with deviations between nominal and experimental measured values below 10%.

Figure 8 shows pictures of the breadboard and the exhaust during firing test L1 (a) and firing
test L3 (b). A remarkable difference stands out in both flame shape and brightness, due to different
test conditions. In particular, in the higher oxidizer mass-flow rate condition of test L3, both exhaust
velocity and flame temperature were higher, as will be later discussed.

 
(a) 

 
(b) 

Figure 8. Breadboard during the firing test L1 (a) and L3 (b).

The paraffin-wax grain, used before burning, is shown in Figure 9a, while Figure 9b shows
the grain after firing test L3. A uniform consumption of the solid fuel grain was observed in radial
direction, while axially there was a slightly higher regression at grain exit.

 
(a) 

 
(b) 

Figure 9. Paraffin grain before test (a) and after firing test L3 (b).

The weight of each propellant grain was measured after the firing tests for estimating the respective
time-averaged fuel mass-flow rate and the corresponding time-averaged mixture ratio. Moreover,
the mass loss method has been employed to estimate the space-averaged final port diameters, allowing
computing the time-space averaged oxidizer mass-fluxes and fuel regression rates. For a detailed
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description of the data reduction technique refer to [6]. Propellant grains used for Test L4 and Test L5
reported an anomalous consumption in the inlet port diameter that shows a slightly larger diameter
with respect to the medium one. Probably this is due to some delay experienced in the ignition
sequence causing an initial overheating of the propellant. In any case no significant deviation in terms
of thrust and pressure have been recorded during tests. No ablation occurred in the graphite nozzle,
since the throat diameter remained unchanged during all the test campaign.

4.2. Experimental Regression Rate Considerations

The main measured quantities, for the different firing tests, are summarized in Table 3.

Table 3. Experimental data acquisitions.

Data Test L1 Test L2 Test L3 Test L4 Test L5

Effective firing time (s) 5.6 7.5 11.4 9.7 (5.3 + 4.4) 9.0
Effective oxidizer mass-flow rate (kg/s) 0.110 0.195 0.192 0.142–0.215 0.243

Time-averaged fuel mass-flow rate (kg/s) 0.984 0.152 0.172 0.177 0.2039
Time-averaged mixture ratio (-) 1.12 1.29 1.11 - 1.20

Time-space-averaged ox mass-flux (kg/m2s) 55.35 72.35 52.37 53.3 69.94
Time-space averaged fuel regression rate (mm/s) 1.91 2.53 2.49 2.6 2.99

The experimental data point in terms of fuel regression rate as function of the oxidizer mass flux
are reported in Figure 10 along with the data point measured on the subscale 200 N-class breadboard.
Also, trends from relevant literature are reported for comparison. It is quite evident that, although the
fuel grain formulation was the same, the regression rates experienced with the 1000 N breadboard,
which range between about 1.9 mm/s (test L1) and 3 mm/s (test L5), are significantly higher with
respect to the values obtained with the subscale breadboard at equal oxidizer mass flux. In fact, Table 4
reports the relative deviations between the expected values of the regression rate on the basis of the
regression rate law as function of the oxidizer mass flux only (Equation (2)) and the corresponding
measured data, which range between around 10% and 40% in module.

Figure 10. Regression rate versus oxidizer mass flux for all the tests.
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Table 4. Expected regression rate obtained with Equation (2) and deviation with respect to
experimental data.

Test ID Expected Regression Rate with Equation (2) Relative Deviation w.r.t. Experimental Data

Test L1 1.73 −9.6%
Test L2 2.14 −15.6%
Test L3 1.65 −33.7%
Test L4 1.67 −38.0%
Test L5 2.08 −30.5%

The above discussed results show that, while Equation (2) represents a sufficiently good fit of
experimental data obtained with the 200 N breadboard, it leads to a non-negligible underestimation of
the regression rate in the case of the larger scale engine. Consequently, in the scale-up of hybrid rockets
it should be taken into account that the oxidizer mass flux is not the only quantity affecting the fuel
regression rate. This is also confirmed by the fact that the experimental data for the 1000 N breadboard
themselves do not show a clear trend of regression rate with oxygen mass flux. Therefore, other
significant operating parameters must play a significant role, which should be properly investigated
and assessed. In particular, the possible effect of two main parameters, i.e., the grain port diameter
and the mixture ratio, on the fuel consumption behavior is discussed in the following and will be the
subject of the future experimental investigations.

Recalling the main idea of previous authors’ work [6], the grain port diameter is a first quantity
which could have an effect on the regression rate, as a consequence of the oxidizer injection flow pattern.
In the case of axially injected oxidizer, a flow recirculation is created in the entrance region of the grain
port where the oxidizer jet spreads up to the impingement point on the grain surface, enhancing the
heat transfer to the wall. The extension of the vortex increases with the port diameter and, therefore,
macroscopic result is that the fuel regression rate could be influenced by the port diameter other than
by the mass flux [18]. For this reason, in Ref. [6] a correlation of the fuel regression rate with the
oxidizer mass flux and the time-space averaged port diameter has been obtained which is expressed by

.
r = aG

n
oxD

m
a = 0.029; n = 0.697; m = 0.398

(
R2 = 0.95

)
(3)

where the regression rate is expressed in mm/s, mass flux in kg/m2s and the port diameter is in mm.
Although it should be taken into account that the different injector and pre-chamber design limit

the application of the above described correlation, the law of Equation (3) has been applied to calculate
new values of the expected fuel regression rate and the results are reported in Table 5.

Table 5. Expected regression rate obtained with Equation (3) and deviation with respect to
experimental data.

Test ID Expected Regression Rate with Equation (3) Relative Deviation w.r.t. Experimental Data

Test L1 2.26 18.4%
Test L2 2.90 14.5%
Test L3 2.45 −1.3%
Test L4 2.41 −10.6%
Test L5 2.98 −0.5%

Although the deviations are reduced in almost all cases with respect to the basic formulation,
the errors are still relatively high, so it can be concluded that combustion chamber conditions (i.e., MR,
pc) directly affect the regression rate. In particular, as reported in [2], the regression rate could be
significantly affected by the oxidizer-to-fuel ratio. In fact, from Figure 11, which shows the adiabatic
flame temperature variation with mixture ratio at fixed chamber pressure (2× 106 Pa), it can be observed
that in the mixture ratio range between 1 and 2 a strong temperature increase of the flame is expected.
The temperature increase determines both increase of the heat transfer to the gas-liquid interface
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and variation of the gas properties, which in turn affect both the vaporization and the entrainment
contributions to the fuel regression rate.

Figure 11. Specific impulse and chamber temperature vs. MR at 2 × 106 Pa.

In particular, the vaporization contribution is given by the classical hybrid theory, which describes
the regression rate of hybrid fuels in the absence of entrainment. The widely accepted formula due to
Marxman et al. [19] shows the dependence of the vaporization regression rate with the gas properties
(the gas viscosity in particular) and the radiative to convective heat transfer ratio.

.
rcl = C f ,re f

(
2μg

L

)0.2

CB1

⎛⎜⎜⎜⎜⎝1 + .
Qr
.

Qc

⎞⎟⎟⎟⎟⎠( B
ρs

)
G0.8 (4)

where C f ,re f is the reference shear stress (generally assumed equal to 0.03) and CB1 is a corrective factor
of the surface friction [5]. It is evident that, once chosen the fuel propellant and fixed the oxidizer mass
flux, the evaporation regression rate increases with the flame temperature due to both increase of gas
viscosity and radiative to convective heat transfer ratio.

The entrainment contributions, on the two different breadboards, is more complex to define and
requires deeper investigations. However, this mechanism is meanly related to the fuel properties,
which remain unchanged. According to [5], the general empirical expression for the entrainment rate,
in terms of the relevant properties of the hybrid breadboard, is

.
re ∝
(
C f Pd

)α
hβ

σγμδ
(5)

where α is approximately 1.5, β is approximately 2 and γ and δ are approximately 1. Pd is the dynamic
pressure of the gas flow in the port and C f has the same formulation of Equation (4), therefore
depending on μ0.2

g . Once the mass flux through the port is fixed, a higher flame temperature leads to an
increase of both skin friction coefficient (proportional to gas viscosity) and dynamic pressure (∝ ρV2).
The melt layer thickness is more difficult to quantify, but if a slight variation is assumed, then it can be
asserted that also the entrainment contribution to regression rate is higher for the 1000 N breadboard
with respect to the subscale.

Therefore, observing that the tests with the 1000 N breadboard are characterized by higher average
mixture ratio if compared to the test performed with the subscale engine at similar oxidizer mass flux,
the previous considerations could explain the higher measured values of the regression rate. Moreover,
the regression rate in test L3 is higher than that of test L1 although the average oxidizer mass fluxes are
similar (and similarly regression rate in test L5 is higher with respect to that of test L2) because the
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higher oxygen mass flow rate determines higher initial value of the mixture ratio which, as said before,
is the cause of an enhanced fuel consumption.

The above discussed considerations lead to the conclusion that the regression rate law derived
with subscale testing (Equation (2)) is not suitable when the motor operating parameters move away
from those associated with the 200 N campaign. In fact, considering Test L1 of the 1000 N breadboard
the Equation (2) remains still applicable, but for the other tests its application leads to a regression rate
underestimation (since Test L2 to L5 are characterized by higher value of the oxidizer to fuel mixture
ratio). A general expression of the fuel regression rate should include other operating parameters,
beyond the oxidizer mass-flux, as for instance, mixture ratio. Dedicated experimental test campaign will
be addressed to further investigate this question and, once more data would be available, an upgraded
formulation of the Equations (2) and (3) for the regression rate will be derived.

4.3. Data Assessment and Performances Considerations

This section presents main data recorded by the experimental test campaign along with their
preliminary assessment with consideration about general performance parameters. Figure 12 provides
the temporal evolution of chamber pressure (a) and thrust (b) acquired for the different firing tests.
Chamber pressure was not affected by throat diameter increase, since negligible ablation was measured
after the firing tests. It is interesting noticing that pressure slightly increases and tends to a constant
value during firing time; this behavior is opposite with respect to the previsions by HDC, since they
were based on the regression rate law of the small-scale breadboard (Equation (2)). Due to higher
measured regression rates with respect to the law presented in [6], even if on one side the temperature
decreases in time due to decrease of MR from the optimum (see Figure 11), the higher paraffin mass-flow
rate compensates this effect and the result is a nearly constant chamber pressure.

 
(a) (b) 

Figure 12. Measured pressure in the post-chamber (a) and thrust (b) over firing time.

Figure 13 shows temperature acquisitions by a thermocouple located in the breadboard
pre-chamber (a) and an embedded thermocouple in proximity of the nozzle throat (b)—(for details see
Figure 7). For test L3, the pre-chamber TC did not acquire due to a paraffin occlusion of the hole.

The experimental nozzle material temperature levels recorded during test, in Figure 13b, justify
the absence of ablation phenomena.
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(a) 

 
(b) 

Figure 13. Measured pre-chamber temperature (a) and nozzle temperature (b) over firing time.

Table 6 reports the experimental breadboard performances. The time-averaged specific impulse is
in line with the prevision made by the equilibrium calculation for each test conditions and thrust level
is almost coherent with design predictions. It is important pointing out the behavior of the breadboard
in the throttling test L4 (Figure 12), where thrust and pressure levels are steady for both the operating
conditions and the transition appears stable without spikes and oscillations.

The combustion efficiency has been highlighted only for test L5, being, this operative point very
close to the nominal one in terms of oxidizer mass flow. The estimation is based on the mean mixture
ratio and has been calculated as the ratio between real and ideal values:

ηc∗ =
c∗r
c∗id

(6)

Table 6. Experimental 1000 N breadboard performances.

Quantity Test L1 Test L2 Test L3 Test L4 Test L5

Time-averaged chamber pressure (MPa) 0.79 1.59 1.67 1.23–1.90 2.09
Time-averaged thrust (N) 291 650 679 446–782 893

Time-averaged specific impulse (s) 142 191 190 173 204
Time averaged ηc* - - - - 0.94

5. Conclusions

The design and testing activities of a novel 1000 N HRE breadboard have been presented.
The breadboard, fed with gaseous oxygen and a paraffin-based fuel, showed a robust design and good
performances. In particular, a stable combustion occurred in all the testing conditions including a
wide range of pressure and mixture ratio. No significant chamber pressure oscillation was observed.
The breadboard was also tested in order to verify throttling capabilities, oxidizer mass-flow rate was
increased of about 35% during one of the firing test, leading to thrust increase of about 40%. Numerous
experimental data were collected, including temperature of the flow in the pre-combustion chamber
and temperature inside the nozzle material. The experimental input variables—e.g., oxidizer mass-flow
rates—were in agreement with the test plan; the breadboard performances, in terms of thrust and
pressure, were almost in line with test objectives. A higher fuel regression rate was experimentally
found with respect to subscale results, due to different operating conditions which affected both gas
properties and heat transfer to the fuel surface. At the end of the test campaign, the graphite nozzle
throat showed no significant erosion, in contrast with the expectations associated with the pre-testing
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numerical predictions and literature investigations. The result was due to lower than expected wall
temperatures and, therefore, heat transfer rate.

Further investigations are still required for a thorough assessment of the collected data. Other test
campaigns will be necessary, in order to better assess the role of the mixture ratio on the fuel
regression rate.
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Nomenclature

a regression rate factor [-]
At nozzle throat area [m2]
B blowing number [-]
c∗ characteristic velocity [m/s]
CB1 blowing correction coefficient [-]
C f friction coefficient [-]
C f ,re f reference friction coefficient [-]
G port average mass flux [kg/m2-s]
h melt layer thickness [m]
hg convective heat transfer coefficient [W/m-K]
L fuel grain length [m]
m chamber pressure exponent
n oxidizer mass flux exponent
pc chamber pressure [Pa]
Pd dynamic pressure [Pa]
.

Qc convective heat flux [W/m2]
.

Qr radiative heat flux [W/m2]
.
r surface regression rate [m/s]

.
rcl classical theory regression rate [m/s]
.

re regression rate due to entrainment [m/s]
R2 coefficient of determination [-]
T temperature [K]
Twa adiabatic wall temperature [K]
Twh hot gas wall temperature [K]
Greek Symbols
η combustion efficiency [-]
μ gas molecular viscosity [kg/m-s]
ρ density [kg/m3]
σ surface tension [N/m]
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Subscripts
c chamber
g gas
id ideal
l liquid
ox oxygen
r real
s solid
Acronyms
CEA Chemical Equilibrium with Application code
CFD Computational Fluid Dynamics
EDM Eddy Dissipation Model
HDC CIRA code
HDPE High Density Polyethylene
HRE Hybrid Rocket Engine
HTPB Hydroxyl Terminated Polybutadiene
MR Oxidizer to fuel Mixture Ratio
SST Shear Stress Transport
TRL Technology Readiness Level
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Abstract: This work provides a lab-scale investigation of the ballistics of solid fuel formulations
based on hydroxyl-terminated polybutadiene and loaded with Al-based energetic additives. Tested
metal-based fillers span from micron- to nano-sized powders and include oxidizer-containing fuel-rich
composites. The latter are obtained by chemical and mechanical processes providing reduced diffusion
distance between Al and the oxidizing species source. A thorough pre-burning characterization
of the additives is performed. The combustion behaviors of the tested formulations are analyzed
considering the solid fuel regression rate and the mass burning rate as the main parameters of
interest. A non-metallized formulation is taken as baseline for the relative grading of the tested fuels.
Instantaneous and time-average regression rate data are determined by an optical time-resolved
technique. The ballistic responses of the fuels are analyzed together with high-speed visualizations of
the regressing surface. The fuel formulation loaded with 10 wt.% nano-sized aluminum (ALEX-100)
shows a mass burning rate enhancement over the baseline of 55% ± 11% for an oxygen mass flux
of 325 ± 20 kg/(m2·s), but this performance increase nearly disappears as combustion proceeds.
Captured high-speed images of the regressing surface show the critical issue of aggregation affecting
the ALEX-100-loaded formulation and hindering the metal combustion. The oxidizer-containing
composite additives promote metal ignition and (partial) burning in the oxidizer-lean region of the
reacting boundary layer. Fuels loaded with 10 wt.% fluoropolymer-coated nano-Al show mass burning
rate enhancement over the baseline >40% for oxygen mass flux in the range 325 to 155 kg/(m2·s).
The regression rate data of the fuel composition loaded with nano-sized Al-ammonium perchlorate
composite show similar results. In these formulations, the oxidizer content in the fuel grain is <2 wt.%,
but it plays a key role in performance enhancement thanks to the reduced metal–oxidizer diffusion
distance. Formulations loaded with mechanically activated ALEX-100–polytetrafluoroethylene
composites show mass burning rate increases up to 140% ± 20% with metal mass fractions of 30%.
This performance is achieved with the fluoropolymer mass fraction in the additive of 45%.

Keywords: nano-sized aluminum; micron-sized aluminum; fluoropolymer; mechanically activated
aluminum; coated aluminum; fuel-rich composite powder; aluminum aggregation; aluminum
agglomeration; regression rate; mass burning rate

1. Introduction

Hybrid rocket engines (HREs) feature a diffusion-limited combustion process between the
atomized liquid (or gaseous) oxidizer and the pyrolyzed/vaporized solid fuel. The turbulent boundary
layer combustion is ruled by convective heat transfer, with the rf showing relatively strong dependence
on G [1–5]. In the complex boundary layer combustion mechanism, oxidizer-lean conditions
are encountered in the region extending from the regressing surface to the flame. Conventional
polymer-based solid fuels feature relatively slow rf, in turn yielding low thrust levels with simple
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grain geometries (i.e., cylindrical grains with single central port perforation). This issue can be
partially overcome by multi-port grains enabling increased

.
m f thanks to the enlarged burning surface

area. Such a solution requires complex implementation, with possible system dry mass increases
and structural integrity issues [6]. Liquefying fuels show faster regression rates than conventional
polymeric formulations thanks to the entrainment of melted fuel droplets [7,8]. On the other hand,
liquefying fuels such as paraffin wax feature weak mechanical properties and are unsuitable for effective
exploitation in operating systems. Different studies are currently ongoing to obtain reinforced fuel
grains combining ballistic and mechanical properties. Paraffin wax blending with reinforcing polymers
is a strategy to achieve this purpose [9–14]. The improved mechanical properties of the blended
formulations are accompanied by increased viscosity of the melted phase; this lessens the entrainment
mass transfer, thus decreasing rf and

.
m f . In spite of differences in the combustion mechanism of

polymeric and liquefying fuels, both kinds of formulations can achieve increased ballistic performance
thanks to the use of metal-based energetic additives [15–19].

Metal-based energetic additives aim at providing enhanced flame temperatures and/or increased
radiation heat transfer to promote faster rf of the solid fuel grain and increased

.
m f . Moreover,

augmented radiation heat transfer reduces the rf(G) dependence, enabling solid fuel ballistic response
tailoring [20]. Aluminum is an attractive candidate as an energetic filler, thanks to its oxidation
enthalpy [21] and its commercial availability at different dispersity levels (from micron-sized particles
to the nanoscale), enabling its use as it is, or as an ingredient for composite additives [22–24].

Conventional Al powders feature micron-sized spherical particles [25]. The μAl is typically
air-passivated, thus showing a core–shell particle structure with the metal core surrounded by an
amorphous Al2O3 layer [26–28]. The micrometric size, together with the particle morphology and the
specific surface area (SSA) <1 m2/g, yields μAl high metal content (typically >95 wt.%), relatively low
reactivity, and inherent safety (i.e., high ignition temperature, reduced dispersion in air, and limited
aging influence) [28–31]. The reactivity of μAl can be enhanced by reducing the particle size down
to the nanoscale [32–35] and by activation processes [23,24,36–39]. Nano-sized Al is characterized by
SSA ~10 m2/g (or higher, depending on the average powder particle size and size distribution). These
powders show marked reactivity at temperatures lying below the Al melting point (933 K) [17,34,35,40].
Nano-sized Al is typically passivated by air, although special chemicals may be used to shield the metal
from the external environment [34,35,40]. With respect to μAl, air-passivated nAl exhibits reduced
CAl and increased sensitivity to storage conditions [28]. Due to the reduced size, the nAl powders
feature cold-cohesion phenomena. Clusters of particles exhibit SSA reduction with respect to the
single particles. Thus, special manufacturing procedures are typically implemented to disperse nAl
in energetic compositions [41–43]. Moreover, the use of nano-sized particles is complicated by their
effects on propellant/fuel slurry rheology [25,44], and stricter safety requirements than the micron-sized
counterpart. Activated Al powders typically feature reactivity tailoring of the starting material by
chemical, mechanical, and mechano-chemical methods [22–24]. Activation techniques modify the
powder surface characteristics (such as SSA and/or composition), and/or the particle morphology,
size, and composition [22–24,36–38,45–48]. In particular, activation processes enable the creation of
composite additives such as dual-metal [38,48] or metal–oxidizer compositions [45,48], offering wide
possibilities for additive reactivity tailoring. Focusing on mechanical activation (i.e., ball milling), it is
worth noting that the additives produced from micron-sized granules typically feature flake shape.
For this particle morphology, thickness is the only nanoscale dimension, while complex surface texture
(typically providing increased SSA with respect to conventional μAl) is usually achieved. Thanks to this,
these materials offer increased reactivity while reducing the issues related to the difficult handling of
nano-sized materials [48]. The creation of composite additives eases the propellant/fuel manufacturing,
enabling the use of a single (dual) ingredient, instead of adding/handling different materials.

The presence of metal additives, including Al, implies the possible insurgence of performance
losses due to incomplete metal combustion, two-phase flow expansion, and residual accumulation
in the combustion chamber/nozzle walls [17–22]. All these issues are of particular relevance in HRE
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combustion due to the diffusion-limited mechanism and the relatively low combustion efficiency of
these systems. The mitigation of the low combustion efficiency requires specific implementations
such as mixing chambers and/or the design of energetic additives featuring tailored composition and
reactivity to lessen the detrimental effects related to metal combustion.

Current open literature includes several experimental studies on the rf behavior of metallized
solid fuels for hybrid rocket propulsion [15–17,22,49–56]. In these works, differences in additive
characterization approaches, experimental operating conditions, and data reduction techniques
possibly yield difficult interpretations of the effects of the investigated materials when comparing
different studies.

This work investigates the effects of different Al-based energetic additives on the ballistic response
of polymer-based fuels for hybrid rocket propulsion. The objectives of this work are (i) evaluating the rf
and

.
m f enhancement offered by innovative Al-based additives, and (ii) analyzing the surface phenomena

occurring during the combustion of metallized formulations to link the additive composition effects
to the solid fuel ballistic response. Hydroxyl-terminated polybutadiene (HTPB) is considered as a
binder in the solid fuel formulations, in light of its suitable mechanical properties [42], making it
an interesting candidate for the lab-scale study, as well as for possible applications requiring high
volumetric efficiency pursued by high filler loads. The information gained by insight into the burning
behavior of polymer-based fuels can provide useful suggestions for the development of energetic
additives suitable for paraffin-based fuels reinforced by blending with thermoplastic polymers, in
which the entrainment reduction due to the increased melt layer viscosity could be compensated for by
using energetic fillers. The investigated additives range from conventional μAl to nAl, and the test
matrix includes mechanical-activated powders. The tested nAl powders feature different passivation
layers and are either uncoated or coated. Investigated mechanical-activated powders are based on μAl
and nAl. Composite powders are fuel-rich formulations including ammonium perchlorate (AP), a
copolymer of vinylidene fluoride and hexafluoropropylene (VFHFP) [57], and polytetrafluoroethylene
(PTFE) as oxidizers. Composite additives are produced by chemical methods (i.e., particle coating)
and mechanical activation. Both approaches aim at reducing the diffusion distances between the
AP/fluoropolymer and the metal fuel particles. The composites are formulated to deliver the oxidizing
species close to the metal fuel during the combustion. The pursued effects are a prompter Al ignition
and combustion in the oxidizer-lean region close to the gasifying fuel surface. The proposed strategy
differs from mixed fuel approaches previously presented in the open literature [58,59]. In the current
work, the oxidizer is localized in the composite additive, and fluoropolymers are selected as oxidizers
due to their relatively high thermal stability joined with reactivity in the presence of metals such as Al.
In general, the oxidizer-loaded solid fuels possibly imply a loss of some of the HRE peculiarities such
as faint rf dependence on the pc (in turn simplifying throttling operations and granting combustion
tolerance to grain cracks), stop–restart capability, and reduced environmental impact. The current
work focuses on the combustion behavior of metallized solid fuels, and on the analysis of the surface
phenomena involved in this process; therefore, the abovementioned effects are not considered in this
study. On the other hand, it is worth noting that the operating flexibility of HREs is not lost in the
presence of solid fuel grains embedding oxidizing substances, unless the resulting formulation is burnt
above its pressure deflagration limit (PDL). The latter is the lowest pressure a solid propellant/mixed
hybrid can exhibit self-sustained combustion at. If a mixed hybrid is burning at pc < PDL, the
combustion can be stopped and restarted without differences from what occurs in an equivalent fuel
composition with no oxidizer load [59].

The work starts with pre-burning characterization of the investigated materials, and then focuses
on the burning behavior of the HTPB-based fuels. The ballistic responses of the fuel formulations
are characterized by time-resolved rf and

.
m f measurements and by high-speed visualizations of the

burning surface.
This work aims at providing a detailed view of the combustion process of aluminized fuel

formulations. Pre-burning characterization of the metal additives is analyzed together with
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time-resolved ballistics of the loaded fuels. In the open literature, solid fuel combustion behavior
is typically evaluated by time- and space-averaged data reduction techniques based on pre- and
post-firing measurements of relevant parameters. The time-resolved technique for rf and

.
m f tracks

the combustion evolution from ignition to the final condition, providing the fuel ballistic response
over a range of Gox with a single test. High-speed visualizations of the burning surface phenomena
offer detailed insight into the effects of the metal additives on the fuel combustion behavior, and they
enable evaluating the impact of aggregation/agglomeration phenomena on the combustion of Al-based
additives. These effects are not widely investigated for solid fuel formulations. The combination of
ballistic analyses and surface visualizations contributes to clarifying the reasons for some contrasting
results observed in the open literature for the combustion of aluminized fuels, in particular when nAl
formulations are considered.

2. Background

A background of the current work is hereby presented considering open literature studies focused
on (i) the fundamentals of the solid fuel combustion process, (ii) the influence of metal additives on
the solid fuel ballistics, and (iii) a discussion of Al aggregation and agglomeration phenomena (with
particular emphasis on solid fuel formulations).

2.1. Fundamentals of Solid Fuel Combustion Process

In hybrid rockets, the flame has a diffusive nature, and it is set in the boundary layer generated
by the oxidizer flow over the grain surface. Fundamentals of the HRE combustion mechanism
were reviewed by Chiaverini [4] and Marquardt and Majdalani [5]. A survey on solid fuel thermal
decomposition (a phenomenon playing a central role in HRE combustion) was given by Lengellé [60].
The behavior of non-metallized polymeric fuel formulations is dominated by convective heat transfer,
and it is subject to heat transfer blockage due to mass blowing from the surface [1–3]. Under
these conditions, theoretical modeling of the combustion mechanism yields r f (G) = ar·Gnr (or
r f (Gox) = ar·Gnr

ox), with nr = 0.8 [1–3]. Experimental investigations typically yield r f (G) power law
approximations with nr in the range 0.6 to 0.8 [4]. Radiation heat transfer plays a role as convective
phenomena are lessened [4,20,61,62]. The effects of radiation are due to gas radiation (playing a
minor role), to soot, and (if present) to radiating metal particles [1–5,20,61–63]. Under the influence of
radiation heat transfer, rf may exhibit pc dependence [4,20], and the r f (G) power law approximation
shows nr < 0.8 [1–5,20,61–63]. Liquefying fuels show a regression rate dependence on G similar to the
polymeric formulations, although their r f exhibits percentage increases of 300–400% with respect to
reference HTPB [7,8]. This enhanced performance is achieved thanks to an instability of the melt fuel
layer formed at the regressing surface. If this layer features low viscosity and reduced surface tension,
its interaction with the oxidizer stream yields the formation of waves from which melt fuel droplets
are detached [7,8]. Therefore, in liquefying fuels the overall rf is the sum of the vaporization and of the
entrainment contributions. The latter does not affect the convective heat transfer blockage; moreover,
the entrained mass flow rate does not require vaporization enthalpy absorption at the regressing
surface [7,8]. Current liquefying fuels offer low mechanical properties. Typical mechanical properties
reinforcement techniques yield a reduction of the entrainment effect due to the augmented viscosity of
the melted fuel layer [10–14,19]. Recent efforts proposed innovative reinforcing strategies exerting
minor effects on the liquid phase viscosity such as self-disintegrating structures [64], as well as the use
of three-dimensional (3D) printed cellular structures [65,66].

The diffusion-limited combustion of HREs implies low combustion efficiency, thus requiring
specific countermeasures such as enhanced oxidizer-fuel vapors mixing in the aft-combustion chamber
and/or the use of diaphragms [67], non-conventional oxidizer injection implementations (playing a
role in rf enhancement) [68–70], and/or design of special engine configurations [71].
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2.2. Regression Rate Performance and Metal Additives

For both polymer- and paraffin-based fuel formulations, augmented or tailored, rf performance
is typically pursued by loading the fuel grains with energetic additives such as oxidizer, metal, and
hydride powders. A comprehensive review of the early steps of this approach was given by Risha et al.
in [15]. First studies on the combustion of metal-loaded fuels investigated the effects of micron-sized
additives (such as Al and Mg). In these analyses, the achieved rf enhancements were mainly due
to the augmented radiation heat transfer caused by the presence of metal particles, the effect on the
flame temperature being limited by the high ignition temperatures, and relatively long burning times
of these conventional additives [15,20,61,62]. Different analyses showed that μAl exerts no marked
influence on the rf by particle sizes in the range of 30 to 250 μm [15,20,61,62]. Thanks to their enhanced
reactivity over the micron-sized counterpart, nanometric additives disclose new opportunities for
solid fuel performance enhancement. In general, the lower ignition temperatures and the shorter
combustion times of nano-sized particles should promote increased rf [15–18,40,41,50–54], as well as
relatively high combustion efficiencies [55]. On the other hand, the open literature shows contrasting
results for fuel formulations loaded with nAl. The ballistic responses of HTPB-based fuels doped with
different nano-sized ingredients was extensively investigated by Risha et al. [50–52]. In these studies,
rf variations were observed for different sets of formulations featuring similar compositions [50–52].
These effects were probably due to different manufacturing procedures (without/with fuel slurry
sonication). Results for HTPB + 13 wt.% nAl (air-passivated, nominal size 100–150 nm, SSA = 13
m2/g), exhibited a rf enhancement over the HTPB baseline of 105% (Gox = 112 kg/(m2·s)) [52]. In the
same dataset, formulations loaded with Viton-A-coated nAl and μAl showed an rf increase (relative to
the baseline) of 123% and 142%, respectively [52]. Experimental evidences suggest an easier ignition
and a more complete combustion of the fluoropolymer coated powder with respect to the other
tested additives. The data presented in References [55,56] show moderate (if any) rf enhancement
for nAl-loaded formulations. In the work of Thomas et al. [56], the absence of marked effects of the
nAl on the solid fuel ballistic response of HTPB-based fuels was probably due to the limited additive
mass fraction (5 wt.%). In a recent study, Connell et al. reported a maximum rf increase of 20% over a
non-metallized baseline for HTPB + 10 wt.% nAl [72]. In the same study, results on innovative Ti–Al–B
nanopowders were presented. These new additives showed rf effects similar to the aforementioned
nAl, but with a reduced Gox sensitivity [72]. The ballistic response of a paraffin-based fuel formulation
loaded with micron-sized Al flakes (with nano-metric thickness) was presented in Reference [18].
The metallized fuel promoted an rf enhancement over a pure paraffin formulation, although slight
differences in operating conditions prevented a precise relative grading. Galfetti et al. reported
significant performance benefits achieved by the use of nAl (nominal sizes of 50 nm and 100 nm) in
entrainment-producing fuels tested in a lab-scale slab burner [19]. The solid fuel rf increase over an
HTPB baseline was 186% for pure solid wax fuel, while it reached 210% for nAl-doped compositions.

Fuel formulations loaded with AP produce rf increases over an HTPB-baseline up to 300% for
a solid oxidizer mass fraction of 25 wt.% [59]. Reference [73] discussed the characteristics and the
performance of a solid fuel formulation with 80 wt.% PTFE + 20 wt.% B that is considered for specific
hybrid propulsion applications.

Mechanical, chemical, and mechano-chemical activation processes offer breakthrough
opportunities for the development of new energetic composites [22–24,36–39,45–48]. The use of
mechanical and mechano-chemical activation processes enables coupling ingredients featuring
relatively low compatibility [24,45]. Detailed discussions on the design strategy for mechanically
activated powders were presented in Reference [24]. Micron-sized Al-rich composites containing PTFE
and produced by mechanical activation were presented in Reference [74]. In the analysis, a paraffin
and ethylene-vinyl acetate blend was loaded with an Al + PTFE composite and featured a 300% rf
increase over the non-metallized counterpart.
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2.3. Aluminized Solid Fuel Formulations: Aggregation and Agglomeration

Aluminum combustion under solid/hybrid rocket motor conditions implies the presence of
condensed combustion products (CCPs) [75–78]. Condensed products feature different compositions,
morphologies, and sizes, depending on their genesis conditions (i.e., solid propellant/fuel composition
details and operating conditions). Following the nomenclature introduced in Reference [77], CCPs
include (i) smoke-oxide particles (SOP), and (ii) agglomerates. The SOP consist of fine particles
(<1 μm) formed by condensation of gaseous reaction products and combustion of non-agglomerated
particles [77]. Agglomerates are composed by Al and Al2O3 (with the eventual presence of binder
decomposition products). Agglomerates feature enlarged size with respect to the original Al powder
particles loaded in the solid propellant/fuel grain. This size growth is caused by aggregation of single
particles at the burning propellant surface/subsurface, and by the coalescence of agglomerates (possibly
followed by particle breakup during expansion) [79]. A larger agglomerate particle size and mass
fraction results in higher performance losses due to incomplete combustion and two-phase flow [17].
Experimental and numerical studies on the Al combustion in solid propellant formulations were
discussed in References [75–83].

The burning behavior of HTPB-based formulations doped with high mass fractions of μAl was
presented in Reference [61]. In this study by Strand et al., 7 kg/(m2·s) ≤ Gox ≤ 35 kg/(m2·s), and
the investigated fuel featured 30 wt.% Al powder and 30 wt.% coal (added to the formulation to
segregate the metal particles). Experimental results showed a layered combustion. The formation of an
HTPB–coal melt containing Al was observed. Filigrees/flakes protruded from the regressing surface to
the reaction zone, and large-size particles (~1 mm) were ejected by the regressing surface. During motor
firings on different lab-scale set-ups, Risha et al. noted different rf performance from similar aluminized
formulations loaded with Al flakes with nanometric thickness [15]. SEM images of extinguished
fuel grains showed the more abundant Al melt layer accumulation at the regressing surface of the
larger motor and causing the lower rf. Observation of aggregation and incipient agglomeration of
μAl- and nAl-loaded fuels and mixed hybrid compositions were reported in References [17,84] where
high-speed and high-magnification visualizations were performed. The captured high-speed images
showed localized particle aggregation phenomena affecting the investigated fuels that were tested
under low Gox (10 kg/(m2·s)) with the use of 60 wt.% O2 + 40 wt.% N2 as oxidizer.

3. Investigated Materials

3.1. Aluminum and Al-Based Powders

An overview of the tested Al powders and Al-based composites is reported in Table 1. A
conventional micron-sized Al (μAl15) was taken as the reference for relative grading of the additives.
Two different families of Al-based energetic materials are presented: (a) nAl passivated by different
methods and without/with coating, and (b) mechanically activated metal powders and fuel-rich
composites based on both μAl and nAl. AP, VFHFP, and PTFE were included in nano- and/or
micron-sized fuel-rich composites. Composite powders exploited the oxidizing species release from
the oxidizer/fluoropolymer decomposition to trigger metal ignition and to provide (partial) metal
oxidation in the fuel-rich conditions encountered close to the solid grain regressing surface. Table 2
provides the relative grading of Tfl for Al composites (heat of formation for VFHFP and PTFE from
References [85–87], respectively). The Al + AP combustion at 1.0 MPa for oxidizer content ≥15 wt.%
yielded a Tfl exceeding the melting point of Al2O3 (~2300 K). The VFHFP offered reduced calculated
flame temperature with respect to PTFE due to the lower F content (66 wt.% vs. 76 wt.%) [57,87].
Focusing on the oxidizer densities, PTFE featured the highest value. This characteristic is of interest for
the design of composites with high densities for enhanced

.
m f .
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Table 1. Investigated powders: nomenclature, description, and production details (LE: low energy; HE:
high energy; MA: mechanical activation; PTFE: polytetrafluoroethylene; ALEX: aluminum exploded).

Powder Id.
Powder Description

and Notes
Particle Surface

Composition
Producer and

References

μAl15 Air-passivated μAl with
nominal size of 15 μm

Al2O3 AMG Alpoco (UK) [25]
μAl7.5 Air-passivated μAl with

nominal size of 7.5 μm

ALEX-100 Air-passivated nAl with
nominal size of 100 nm

Al2O3

Advanced Powder
Technology LLC (Tomsk,

Russia) [40,54]

ALEX-50 Air-passivated nAl with
nominal size of 50 nm

ALEX-100B
ALEX-100 coated with
0.2 wt.% pyrocatechol
(C6H6O2)

C6H6O2

L-ALEX-100 Stearic acid coated
ALEX-100 C17H35COOH

VF-ALEX-100F

Fluorotelomer
alcohol-derived
ester-coated ALEX-100
(coating solvent removed
by filtration) Vinylidene

fluoride–hexafluoropropylene
(70:30) copolymer
(VFHFP) + ester

VF-ALEX-50E

Fluorotelomer
alcohol-derived
ester-coated ALEX-50
(coating solvent removed
by evaporation)

AP15-ALEX-100B

AP (15 wt.%) +
ALEX-100B (85 wt.%),
ALEX-100B clustered
and coated by AP
(solvent removal by
evaporation)

Al2O3 + C6H6O2 +
NH4ClO4

SPLab

LE-μAl15 Low-energy MA, μAl15

Al2O3 + (C2F4)n
SPLab

(MA procedure) [23,24]

LE-μAl15-T10
Low-energy MA, μA15
(90 wt.%) + PTFE (10
wt.%)

LE-μAl15-T30
Low-energy MA, μAl15
(70 wt.%) + PTFE (30
wt.%)

LE-μAl7.5-T30
Low-energy MA, μAl7.5
(70 wt.%) + PTFE (30
wt.%)

HE-μAl15-T45
High-energy MA, μAl15
(55 wt.%) + PTFE (45
wt.%)

HE-ALEX-50-T45
High-energy MA,
ALEX-50 (55 wt.%) +
PTFE (45 wt.%)

Table 2. Tfl for Al reaction with different fluoropolymers and ammonium perchlorate (AP) as a function
of the oxidizer mass fraction in the composite (NASA Chemical Equilibrium with Applications (CEA)
software, pc = 1.0 MPa).

Oxidizer Density, kg/m3 10 wt.% 15 wt.% 30 wt.% 45 wt.%

AP 1950 1754 K 2327 K 2656 K 3524 K
VFHFP 1800 933.6 K 1304 K 1752 K 1975 K
PTFE 2200 1013 K 1440 K 1853 K 2095 K
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Air-passivated ALEX powders with nominal sizes of 100 nm and 50 nm were considered in the
study. The nominal coating mass fraction was 10% for all the coated powders but AP15-ALEX-100B
(see Table 1). Production details for the starting nAl powders and for the variants coated by stearic acid
and fluoropolymer are reported elsewhere [40]. The AP15-ALEX-100B was produced by dispersing
nAl in an acetone solution of AP. The ingredients were mixed during ultrasound irradiation of the
bath. Solvent was gradually removed by evaporation at 318 K. Powders were dried for 72 h in an oven
at 333 K before grinding. Activated powders were produced by low-energy (LE) and high-energy (HE)
mechanical activation (MA) processes, both developed at SPLab. Details on the former process are
provided in dedicated works [24,48], while the latter procedure is undergoing patenting. Mechanical
activation enables the coupling of different materials, removing some of the limitations of other
techniques, such as the chemical compatibility required for efficient coating.

3.2. Tested Formulations

Tested fuel formulations are reported in Table 3. Relative ballistic grading was performed
considering a non-metallized HTPB baseline (for formulation details, see Reference [63]). The
investigated compositions were all produced at lab-scale level. Formulations F2 to F7 featured
a 10 wt.% load of Al powders, and they were produced by a special manufacturing procedure
aiming at inter-particle cold-cohesion mitigation (i.e., ultrasound irradiation [41–43]). The solid fuel
compositions from F8 to F14 featured the same metal molar content as F2, and they were prepared
without special procedures for the additive dispersion in the matrix. The effects of the addition to the
HTPB binder of PTFE and of (separated) Al and PTFE powders were investigated using F15 and F16.
High-energy mechanical milling was used to produce the additives tested in the fuel formulations
with the highest metal mass fractions (F17 to F19), which were designed to explore the possibility of
significantly augmented

.
m f using high loads of Al-based composites with PTFE. Fuels F16 to F18 were

formulated granting the same HTPB to PTFE ratio as the F15. Actual fuel densities were evaluated
by a high-precision balance measuring sample dry weight and buoyancy. For all the tested fuel
formulations, the difference between the actual density and the theoretical maximum density (TMD)
was lower than 3%.

Table 3. Tested fuel formulations: nomenclature, composition, and details. ID: identifier; HTPB:
hydroxyl-terminated polybutadiene; TMD: theoretical maximum density.

Solid Fuel ID HTPB, wt.% Energetic Additive ID, wt.% TMD, kg/m3 Notes

F1 100 - 920 Relative grading baseline
F2 90.0 μAl15, 10.0 980 -
F3 90.0 μAl7.5, 10.0 980 -

F4 88.0 ALEX-100, 10.0 992 Formulation includes 2 wt.% CB,
additive dispersion by ultrasound

irradiation during mixing

F5 88.0 L-ALEX-100, 10.0 992
F6 88.0 VF-ALEX-100F, 10.0 992
F7 88.0 VF-ALEX-50E, 10.0 992

F8 88.7 ALEX-100B, 11.3 906

Formulation Al content is equimolar
to F2, no additive dispersion by

ultrasound irradiation during mixing

F9 87.4 AP 1.9% + ALEX-100B 10.7% a 999
F10 87.4 AP15-ALEX-100B, 12.6 999
F11 89.9 LE-μAl15, 10.1 980
F12 89.0 LE-μAl15-T10, 11.0 986
F13 85.5 LE-μAl15-T30, 14.5 986
F14 84.9 LE-μAl7.5-T30, 15.1 1006

F15 65.0 PTFE, 35.0 1150 Evaluation of HTPB + PTFE ballistics

F16 45.5
PTFE, 24.5

1389
Evaluation of the effects of HTPB +

PTFE on nAl combustion (no
mechanical activation)ALEX-50, 30.0

F17 45.5 HE-μAl15-T45, 54.5 1389 HE activation effects evaluation with
respect to LE, increased PTFE contentF18 45.5 HE-ALEX-50-T45, 54.5 1389

F19 30.0 HE-ALEX-50-T45, 70.0 1630
a Fuel formulation prepared to provide the same nominal composition of F10.
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4. Experimental Methods

4.1. Aluminum and Aluminum-Based Additives Pre-Burning Characterization

The pre-burning characterization of the metal additives included particle size distribution (PSD) by
laser diffraction (Malvern Mastersizer 2000 with dry/liquid dispersion unit for micron- and nano-sized
particles, respectively), SSA determination by N2 adsorption/desorption, scanning electron microscopy
(SEM), transmission electron microscopy (TEM), and transmission energy dispersion (TED) imaging.
The CAl of the powders was determined by Al + H2O reaction in a basic solution (10 wt.% NaOH)
The reactivity of the powders was investigated by slow heating rate thermogravimetry (TG). The
TG relative grading of the additives was performed in air, at 10 K/min, considering the reactivity
parameters identified by Ilyin et al. [34]. The reactivity data evaluated on the TG trace are illustrated in
Figure 1. The Al→ Al2O3 conversion factor was evaluated as follows:

α(T) =
Δm(T)

0.89 ·CAl
. (1)

Figure 1. Reactivity parameters for thermogravimetry (TG) analysis [34]. The determination of onset
and end points was performed based on the differential TG (DTG) curve. Percent mass change was
evaluated with respect to the initial mass of the specimen.

4.2. Burning Behavior Investigation

4.2.1. Lab-Scale Two-Dimensional (2D) Radial Micro-Burner

The SPLab research team designed and developed a 2D radial burner for the relative ballistic
grading of solid fuel formulations at the lab-scale level. Cylindrical-shaped fuel grains with a length of
30 mm, outer case diameter of 20 mm, and central port diameter (D0) of 4 mm are typically tested.
The SPLab facility features peculiar characteristics such as the visualization of the burning specimen
head-end, and a quasi-steady pc during the combustion [63]. In the 2D radial burner, the pc(t) is
monitored by a piezo-resistive pressure transducer and controlled by a pressure regulator commanding
exhaust electro-valves. These servo-actuators are opened/closed depending on the sensed pressure
difference between actual and threshold values. The latter was selected for the test (and it could be
easily changed between different runs, if needed). The

.
mox(t) was monitored and controlled by a

digital flowmeter. The
.

mox(t) and the pc(t) could be controlled independently. Oxidizer injection was
performed by standard (non-swirled) flow. Tested strand ignition was achieved by a primer charge
whose combustion was initiated by a laser beam impinging on it. A scheme of the experimental set-up
is shown in Figure 2, while its peculiarities were discussed elsewhere [63]. In the current study, gaseous
oxygen (GOX) was taken as the oxidizer, and combustion tests were performed with

.
mox of 5 g/s and 6

g/s (the two operating conditions were identified as A and B, respectively), with pc = 1.0 MPa.
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Figure 2. Lab-scale two-dimensional (2D) radial burner scheme.

4.2.2. Time-Resolved Regression Rate

An optical, time-resolved technique for rf measurement was developed and validated at SPLab [16,
53,63]. The time-resolved rf was evaluated by central port diameter sampling during the combustion
(see Figure 3). Regression surface tracking started from the frame when the head-end central port
diameter became visible (after primer charge ignition). Data sampling extended until the end of
the combustion (depending on visualization quality). Diameter sampling was performed with the
maximum possible frequency (5–20 Hz under the investigated conditions, with higher frequencies in
the earlier phases of the burning process). During the combustion, central port diameter was sampled
along different radial directions (depending on combustion uniformity). The local diameters were
averaged to provide Di. This diameter was considered uniform for the whole specimen length. The
Di(ti) was a discrete information in time, which was successively fitted to achieve a continuous D(t),
as shown in Equation (2).

D(t) −D0 = aD · (t− t0)
nD , t ≥ tign > t0 = 0. (2)

   
(a) tign (b) tign + 1 s (c) tign + 2 s 

Figure 3. Typical head-end visualization of a combustion run in the 2D radial burner (F3-GOX, pc = 1.0
MPa): (a) sample ignition, (b,c) central port diameter enlargement in time due to solid fuel regression
(the initial port diameter (D0) is highlighted by the white circle).

In time-resolved techniques, the function describing the diameter evolution in time was valid
starting from tign. The latter parameter was ad hoc defined as the one enabling the maximization of the
data fitting (R2) of the D(t) −D0 based on aD and nD (Equation (2)). In the implemented technique,
the tign values were in agreement with convective ignition time estimated by open literature models,
as discussed in References [53,63]. The ballistic data of a fuel formulation tested under the selected
conditions were determined starting from Equation (2) [63]. The time derivative of the D(t) −D0
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provided the rf(t), while the Gox(t) could be determined from the diameter history once the operating
condition (and, in particular,

.
mox) was defined [63]. The rf(Gox) history in time was approximated by a

power law as follows:
r f (Gox) = arGnr

ox(t), t ≥ tign > t0. (3)

The rf(t) and the D(t) were used to evaluate the mass burning rate.

.
m f (t) = ρ f

[
πD(t)L f

]
r f (t), t ≥ tign > t0. (4)

Time-resolved data could be used to determine the time-averaged ballistics of the investigated
formulation [63]. In particular, the time-averaged values of the r f and of the Gox were evaluated as
follows:

〈r f (t)〉 = 1
t− tign

∫ t

tign

r f (t)dt, tend ≥ t ≥ tign > t0. (5)

〈Gox(t)〉 = 1
t− tign

∫ t

tign

Gox(t)dt, tend ≥ t ≥ tign > t0. (6)

As extensively discussed in References [16,63], Equations (5) and (6) can be used to compare the
overall time-averaged data derived from Equation (2) to thickness over time (TOT) results of a test.
The typical experimental output obtained by this data reduction technique is shown in Figure 4, where
time-resolved instantaneous and time-averaged data for a HTPB-GOX run are reported and compared
with the corresponding TOT-based r f and Gox, which were defined as follows:

〈r f 〉TOT =
1
2

D(tend) −D
(
tign
)

tend − tign
, tend > tign > t0. (7)

〈Gox〉TOT =
4

.
mox

π

[
D(tend)+D(tign)

2

]2 , tend > tign > t0 (8)

Equations (5) and (6) and the TOT data typically show percent differences of less than 5%
(see References [16,63] for details). Under the investigated conditions, the time-averaged and the
instantaneous data featured minor differences at a given oxidizer mass flux (see Figure 4).

For a given experimental condition (D0,
.

mox, and pc), single tests for the same fuel formulation
yielded the definition of ensemble average curves, enabling the relative grading of the different
compositions [16,63]. Ensemble average curves were completed by error bars considering the data
dispersion of the performed combustion tests. Single-test diameter histories resulting from the
application of Equation (2) were fitted together in the ensemble curve of the same kind. The resulting
D(t) −D0 was then used to determine the relevant ballistic parameters. Thus, following the same
logical steps performed on a single test, rf(Gox) and

.
m f (Gox) could be evaluated. The uncertainties on

the ensemble average curve were evaluated by considering confidence intervals with 95% accuracy. A
minimum of three tests were considered for error bar definition.
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(a) (b) 

 
(c) 

Figure 4. Time-resolved regression rate determination (HTPB-GOX, pc = 1.0 MPa,
.

mox = 6 g/s): (a)
sampled diameter interpolation in time (Equation (1)), (b) instantaneous r f (Gox) with its power law
approximation (Equation (3)), time-averaged history (Equations (5) and (6)), and thickness over time
(TOT) data, (c) ensemble average data with error bars.

4.2.3. Lab-Scale Micro-Slab Motor

Combustion surface visualizations were performed in a windowed micro-slab burner [17,84].
The implemented set-up featured the same general layout as the radial burner shown in Figure 2.
Burning fuel strand images were captured by side-window. Recorded images showed the solid fuel
slab and the flame zone. A typical combustion frame is shown in Figure 5. The burning strands had a
length of 15 mm and a square cross section of 3 × 3 mm. The ignition of the samples was achieved
by a non-aluminized propellant primer charge (in turn ignited by a hot wire). The facility enabled
the exploration of different pc by changing the throat area of the implemented nozzle. The burning
surface visualization runs were intended to provide qualitative insight into the phenomena involved
in the combustion of metallized fuel formulations, while no detailed quantitative information could
be captured by these tests. The visualizations were performed in GOX, with pc = 0.4 MPa, and 145
kg/(m2·s) ≤ Gox ≤ 160 kg/(m2·s). The frame rate of the captured videos was in the range 5000–10,000
frames per second (fps), depending on the investigated fuel rf and observable phenomena.
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Figure 5. Combustion visualization with slab configuration (F1-GOX, pc = 0.4 MPa). The oxidizer flows
from right to left. Note the diffusion flame over the solid fuel grain.

5. Experimental Results and Discussion

5.1. Additives Pre-Burning Characterization

The PSD, SSA, and CAl data for the tested additives are reported in Table 4. Selected SEM and
TED images of the additives are shown in Figure 6. Slow heating rate reactivity parameters from the
TG tests are reported in the Table 5. In this work, the implemented LE and HE activation procedures
aimed at reducing the diffusion distance between the PTFE and the Al. When considering metal-loaded
fuel formulations for hybrid rocket applications, the pursued effects of additives are increased rf
and

.
m f . The achievement of enhanced ballistic performance requires materials with fast reactivity,

while additive metal content exerts limited effects on performance (particularly when O2 is used as
oxidizer) [25].

Table 4. Particle size distribution (PSD), specific surface area (SSA), and CAl data for the tested additives,
AP, and PTFE.

Powder ID D43, μm D(0.1), μm D(0.5), μm D(0.9), μm SSA, m2/g CAl, wt.%

μAl15 19.8 10.0 17.9 32.3 <0.1 99.5 ± 0.4
μAl7.5 6.6 2.99 6.08 11.0 <0.1 95.3 ± 0.2

ALEX-100 0.138 0.105 0.135 0.176 11.8 ± 0.4 89.0 ± 5.0
ALEX-50 - - - - 15.5 ± 0.1 86.3 ± 4.1

ALEX-100B 0.141 0.104 0.138 0.182 11.3 ± 0.1 88.0 ± 1.5
L-ALEX-100 - - - - 9.1 ± 0.3 70.3 ± 4.3 a

VF-ALEX-100F - - - - 6.9 ± 0.2 78.3 ± 4.4
VF-ALEX-50E - - - - 10.9 ± 0.3 78.4 ± 4.4
AP15-ALEX-100B 6.73 0.42 1.66 16.0 - 76.0 ± 1.3

LE-μAl15 123 15.9 90.8 284 <1.0 98.2 ± 0.1
LE-μAl15-T10 28.4 12.0 25.1 49.5 <1.0 90.5 ± 0.1
LE-μAl15-T30 31.2 5.46 21.7 59.4 <1.0 68.6 ± 0.6
LE-μAl7.5-T30 13.5 2.67 8.13 29.2 <1.0 65.8 ± 0.4
HE-μAl15-T45 52.2 4.05 22.6 141 1.5 ± 0.1 53.7 ± 1.2
HE-ALEX-50-T45 85.2 3.41 41.7 237 5.9 ± 0.1 47.3 ± 1.7

AP 10.2 0.68 5.74 26.4 - -
PTFE 7.24 0.36 0.88 8.28 - -

a Active metal content underestimation due to side-effects in the Al + H2O reaction [40].
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(a) (b) 

  
(c) (d) 

  
(e) (f) 

  
(g) (h) 

Figure 6. Electron microscopy images of the investigated powders: (a) SEM of μAl15, (b) SEM of
ALEX-100, (c) transmission energy dispersion (TED) of VF-ALEX-100F, (d) SEM of LE-μAl15, (e) SEM of
LE-μAl15-T10, (f) SEM of LE-μAl15-T30, (g) SEM of HE-μAl15-T45, and (h) SEM of HE-ALEX-50-T45.

The μAl15 featured spherical/spheroid particles, with (apparent) smooth texture (see Figure 6a).
The PSD data reported in Table 4 show a monomodal distribution of the measured diameters. The
powder showed a limited reactivity under slow heating rates (α (933 K) = 1.1%, α (1273 K) = 8%) due
to the low SSA. The μAl7.5 featured a small volumetric fraction of sub-micrometric particles (~2%), as
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testified by the low D(0.1) reported in Table 4. The TG reactivity of the powder was similar to the one
of the coarser counterpart (see Table 5). In spite of the SSA difference (see Table 4), ALEX-100 and
ALEX-50 exhibited similar Ton,1. ALEX-50 showed the highest α (933 K) and α (1273 K) in the dataset.
The pyrocatechol-coated powder showed no marked SSA and reactivity differences with respect to
the ALEX-100 (see Tables 4 and 5). This was due to the reduced coating mass fraction (0.2 wt.%),
limiting coating-related effects such as particle clustering. Other coated powders featured higher SSA
reduction (i.e., particle size increase) due to coating gluing of originally separated particles and because
of cluster coverage by coating deposition. The AP15-ALEX-100B showed micron-sized particles that
were clusters of the original ALEX-100B glued and (at least partially) covered by AP. Fluoropolymer
coating reduced the reactivity of the powders at slow heating rates, yielding increased Ton,1 and
lowered α (1273 K). This was probably induced by carbonaceous residuals from coating degradation
that partially shielded the particles from oxidation. The effect was lowered for VF-ALEX-50E, which
was prepared from a powder featuring higher reactivity than the 100-nm counterpart. In spite of the
composition differences between the hydrocarbon coating and the AP composite, AP15-ALEX-100B
and the L-ALEX-100 showed nearly the same reactivity as the original powders, due to the degradation
behavior of their surface layers featuring vaporization/sublimation for temperatures <670 K.

Table 5. Powder reactivity: slow heating rate thermogravimetric (TG) data (air, 10 K/min, 0.1 MPa).

Powder ID Δm0, wt.% Ton,1, K α (933 K), % Ton,2, K α (1273 K), %

μAl15 −0.1 845 1.1 1173 8.0
μAl7.5 −0.2 843 2.2 1203 13.7

ALEX-100 −1.0 850 40.4 983.2 83.3
ALEX-50 −1.0 850 52.1 1000 90.9

ALEX-100B −1.3 - 36.3 - 79.3 a

L-ALEX-100 −3.1 858 45.1 b 985.0 103.5 b

VF-ALEX-100F −5.8 888 33.9 1088 76.8
VF-ALEX-50E −5.1 883 39.4 1091 88.5

AP15-ALEX-100B −12.3 858 39.8 993.0 84.0
LE-μAl15 −0.1 831 3.9 1198 14.5

LE-μAl15-T10 −7.1 899 2.5 1216 18.1
LE-μAl15-T30 −24.1 902 0.8 1175 9.8
LE-μAl7.5-T30 −26.7 902 1.7 1174 41.0
HE-μAl15-T45 −36.5 1148 0.0 - 27.4
HE-ALEX-50-T45 −34.2 893 43.0 988 61.0 a

a Limiting temperature of 1223 K. b Active metal content underestimation due to side-effects in the Al + H2O
reaction [40].

The non-isothermal oxidation of LE-μAl15 showed an anticipated Ton,1 and higher α (933 K)
and α (1273 K) than the original micron-sized powder. Activated powders derived from μAl15
showed irregular shape and texture (Figure 6e,f). PTFE friction and wearing properties were the likely
explanation for the size reduction of these powders with respect to LE-μAl15 (see Table 4) [88]. The
PTFE-based composites showed CAl decrease with respect to μAl15. The metal content reduction
was 9% ± 1% for LE-μAl15-T10 and 31% ± 1% for LE-μAl15-T30 and LE-μAl7.5-T30. The Δm0 data
of Table 5 show a general agreement with these values, thus confirming the quality of the produced
powders. All the LE-activated powders featured SSA <1 m2/g. The SEM images of LE-μAl15 showed
flake particles with limited surface roughness, and the presence of some spheroid particles due to
the low-energy process (Figure 6d). The laser diffraction measurement showed an increase in the
particle size (see Table 4). The PSD data were evaluated considering spherical and smooth-texture
particles (Malvern Mastersizer 2000 data reduction algorithm); thus, considering the flake morphology
of mechanically activated particles (Figure 6d–h) achieved results should be considered for the relative
grading of milled particles only. LE-μAl15 showed a reduced CAl with respect to μAl15 due to the
crack-healing of the alumina shell during the activation process. The activation volume was filled with
air; thus, the Al2O3 shell ruptures induced by the mechanical stresses yielded Al core exposure and
oxidation with consequent CAl reduction. The oxidation onset of the LE PTFE-containing composites
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occurred at higher temperatures with respect to μAl15 and LE-Al15. Under the investigated conditions,
LE-μAl7.5-T30 was the LE-activated composite featuring the highest α (T). This result was probably due
to the reduced particle size of the initial powder, in turn yielding a final product with reduced D43 and
D0.5 with respect to other μAl15-based composites. Both HE-activated composites featured increased
SSA with respect to the LE-activated powders, as shown in Table 4. HE-μAl15-T45 showed particles
with rough texture and irregular shape (see Figure 6g). The HE-ALEX-50-T45 SSA reduction with
respect to the original ALEX was due to the creation of nAl + PTFE granules with a complex structure
but increased size (see Figure 6h). Data for Al→ Al2O3 conversion of the two powders showed α (1273
K) = 27.5% for the μAl15-based composite, and α (1223 K) = 61.0% for HE-ALEX-50-T45.

5.2. Burning Behavior

5.2.1. Time-Resolved Regression Rate

Relative ballistic grading results are reported in Figures 7 and 8 and Table 6. All the ballistic
data were defined by ensemble average curves summarizing, at least four tests per formulation. All
the fuels but F3, F8–F10, and F15–F19 were tested with

.
mox. = 5 g/s; thus, their performance was

evaluated taking F1A as baseline. For the tests with
.

mox= 6 g/s, F1B was considered as the reference
for the relative grading. Data reported in Table 6 feature relatively low R2 due to the typical trend
captured by time-resolved approaches, as originally reported by Evans et al. [18] (see Figure 4b,c).
The time-averaged data of Figure 8 were evaluated using Equations (5) and (6) at 〈Gox〉 = (250 ± 15)
kg/(m2·s). The latter value was selected since it was common to all the tested formulations.

 

(a) 

 
(b) 

Figure 7. Relative ballistic grading of the tested fuel formulations (GOX, pc = 1.0 MPa, time-resolved
instantaneous data): (a) rf and (b)

.
m f differences with respect to the baseline.
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Figure 8. Relative ballistic grading of the tested formulations (GOX, pc = 1.0 MPa, time-averaged data)
for 〈Gox〉 = (250 ± 15) kg/(m2·s): 〈r f 〉 and 〈 .

m f 〉 differences with respect to the baseline.

Table 6. Power law approximation of time-resolved rf(Gox) (Equation (3)) for the investigated
formulations (F1A and F1B were used as baselines for the relative grading with

.
mox of 5 g/s and 6 g/s

respectively).

Solid Fuel rf(Gox) Power Law Approximation (Equation (3))

ID ar nr R2

F1A 0.018 ± 0.001 0.680 ± 0.003 0.88
F1B 0.026 ± 0.000 0.652 ± 0.002 0.96
F2 0.059 ± 0.001 0.477 ± 0.001 0.95
F3 0.064 ± 0.001 0.494 ± 0.001 0.90
F4 0.005 ± 0.001 0.959 ± 0.022 0.85
F5 0.007 ± 0.001 0.905 ± 0.012 0.96
F6 0.052 ± 0.003 0.535 ± 0.010 0.91
F7 0.041 ± 0.003 0.595 ± 0.014 0.85
F8 0.017 ± 0.000 0.630 ± 0.002 0.95
F9 0.016 ± 0.000 0.643 ± 0.002 0.92
F10 0.019 ± 0.000 0.747 ± 0.002 0.91
F11 0.006 ± 0.000 0.902 ± 0.003 0.93
F12 0.006 ± 0.000 0.908 ± 0.002 0.95
F13 0.006 ± 0.000 0.897 ± 0.002 0.95
F14 0.006 ± 0.000 0.954 ± 0.002 0.96
F15 0.065 ± 0.000 0.491 ± 0.001 0.94
F16 0.011 ± 0.000 0.869 ± 0.002 0.94
F17 0.012 ± 0.002 0.815 ± 0.003 0.88
F18 0.021 ± 0.002 0.769 ± 0.002 0.95
F19 1.969 ± 0.002 0.053 ± 0.000 0.88

In spite of the (minor) differences in the operating conditions, solid fuel formulations loaded with
μAl (F2 and F3) featured similar ballistic responses (see Figures 7 and 8). The rf(Gox) of F3 is shown in
Figure 9a. Fuels loaded with μAl exhibited no significant performance enhancement over the baseline
for Gox > 200 kg/(m2·s). This reflected the relatively low TG reactivity of these additives (see Table 5),
yielding limited heat transfer enhancement for high oxidizer mass fluxes (long burning/reaction time).
Faint rf and

.
m f increases were achieved for Gox = 155 kg/(m2·s), thanks to the radiation heat transfer

that mitigated the effects of convective heat transfer decrease (as testified by the nr ~0.5 in Table 6).
The F4 showed marked rf and

.
m f increases over the baseline for relatively high Gox (see Figure 7).

This performance was quickly lost as the convection decreased, as testified by the rf(Gox) power law
approximation reported in Table 6, and by the low Gox data of Figure 7. The time-averaged data of
Figure 8 captured this effect, as testified by 〈r f 〉 = 26% ± 10%, in turn yielding 〈 .

m f 〉 = 36% ± 14%. In the
high-Gox region, the augmented flame temperature obtained thanks to ALEX-100 combustion increased
the convective heat transfer, and the emitting particles enhanced the radiation contribution. Figure 10
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shows images captured during F4 combustion. In the earlier phases of the combustion, small and
bright slivers detached from the regressing surface and from the strand head-end (Figure 10a,b). As the
burning proceeded (Figure 10c,d), the formation of a surface crust layer was observed at the head-end
(but likely also on the regressing surface). The creation of this surface layer was not observed in
μAl-loaded fuels (see Figure 3). A more detailed discussion of this phenomenon is given in Section 5.2,
where Al aggregation/agglomeration phenomena are discussed.

Figure 9. Time-resolved rf(Gox) in GOX with pc = 1.0 MPa: (a) F3 and (b) F18.

  
(a) Gox = 265 ± 16 kg/(m2 s) (b) Gox = 230 ± 14 kg/(m2 s) 

  
(c) Gox = 165 ± 10 kg/(m2 s) (d) Gox = 125 ± 8 kg/(m2 s) 

Figure 10. Head-end visualization of F4 burning in GOX at pc = 1.0 MPa: (a,b) bright slivers detached
from the regressing surface and from the visible strand end, (c,d) a surface crust layer is formed. Note
that no fuel fragments and condensed combustion products are released from the sample toward the
end of the combustion.

Interestingly, the nAl-loaded formulation manufactured without additive dispersion techniques
(F8) showed no performance enhancement over the corresponding baseline probably due to the metal
particle clustering inhibiting Al combustion (see Figures 7 and 8). The F5 showed rf performance
and Gox sensitivity similar to F4, as testified by the data reported in Figure 7 (note the relatively
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high error bars for Gox = 325 kg/(m2·s)) and Table 6. The stearic acid coating exerted no marked
influence on the powder characteristics (Table 4) and reactivity (Table 5); this surface treatment was
implemented mainly for storage purposes. The solid fuel formulations F6 and F7 exhibited a limited rf
dependence on Gox (see Table 6), while providing interesting instantaneous and time-averaged

.
m f .

In particular, these formulations featured a nearly uniform
.

m f enhancement over the baseline for
the whole investigated Gox range. This suggests that, at high heating rates, the metal reaction with
fluoropolymer decomposition products may enhance the metal combustion performance close to/at
the regressing surface in both high- and low-Gox regimes. Such an effect was not observed at slow
heating rate (see Table 5). Data reported in Figure 7 showed that, for Gox = 155 kg/(m2·s), the average
.

m f increase over the baseline of F6 and F7 were 53% ± 14% and 62% ± 14%, respectively, with marked
differences with respect to the ALEX-loaded fuel.

The ballistic responses of fuel formulations loaded with VF-ALEX showed similarities with the
burning behavior of F10. The AP-ALEX-100B-loaded formulation featured an average

.
m f increase

over the baseline of ~37% over the whole investigated Gox range (see Figure 7). The AP content in
the solid fuel was ~2 wt.%; however, locating it in the composite powder enabled a maximization
of the oxidizer impact formulation ballistic response. This was testified by the fact that F9 (same
nominal composition of F10, but with AP and nAl that were added separately) showed no significant
performance enhancement over the baseline (see Figures 7 and 8). The performance difference between
F10 and the VF-ALEX-100-loaded fuel was partially due to the higher SSA and reduced particle size of
the latter, promoting the additive reactivity at fast heating rates and compensating for the higher flame
temperature of Al + AP (see Table 2).

Data for F11 burning with Gox = 325 kg/(m2·s) showed that the
.

m f enhancement of μAl15 was
improved by the LE mechanical activation (see Figures 7 and 8). Similarly to F4, F11 showed reduced
rf and

.
m f performance as Gox decreased. The TG analyses suggested a slightly improved reactivity of

LE-μAl15 with respect to the starting μAl (see α (933 K) and α (1273 K) in Table 5), although the SSA of
the powders featured no significant differences. The morphology of LE-μAl15 was the likely reason
for the augmented reactivity of the powder at the high heating rates encountered in the combustion
process. In addition to this, the irregular shape of particles of LE-μAl15 may augment the gasifying
surface roughness when protruding from the regressing fuel grain. As an effect, the increased surface
roughness may have played a minor role in the rf enhancement of F11.

The ballistic effects of the fuels loaded with Al + PTFE composites obtained from LE mechanical
activation showed no differences for Gox = 155 kg/(m2·s). On the other hand, for Gox = 325 kg/(m2·s), the
ballistic response of F14 exhibited a rf increase over the baseline of 44% ± 13%. This corresponded to
an

.
m f enhancement of 59% ± 15%. In Figure 7, the uncertainty interval of F14 data at high Gox partially

overlapped those of F12 and F13. In spite of this, it should be noted that the average rf and
.

m f increases
over the baseline of the fuels loaded with PTFE–μAl composites from LE activation showed higher
values as the fluoropolymer content was risen and the particle size of the starting Al was reduced (see
Tables 4 and 5 and Figure 7). Under the investigated conditions, the presence of a particle fraction of
sub-micrometric size probably played a key role in the effectiveness of the activation process of μAl7.5,
compensating for the lubricant effect of the PTFE.

The use of an HE process enabled the production of Al + PTFE composites by more intense
activation stresses. These, in turn, permitted higher fluoropolymer mass fractions in the composites
than the LE procedure. Under the investigated conditions, the solid fuels loaded with additives
produced by HE mechanical activation featured the highest

.
m f performance enhancements (see

Figures 7 and 8). F15 showed no significant
.

m f enhancement over the baseline, since the exploitation
of PTFE as the oxidizer required the presence of additional metal ingredients (acting as fluorine
scavengers [10,24,87]). Formulations in which the Al–PTFE reaction was exploited showed enhanced
ballistic performance over non-loaded HTPB in terms of both rf and

.
m f . For F17, rf enhancements were

mainly observed for Gox < 250 kg/(m2·s), due to a relatively low impact of the Al + PTFE reaction on
the metal combustion under intense convection. This was possibly related to the slow heating rate
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behavior of HE-μAl15-T45 (see Table 5). This powder showed a relatively low α (1273 K), and a higher
Ton,1 with respect to LE-μAl7.5-T30 and nano-sized additives featuring strong rf increases at high Gox.
The F16 and F18 formulations featured the same composition, although the former was loaded with
mixed ALEX-50 + PTFE (separated and not mechanically activated powders), while the second was
loaded with HE-ALEX-50-T45. The ballistic response of F18 was similar to that of F16, as reported in
Figure 7. Both formulations featured strong data dispersion in the early phases of the combustion, with
ensemble uncertainty intervals close to those of the baseline formulation. For this reason, in Figure 7,
the data for rf and

.
m f increases of F18 at 325 ± 20 kg/(m2·s) are presented without error bars. As

combustion proceeded, data scattering was reduced, and F18 showed percentage rf enhancements over
the baseline of 54% ± 13% at 155 ± 10 kg/(m2·s). Under these operating conditions, the uncertainties in
the performance enhancement were as for the other formulations, showing interesting performance
with an

.
m f increase over the baseline of 141% ± 20% (see Figure 7). F16 and F18 showed similar ballistic

responses. This was partially due to the high PTFE and nAl loads providing good fluoropolymer and
metal dispersion (fuel slurry was treated by ultrasound irradiation, thus mitigating metal particle
clustering). Thus, the relative grading was performed in conditions favoring F16. In addition to this,
three points should be highlighted to understand the advantages offered by F18: (i) the implemented
HE activation procedure parameters used in this study aimed at a simple diffusion distance reduction
between Al and PTFE, without pursuing further reactivity increases, (ii) the preparation of this fuel
formulation proceeded in a simpler way than that of F16 since the micron-sized HE-ALEX-50-T45
was added to the formulation as a single ingredient that did not require ultrasound irradiation for
effective dispersion and reduced the fuel formulation viscosity (see PSD and SSA data in Table 4),
and (iii) the use of a micron-sized composite based on nAl reduced the risks of particle suspension
in air due to the use of a nano-sized ingredient. In spite of the high metal load, neither F16 nor F18
showed evidence of regressing surface phenomena inhibiting the nAl combustion. F19 showed a
ballistic response that was not dependent on Gox, while, for the other PTFE-loaded formulations, the
rf(Gox) power law approximations yielded nr ~0.8 (see Table 6). Thanks to this, the

.
m f enhancement

over the baseline of F19 exceeded 600% for Gox = 155 kg/(m2·s). These interesting results show the
possibilities offered by fuel-rich composite additives, although the optimization of their performance
requires future investigations to evaluate the impact of the high Al + PTFE mass fraction on the nature
of the formulation combustion behavior and, in particular, on its PDL.

5.2.2. Combustion Surface Visualization

Combustion surface visualizations were performed on selected fuel formulations (F1, F3, F4, F8,
F17, F18, and F19). The F1 was tested to provide details on the non-metallized baseline behavior, while
the surface behavior of F3 provided insight into the solid fuel surface phenomena in the presence
of the standard μAl. A comparative analysis of F4 and F8 enabled a comparison of the burning
behavior of nAl-loaded fuels with and without sonication for additive dispersion. The PTFE-containing
formulations F17, F18, and F19 were tested to evaluate the surface phenomena characterizing the fuels
featuring the highest metal powder load and ballistic performance.

Figure 5 shows a representative frame for the combustion of F1. The burning proceeded uniformly
along the visible sample length. High-speed visualization of the HTPB binder burning with 100
kg/(m2·s) ≤ Gox ≤ 400 kg/(m2·s) revealed the detachment of small fragments from the fuel grain [63].
This phenomenon was not observed under the investigated conditions. The image sequences reported
in Figure 11 and in Figure 12 show the combustion of F3 and F4, respectively. The fuel loaded by the
micron-sized additive featured a combustion surface similar to that of F1, but with the detachment of
small elements of intense brightness (see Figure 11). These were Al particles or agglomerates released
by the burning surface. The composition of these elements included Al, Al2O3, and (probably) binder
decomposition products. The image sequence of Figure 11e–g shows the protrusion from the regressing
surface of an apparently non-ignited spherical aggregate (apparent size of ~200 μm). The latter was
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then inflamed during its flow in the boundary layer, as testified by the growth of its brightness and by
the appearance of a diffusion trail.

  
(a) tign + 497.8 ms (b) tign + 499.4 ms 

  
(c) tign + 500.3 ms (d) tign + 500.8 ms 

  
(e) tign + 606.9 ms (f) tign + 608.9 ms 

 
(g) tign + 609.7 ms 

Figure 11. Combustion visualization of F2 fuel (Gox, pc = 0.4 MPa, oxidizer flow from right to left):
(a–d) overall view with details of metal particles blown from the surface; (e–g) details of agglomerate
combustion after release from the solid fuel grain.
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Under the investigated conditions, the velocity of the gaseous mass blown from the regressing
surface was relatively slow (approximately one order of magnitude lower than in solid propellant
formulations), while the surface layer exerted relatively intense retention forces due to the viscosity
of the pyrolyzing fuel. As a consequence, μAl-7.5 showed a faint activity at the gasifying surface
(where temperature should be in the range of the Al melting point). On the one hand, this low activity
limited the particle aggregation at the regressing surface and, in particular, the creation of a crust layer
hampering the combustion. On the other hand, the metal powder characteristics hindered the additive
enthalpy release close to the regressing surface once the particle was captured by the oxidizer stream.
The condensed products leaving the regressing surface featured an apparent particle size of 100–200
μm (this observed size is not statistically relevant, and it should be taken as a rough estimation). Such
a particle size range suggested relatively long burning times with energy release occurring far from the
fuel grain (see Figure 11a and, for a convenient comparison with the burning tests, Figure 3). F4 showed
a different burning behavior with respect to both F1 and F3. In the early phases of the combustion,
the gasifying surface of HTPB + ALEX-100 showed the insurgence of a marked nAl aggregation (see
Figure 12a–d, with the white arrow in Figure 12a highlighting the point the surface layer formation
started at). This phenomenon probably began in the sub-surface layer of the pyrolyzing fuel. The
insurgence of this surface layer was the likely cause of the fast decrease of the rf and

.
m f performance

observed in the F4 combustion tests (see Figure 7, Figure 8, and Figure 12). Under the investigated
conditions, the time-resolved rf of F8 showed no significant performance enhancement with respect to
the baseline. Observing the image sequence reported in Figure 12i–l, a reduction in the aggregation
phenomena characterizing F4 was noted for this fuel. The similarities between the high-speed surface
visualization of F3 and F8 captured the effect of the reduction of nAl reactivity due to clustering, with a
limited rf effect caused by the relatively large size of the Al agglomerates detaching from the surface
(see Figure 12j).

Under the tested Gox conditions, these aggregates were not detached from the fuel grain and
gradually covered the entire gasifying surface of the port. As a result, the vaporization surface was
shielded from the flame by a layer of unreacted (or partially oxidized) metal. This condition is shown
in Figure 12d. Under these circumstances, the heat feedback to the solid fuel grain was reduced by the
missed/incomplete metal oxidation.

The highly loaded fuel compositions with Al and PTFE featured a regressing surface with a
glowing appearance (see Figure 13). This was a possible effect of the reaction between Al and the
fluoropolymer. Independently from the micro- or nano-metric size of the Al particles embedded in
the formulation, F17, F18, and F19 featured a surface layer that was apparently weaker than that
formed in F4. This surface layer was also easily exfoliated by the oxidizer flow in the (relatively low)
Gox conditions tested in the high-speed visualizations. The weakness of the surface layer limited (or
avoided) the inhibition of heat feedback to the solid fuel grain encountered with F4. As a result, metal
combustion occurred in more favorable conditions and, therefore, rf enhancement was achieved.
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5.2.3. Concluding Remarks

The screening of different fuel formulations was performed starting from the pre-burning
characterization of a variety of Al-based energetic fillers. Composite additives were investigated
together with air-passivated μAl and nAl. Effects of ingredients as AP and fluoropolymers on the
metal ignition and combustion in the oxidizer-lean conditions encountered at/close to the regressing
surface of burning fuel formulations were investigated.

Under the investigated conditions, F4 showed an rf enhancement over the non-metallized baseline
of 59%± 10% at 350 kg/(m2·s) and a marked rf(Gox) sensitivity. The ballistic performance of the nAl-load
formulation worsened as the oxidizer mass flux decreased. The rf increase over the baseline reduced to
45% ± 10% at 325 kg/(m2·s) and were absent at 155 kg/(m2·s). The resulting 〈 .

m f 〉 at 〈Gox〉 = 250 ± 15
kg/(m2·s) was 36% ± 14%, and the power law approximation of rf(Gox) yielded nr = 0.959 ± 0.022. The
latter value highlighted other effects on the combustion evolution than the convective heat transfer
decrease. High-speed visualizations of the burning surface suggested that F4 burning performance
loss was mainly caused by metal aggregation occurring at the regressing surface/subsurface. This
phenomenon yielded the formation of a shield of unreacted/partially oxidized Al that limited the
heat feedback toward the surface. Combustion tests results and surface visualizations supported the
idea that high Gox promoted Al particle/aggregate removal from the surface (and their combustion),
as shown by Figures 10 and 12. On the other hand, under 145 kg/(m2·s) ≤ Gox ≤ 160 kg/(m2·s), the
aggregates resided on the fuel surface, creating a crust of accumulated material. This was a likely effect
of subsurface aggregation creating a relatively strong web with good cohesion (see Figures 10 and 12).
Such behavior was not observed for fuels loaded withμAl (F2–F3) and for F8 (that was prepared without
nAl dispersion procedures). These fuels exhibited no significant rf and

.
m f enhancements over the

baseline at high Gox, while at 155 kg/(m2·s), μAl-loaded fuels showed increased performance over both
F4 and F8. For F2–F3, F4, and F8, relatively large aggregates were observed to detach from the surface.
The use of AP- and fluoropolymer-containing composites based on Al contrasted the rf detriment
observed for ALEX-100, thanks to the metal reaction with the oxidizer/coating decomposition products.
In spite of an increased additive (and metal) mass fraction with respect to the other investigated fuels,
combustion surface visualizations of F18 showed the build-up of a surface metal layer of reduced
cohesion. This was the likely effect of the partial reaction between the metal and the PTFE. The resulting
surface layer was easily exfoliated by the oxidizer flow, and faster rf was, therefore, achieved by a
combination of convective and radiation effects (see Figures 7 and 8).

6. Conclusions and Future Developments

This work focused on the lab-scale investigation of the combustion behaviors of solid
fuel formulations based on hydroxyl-terminated polybutadiene loaded with Al-based energetic
additives. Tested metal-based fillers spanned from micron- to nano-sized powders and included
oxidizer-containing fuel-rich composites. The latter were obtained by chemical and mechanical
processes applied to the starting Al powders. The aim of these processes was the reduction of the
diffusion distance between the metal and the oxidizing species source, and/or the modification of
the particle characteristics (i.e., morphology, size). The chemical and mechanical processes pursued
easier Al ignition and combustion in the oxidizer-lean conditions characterizing the region between
the diffusion flame and the regressing surface of the burning grains. The combustion behaviors of the
tested formulations were analyzed considering the solid fuel regression rate and the mass burning rate
as the main parameters of interest. A non-metallized formulation was taken as baseline for the relative
grading of the tested fuels. Instantaneous and time-average regression rate (rf) and mass burning rate
(

.
m f ) data were determined using an optical time-resolved technique. The ballistic responses of the

fuels were analyzed together with high-speed visualizations of the regressing surface.
The ballistic responses of fuel formulations loaded with uncoated air-passivated nano-sized Al

(nominal size 100 nm, ALEX-100) showed a strong dependence on the fuel manufacturing procedure.
The dispersion of nano-sized Al down to the nanoscale requires special manufacturing procedures to
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mitigate the clustering of particles. In the study, a fuel formulation prepared by ultrasound irradiation
was contrasted with a similar composition prepared without any effort toward a clustering reduction.
For oxygen mass fluxes >250 kg/(m2·s), the fuels loaded with ALEX-100 and prepared by nanopowder
dispersion procedures showed increased rf and

.
m f with respect to formulations where the same

additive was included without special treatments. The polymeric fuel loaded with ALEX-100 and
prepared by additive dispersion techniques exhibited instantaneous mass burning rate enhancement
over the baseline of 55%± 11% for an oxidizer mass flux of 325± 20 kg/(m2·s). This ballistic performance
was lost as the oxidizer mass flux decreased, and, at 155 ± 10 kg/(m2·s), no significant

.
m f increase over

the baseline was identified. Under the same operating conditions, a formulation prepared without
special procedures for ALEX-100 dispersion yielded a

.
m f increase over the baseline of 15% ± 13% at

325 ± 20 kg/(m2·s), and this performance remained nearly unchanged over the whole investigated
oxidizer mass flux range.

Combustion surface visualizations performed on ALEX-100-loaded solid fuel slabs burning at
oxygen mass fluxes in the range of 145 to 160 kg/(m2·s) suggested that the observed ballistic responses
were due to different metal aggregation/agglomeration phenomena (in turn induced by the different
manufacturing procedures). In fuel formulations prepared by special manufacturing procedures for
ALEX-100 dispersion, for oxygen mass flux <160 kg/(m2·s), intense aggregation of the metal particles
was noted at the burning surface. This phenomenon caused the formation of a crust of sintered and
(possibly) partially oxidized metal, inhibiting the combustion process and canceling the performance
enhancement over the baseline of the ALEX-100-loaded fuel. Such phenomena were probably limited
at relatively high oxygen mass fluxes, thanks to the more intense convection that yielded more effective
combustion conditions for ALEX-100. No marked aggregation/agglomeration surface phenomena
were observed during the combustion of the ALEX-100-loaded fuel prepared without procedures
for additive dispersion. In this latter formulation, clusters of metal particles were ejected from the
regressing surface and burned relatively far from it, with a combustion mechanism similar to that
observed in fuels loaded with micron-sized Al. This was a consequence of the combustion of relatively
large clusters of particles featuring a reduced specific surface area compared to the smaller clusters
or single nanoparticles (and, therefore, a lower reactivity). With heat release occurring far from the
regressing surface, and a likely incomplete combustion of the clusters, the fuel loaded with ALEX-100
and prepared without additive dispersion procedures yielded a lower performance enhancement at
high oxygen fluxes, and a limited

.
m f with reduced oxygen mass fluxes.

Composite Al-rich additives limited the negative effects of ALEX-100 aggregation/agglomeration
on combustion, while providing increased regression rate and mass burning rate performance over the
baseline. The fuel loaded with air-passivated nano-sized Al coated with a copolymer of vinylidene
fluoride and hexafluoropropylene showed a mass burning rate enhancement over the baseline of 45%
± 14% at 155 kg/(m2·s), with a limited sensitivity of this result with regard to the oxidizer mass flux
changes. A similar ballistic response was achieved by a composite featuring nano-sized Al as fuel,
and ammonium perchlorate (AP) as oxidizer. In this case, in spite of the presence of large clusters
of nano-sized Al and AP, the

.
m f enhancement over the baseline was 39% ± 14% at 325 kg/(m2·s) and

36% ± 13% at 155 kg/(m2·s). In both the latter formulations, the oxidizer content in the final fuel was
<2 wt.%; thus, a crucial role was played by the limited diffusion distance between the metal and the
oxidizing species source. The ballistic responses of the fuels prepared with nAl-based composites
produced by chemical methods suggested an interaction between Al and the oxidizing species in the
additive during the combustion. This interaction promoted the metal ignition and combustion, and
it lessened the effects of the nano-sized aluminum aggregation under the oxidizer-lean conditions
encountered at/close to the regressing surface. This observation was supported by combustion surface
visualizations of solid fuels containing mechanically activated composites with nano-sized Al and
polytetrafluoroethylene (PTFE) as oxidizer. This fuel formulation featured an additive load of 54.4
wt.%, with a composition of the energetic filler that was 55 wt.% air-passivated nAl (nominal size 50
nm) and 45 wt.% PTFE. In spite of a relatively high nano-sized Al mass fraction (30% of the whole
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formulation), the fuel loaded with this additive did not show evidence of the formation of a surface
layer of aggregated metal hindering the combustion process. The nAl reaction with PTFE favored
the metal ignition and combustion at/close to the regressing surface, as in the case of the composites
containing fluoropolymer/AP produced by chemical methods. The fuel formulation loaded with the
mechanically activated nano-sized Al and PTFE exhibited augmented performance with respect to the
baseline, with a mass burning rate increase of 141% ± 20% at 155 kg/(m2·s). Yet, when considering
the data scattering between different combustion tests, the performance of the composite additive
produced by mechanical activation did not differ significantly from that of fuels containing a simple
mix of nano-sized Al and polytetrafluoroethylene. This result was mainly due to two reasons. Firstly, in
this work the mechanical activation procedure for the realization of the nano-sized Al–PTFE composite
was not optimized. Secondly, the relatively high PTFE content in the formulation (24.5 wt.%) favored
its dispersion in the binder matrix and also reduced the distance between fluoropolymer and metal
particles in the case of non-activated, simply mixed ingredients.

The achieved results provide a better understanding of the effects of the use of nAl in solid
fuel formulations, showing the possible detrimental effects due to the metal aggregation observed at
relatively low oxidizer mass fluxes. On the other hand, the ballistic responses of fuel formulations loaded
with nAl-based composite additives testify that the behavior of the nano-sized metal powders can be
tailored to mitigate possible shortcomings due to the oxidizer-lean conditions locally encountered in the
reacting boundary layer. Moreover, the use of composite powders promises simplified manufacturing
procedures for the production of nAl-containing fuels, since chemical and mechanical activation
processes may be designed to provide additives with tailored reactivity and suitable particle size
distribution. All these aspects show the attractive perspectives offered by fuel-rich composite additives.

Future activities for augmented rf and
.

m f of solid fuels on nAl-based composite additives should
focus on (i) combustion efficiency of the fuel formulations loaded with composite additives, (ii)
suitability of the proposed approach to liquefying fuel formulations, (iii) impacts of green oxidizers
on the preparation of the composites, and (iv) determination of the PDL of the fuel formulations, to
evaluate the effects of composite additives on stop/restart and throttling capabilities of solid fuel grains
loaded with these additives.
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Nomenclature

Roman and Greek Symbols
. space-averaged value
〈.〉 time-averaged value
α(T) Al→ Al2O3 conversion factor, %
Δm0 mass change before the first intense oxidation onset temperature, %
Δm(T) mass change at the temperature T, %
μAl micron-sized Al powder
ρAl Al density, kg/m3

ρf fuel density, kg/m3

aD pre-exponential coefficient in diameter change power law fitting, mm/snD

ar pre-exponential coefficient in regression rate power law approximation, mm/s/(kg/(m2·s))nr

as particle size derived from the specific surface area, nm
CAl active Al content, wt.%
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D(0.1) particle diameter below which 10% of the particles lay, μm
D(0.5) particle diameter below which 50% of the particles lay, μm
D(0.9) particle diameter below which 90% of the particles lay, μm
D32 surface-based mean particle diameter, μm
D43 volume-based mean particle diameter, μm
Di i-th sampled port diameter, mm
G total mass flux (G = Gox + Gf), kg/(m2·s)
Gf fuel mass flux, kg/(m2·s)
Gox oxidizer mass flux, kg/(m2·s)
L f fuel grain length, m
.

m f fuel mass burning rate, kg/s
.

mox oxidizer mass flow rate, kg/s (except where otherwise stated)
nAl nano-sized Al powder
nD exponent in diameter change power law fitting
nr exponent in regression rate power law approximation
pc combustion chamber pressure, MPa
R2 data fitting parameter
rf solid fuel regression rate, mm/s (m/s in Equation (4))
T temperature, K
t time, s
tend end time, s
Tfl calculated flame temperature, K
ti time of the i-th diameter sampling, s
tign ignition time, s
Ton,i i-th intense oxidation onset temperature, K
Acronyms
ALEX aluminum exploded (nAl produced by electrical explosion of wires, typically air-passivated)
AP ammonium perchlorate
CB carbon black
CCP condensed combustion product
DTG differential of the thermogravimetry trace
GOX gaseous oxygen
HE high energy (mechanical activation)
HRE hybrid rocket engine
HTPB hydroxyl-terminated polybutadiene
LE low energy (mechanical activation)
MA mechanical activation
PDL pressure deflagration limit, MPa
PTFE polytetrafluoroethylene
SEM scanning electron microscopy
SSA specific surface area, m2/g
SOP small oxide particles
TED transmission energy dispersion
TEM transmission electron microscopy
TOT thickness over time
TG thermogravimetry
TMD theoretical maximum density, kg/m3

VFHFP vinylidene fluoride hexafluoropropylene copolymer
wrt with respect to
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Abstract: A medical grade nitrous oxide (N2O) and gaseous oxygen (GOX) “Nytrox” blend is
investigated as a volumetrically-efficient replacement for GOX in SmallSat-scale hybrid propulsion
systems. Combined with 3-D printed acrylonitrile butadiene styrene (ABS), the propellants represent
a significantly safer, but superior performing, alternative to environmentally-unsustainable spacecraft
propellants like hydrazine. In a manner analogous to the creation of soda-water using dissolved
carbon dioxide, Nytrox is created by bubbling GOX under pressure into N2O until the solution
reaches saturation. Oxygen in the ullage dilutes N2O vapor and increases the required decomposition
energy barrier by several orders of magnitude. Thus, risks associated with inadvertent thermal or
catalytic N2O decomposition are virtually eliminated. Preliminary results of a test-and-evaluation
campaign are reported. A small spacecraft thruster is first tested using gaseous oxygen and 3-D
printed ABS as the baseline propellants. Tests were then repeated using Nytrox as a “drop-in”
replacement for GOX. Parameters compared include ignition reliability, latency, initiation energy,
thrust coefficient, characteristic velocity, specific impulse, combustion efficiency, and fuel regression
rate. Tests demonstrate Nytrox as an effective replacement for GOX, exhibiting a slightly reduced
specific impulse, but with significantly higher volumetric efficiency. Vacuum specific impulse
exceeding 300 s is reported. Future research topics are recommended.

Keywords: hybrid rocket; “green” propellants; nitrous oxide decomposition; energy of activation;
3-D printing

1. Introduction

Over the past decade the Utah State University Propulsion Research Laboratory (USU-PRL) has
developed and refined a novel High-Performance “Green” Hybrid Propulsion (HPGHP) system as
an environmentally sustainable replacement for hydrazine and other highly-toxic propellants. In its
most mature form, the HPGHP system uses gaseous oxygen (GOX) as the oxidizer with 3-D printed
acrylonitrile–butadiene–styrene (ABS) as the fuel. The GOX/ABS propellants are highly mass efficient
system, with a prototype light-weight 25 N thrust chamber achieving a vacuum specific impulse (Isp)
greater than 300 s [1]. Unfortunately, unless stored at very high pressures, GOX has a low specific gravity
and is a volumetrically inefficient propellant. A higher density “green” alternative is highly desirable.

This paper will investigate the potential to use a blend of medical grade Nitrous Oxide (N2O) and
gaseous oxygen (GOX), typically used for anesthesia applications, as a “drop-in” replacement for GOX
in a legacy small spacecraft thruster system. Using Nytrox as the oxidizer in place of GOX allows a
significant increase in overall volumetric efficiency, and with similar hazard levels. As will be described
later in this paper, the “Nytrox” mixture is preferred to pure N2O which exhibits a significant potential
decomposition hazard. Nytrox exhibits more than an order of magnitude increase in the activation
energy for decomposition as compared to pure N2O, allowing a significant increase in storage and
handling safety results. Results of a testing campaign to demonstrate the compatibility of Nytrox with
the current HPGHP thruster technology will be presented.
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2. Background on Green Propellant Options

Two studies performed by the European Space Agency Space Research and Technology Center
(ESTEC) [2,3] have identified: (1) reduced production, operations, and transport costs resulting
from propellant toxicity and explosion hazards and (2) reduced costs due to subsystems and overall
systems interface complexity, as essential components for achieving low cost space access and
operations. The ESTEC study showed also potential for significant cost savings by simplifying
propellant ground handling procedures. Developing a “green” alternative for most commonly used
toxic or potentially-hazardous propellants, especially hydrazine, was highly recommended.

2.1. Ionic Liquid Propellants

In response to ESTEC’s report and other “green” propellant [4] recommendations, the US Air Force
(USAF) and the Swedish Space Corporation Ecological Advanced Propulsion Systems (ECAPS) center
have developed less hazardous alternatives to hydrazine. The two most mature propellants are based
on aqueous solutions of the ionic liquids (ILs) ammonium dinitramide (ADN) [5,6] and hydroxylamine
nitrate (HAN) [7,8]. In August 2011, ECAPS published results from a year-long series of in-space
tests of a 1-N thruster comparing their high performance green propellant, known by the brand
name LMP-103S, to hydrazine on the Prisma spacecraft platform [9]. The report states that LMP-103S
delivered equivalent–to-superior performance to hydrazine, with a vacuum specific impulse of 230 s.
NASA selected the USAF-developed HAN-based propellant, known by the product name AF-M315E,
for its “Green” Propellant Infusion Mission (GPIM) [10]. The GPIM thruster system was successfully
deployed by a Space-X Falcon Heavy Booster on June 25, 2019 [11]. Results from the GPIM spaceflight
test are reported by McLean et al. [12]. In spite of being called “green,” by their manufacturers, IL-based
propellants are generally not environmentally-friendly. Both of the above-mentioned IL-propellants
are toxic to organic tissue, for example AF-M315E contains Hydroxyethyl hydrazine (HEHN) as an
ignition enhancer and burn stabilizer. In in high concentrations IL-based propellants are prone to
energetic uncontrolled decomposition events. Thus, special handling precautions are required for
processing and storage. The major advantage of both propellants is a low-vapor pressure at room
temperature, allowing handling and servicing without the use of Self Contained Atmospheric Protective
Ensemble (SCAPE) suits. Because of these properties, the USAF has recently begun to refer to such
IL-formulations more properly as having “reduced toxicity” instead of being green.

In addition to potential toxicity and objective hazards, there exist several key developmental
issues that make them IL-based propellants unsuitable for some small spacecraft applications. In order
to reduce the decomposition hazard, both the LMP-103S and AFM-315E mono-propellants require a
significant water content to keep the IL-salts in solution with up to 14% for LMP-103S [13], and 16%
for AFM-315E [14]. The high water content makes IL-propellants notoriously hard to ignite. Also,
undecomposed water vapor in the exhaust plume poses a significant contamination hazard, clouding
or obscuring sensitive spacecraft optics or photo-voltaic cells [15].

Multiple catalyst systems have been developed to augment IL ignitability, but due to the high
water content, room temperature ignition does not currently exist for either propellant. During ignition
the catalyst beds must be preheated to greater than 340 ◦C (573 K) for LMP-103S [16] and 370 ◦C (643 K)
for AFM-315E [17]. This preheat requirement places a large power burden on the spacecraft systems.
Catalyst beds and associated heating systems add significantly to the inert mass of the spacecraft and
the high-wattage preheat requirement presents a significant disadvantage for systems where power
budgets are limited. For example, as stated by Pokrupa et al. [18], for the ECAPS 1-N LMP-103S
thruster, “time required for 9.25 W of catbed preheating (to a minimum of 340 ◦C) has been shown in
flight to be roughly 600–720 s.” Thus, at a minimum the startup-cycle for this system requires between
5.6 and 6.7 kJ of energy input. For the Prisma flight demonstration of Reference [9], the pre-heat
time was set to 30 min, requiring 16.7 kJ of total energy input. The high pre-heat temperature also
significantly limits the catbed system burn lifetime.
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Finally, due to the very slow reaction kinetics demonstrated by Hori and Katsumi [19] for HAN,
and Whitmore and Burnside [20] for ADN at the moderate pressures levels required for SmallSat
Thruster systems (1000–2000 kPa), ignition latencies can be significant, up to several seconds, and may
limit the usefulness of IL-propellants for spacecraft maneuvering and control systems. Even under
steady-state operating conditions, when compared to conventional solid, hybrid, or bi-propellant
options, the performances of ionic liquid propellants are generally quite low—with achieved vacuum
Isp values at or less than 230 s. The combination of these detrimental characteristics compared to their
“green” advantages have led some in the industry to question whether ionic liquids as propellants
have been “oversold [21].” Clearly, significant technological issues exist and must be overcome before
the ionic-liquid propellants are used routinely as a hydrazine replacement.

2.2. Hybrid Rockets as a Significantly Safer and More Efficient “Green” Propulsion Alternative

The inherent safety and environmental friendliness of hybrid rocket systems have been known
for several decades [22]. Propulsion systems using hybrid propellants offer the potential to replace
the current generation of toxic or hazardous propellants with an environmentally-sustainable “green”
alternative. Hybrids require only a single flow path, which significantly reduces the overall complexity
when compared to bi-propellant systems. In fact, hybrids present a similar complexity to monopropellant
systems, but with significantly higher performance and efficiency levels. Properly-optimized hybrid
propulsion systems can achieve Isp and characteristic velocity (c*) values comparable to non-cryogenic
bi-propellant systems, and in a highly storable form factor. The primary drawback to the wide-ranging
deployment of hybrid systems is a low Technology Readiness Level (TRL). As the TRL matures, small
hybrid systems have potential to fill an unmet and growing need for advanced propulsion both in-space
and during launch stages for the emerging SmallSat market. Although requiring a small increase
in overall dry mass compared to conventional solid-propellant systems, capabilities for on-demand
throttle, shut-down, and relight, offset this mass-disadvantage. Such a “smart-stage” can potentially
provide ΔV for orbit access, on-orbit maneuvering, and station keeping. Such a system could also
provide extensive capabilities for endo-atmospheric maneuvering for a variety of defense applications.

2.3. Hybrid Rocket Low-Power Arc-Ignition System

Hybrid rockets are “safe” due to the relative stability of both the oxidizer and fuel components.
This stability comes at a price, as traditionally hybrid rocket systems require a significant energy input
for reliable ignition. For the vast majority of hybrid rocket-systems developed to date, pyrotechnic or
“squib” charges are used to ignite a secondary solid-propellant motor whose high-enthalpy output
provides sufficient heat to overcome the activation energy of the propellants. While effective, this
pyrotechnic approach allows only a single-shot ignition, with no inherent restart capability. Thus, until
very recently, the lack of a reliable, low-energy multiple-use ignition method has discouraged the use
of hybrid rockets for in-space propulsion. This technology gap has limited the full potential for hybrid
systems as restartable upper stages or in-space maneuvering systems.

The above-described hybrid restart issue has been overcome by leveraging the unique electrical
breakdown properties of certain 3-D printed thermoplastics like ABS or polyamide. The authors
discovered that when printed using a technique known as fused deposition modeling (FDM) [23],
ABS possesses unique electrical breakdown properties that can be exploited to allow for rapid
on-demand ignition [24]. Under normal conditions, ABS possesses a very high electrical resistivity and
is not generally considered as an electrical conductor. However, as FDM-processed ABS is subjected
to a moderate electrostatic potential between electrodes embedded in the material, the layered FDM
structure concentrates electrical charges at points along the surface. Figure 1 shows a typical pyrolysis
event, where the ablated hydrocarbon vapor results from the inductive arc carving a path across the
fuel surface [25]. Because Joule heating pyrolizes a small mass of fuel material, when an oxidizing
flow is introduced at oxygen partial pressures above two atmospheres (Reference [24]), combustion is
initiated with the pyrolized vapor.
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Shortly after this discovery, the authors of this paper made several attempts to reproduce a
similar phenomenon with other 3-D printed and extruded fuel materials [26]. Only a few printed
material exhibited the required arcing-properties, with ABS being the best. None of the extruded
materials exhibited the required arcing properties. It appears that 3-D printing is an essential feature
for low-energy arc-ignition. As developed over the past five years, the HPGHP arc-ignition system is
extremely power-efficient and can be started, stopped, and restarted with a high degree of reliability [27].
Once started, the system can be sequentially fired with no additional energy inputs required.

Multiple prototype ground-test units with thrust levels varying from 4.5 to 900 N have been
developed and tested [28,29]. On 25 March, 2018 a flight experiment containing a 10-N prototype of
this thruster system was launched aboard a two-stage Terrier-Improved Malemute sounding rocket
from Wallops Flight Facility. The launch achieved apogee of 172 km, allowing more than 6 min in
hard-vacuum environment above the Von-Karman line. The thruster was successfully fired five times
in a hard vacuum environment. Whitmore and Bulcher (2018) [30] report the details of this flight
test experiment.

 
Figure 1. Inductive Charge Pyrolyzing acrylonitrile–butadiene–styrene (ABS) fuel. (Copyright Utah
State University [1], reproduced with permission).

2.4. Considering the Best Options for “Green” Oxidizers for Hybrid Space Propulsion

Karabeyoglu (2014) [31] recently performed a comprehensive analytical study on oxidizer options
for in-space hybrid propulsion systems. Key performance parameters or other beneficial characteristics
identified by this study include non-toxicity, high characteristic velocity (c*) and impulse density
(ρIsp), space storability, and safe performance under cold-soak conditions. This study identified only
four options that can be reasonably considerable as “green,” and still offer a vacuum specific impulse
competitive with existing liquid bi-propellant and IL-monopropellants. These are: (1) Liquid Oxygen
(LOX), (2) Gaseous Oxygen (GOX), (3) Hydrogen Peroxide (H2O2), and (4) Nitrous Oxide. (N2O).
Unfortunately, the oxidizer that offered the best ρIsp performance, LOX, is not space-storable and must
be eliminated from consideration for the proposed application.

Recent work by Whitmore et al. [32,33] and other organizations [34,35] have adapted hybrid rockets
for use with medium-to-high grade (90%) H2O2. Hydrogen peroxide is a very efficient and dense
propellant, and is an extremely strong oxidizer. Unfortunately, unless used in very high concentrations
(>98%), hydrogen peroxide is difficult to ignite in a hybrid rocket, and is marginally functional with the
previously-described arc-ignition system. Most applications using hydrogen peroxide rely on catalytic
ignition, which remains a significant development issue. None of the existing hybrid systems using
peroxide are able to achieve a reliable cold-start. Significant ignition time latencies are also experienced.

Experience based on the results of References [32,33] have lead the authors to conclude that 90%
peroxide is an unsuitable oxidizer for in-space applications, where cold-soak commonly occurs. It is
likely that significantly higher oxidizer solutions with concentrations at 98% or greater could have
avoided these pooling issues, however, at these concentrations peroxide becomes a class 4 oxidizer,
and is no longer really a “green” propellant. As 98% peroxide is extremely hazardous to work with,
it presents objective hazards that are on-par with hydrazine. It appears, that hybrid rockets using lower
concentration (90% or lower) peroxide, are more suitable for launch vehicle stages where significant
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external power can be used to pre-heat all of the flow path components, and ignition latencies can be
absorbed into the mission timeline.

Having eliminated LOX and H2O2 from consideration, only GOX and N2O remain as in-space
hybrid oxidizers compatible with the HPGHP arc-ignition system. Gaseous oxygen is an excellent
oxidizer that can be efficiently managed at pressures well below 14,000 kPa (140 atmospheres) [36].
Unfortunately, GOX, even when stored at high pressures, has a low specific gravity and is a
volumetrically inefficient propellant. For space missions requiring even moderate ΔV levels, GOX is
an impractical propellant. Thus, by process of elimination N2O remains as the primary oxidizer option
for this project. Nitrous oxide is by far the most commonly used oxidizer hybrid rocket “hobbyists”.
Nitrous oxide is an inexpensive, readily available and has the clear advantage of being non-toxic to
human tissue.

2.5. Hazards Associated with Using Nitrous Oxide as a Hybrid Rocket Propellant

Nitrous Oxide exists as a saturated liquid below its critical temperature of 36.4 ◦C, and propulsion
applications typically must deal with N2O in both liquid and vapor form. Studies performed by Rhodes
at the Air Force Weapons Lab (AFWL) [37] show that it is nearly impossible to detonate liquid phase
N2O in pure form. In fact, liquid-phase N2O is classified as non-explosive and non-flammable by the
US Occupational Safety and Health Administration (OHSA) [38,39]. However, in vapor phase N2O can
experience rapid thermal decomposition (Reference [37]), especially in the presence of contamination.
The N2O decomposition reaction, as given by Equation (1), is strongly exothermic and releases heat up
to 1864 kJ/kg for full decomposition. Decomposition also rapidly produces large volumes of nitrogen
and oxygen gas. Output gas temperatures can exceed 1900 K (1627 ◦C). The combination of heat and
high-temperature gas-volumes make the decomposition event potentially explosive.

N2O→ N2(g) +
1
2

O2(g) + Heat (1)

Generally, N2O has a large activation energy, Ea, for thermal decomposition, 5682 kJ/kg,
and N2O vapor must be heated to temperatures near 1000 ◦C in order to induce thermal
decomposition [40]. However, when N2O vapor is contaminated by a small amount of hydrocarbon
material, the relative stability is lowered and Ea drops significantly. Figure 2 illustrates the concept
where “hydrocarbon-seeding” lowers the activation energy to a point where decomposition reactions
can occur at near room-temperatures [41]. In effect, the addition of hydrocarbon material to nitrous
oxide catalyzes the decomposition event. Because N2O is a highly polar molecule and an exceptionally
good solvent, it readily picks up and dissolves hydrocarbons or other contaminating materials that
may be exposed to the flow path. Since only a small amount of contamination is needed to catalyze
decomposition, this physical property further exacerbates the potential safety hazards associated with
N2O propulsion applications.

Figure 2. Hydrocarbon seeding reduces the N2O decomposition energy barrier.
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For flight applications, close-coupling of the oxidizer tank with the motor case creates a significant
chance of introducing contamination into the thrust chamber. As the motor burns and nitrous oxide is
depleted, adiabatic cooling forces a significant drop in the tank vapor pressure. This internal pressure
drop provides the opportunity for backflow across the injector, allowing hot hydrocarbon gasses to
enter the oxidizer feed lines and possibly the lower portion of the tank itself. The result is a significant
potential for a run-away decomposition reaction. A notable number of accidents resulting from runaway
N2O decomposition events have occurred. Karabeyoglu et al. (2008) [41] presented a summary of nine
verified accidents related to inadvertent, uncontrolled nitrous oxide decomposition events.

2.6. Mitigation of the N2O Decomposition Hazard

Fortunately, it appears following procedures developed by the medical and dental anesthesia
community offers a strong mitigation to this decomposition hazard [42]. In a manner directly analogous
to creation of soda-water using dissolved carbon dioxide, an N2O/O2 hybrid solution, referred to as
Nytrox for the remainder of this paper, is created by bubbling gaseous O2 under pressure into liquid
N2O until the solution reaches saturation. The oxygen in solution displaces much of the nitrous oxide
vapor in the tank ullage, significantly reducing the potential for a decomposition reaction, and allows
“laughing gas” to be safely worked with in a clinical environment.

Figure 3 plots the vapor/liquid isotherm diagram for a saturated “Nytrox” solution. Figure 3a
plots the vapor and Figure 3b plots the liquid phase mass concentrations of oxygen in solution as a
function pressure and for isotherm curves for temperatures varying from −30 ◦C to 30 ◦C. The 0 ◦C
isotherm is highlighted as the solid blue line for both the liquid and vapor segments of the chart.
The calculations of Figure 3 were performed using the Peng–Robinson [43] two-phase state-equation
for binary solutions. The mixing rule used to combine the O2 and N2O binary components is based
on the model of Zudkevitch and Joffe [44]. At phase equilibrium, the fugacity (for the purposes
of this model the fugacity may be defined as the pressure of an ideal gas which has the same
Gibbs free energy as the real gas at the same temperature. Fugacity—the “tendency to escape” from
solution—is the measure of a mixture component’s values for the liquid and vapor phases of each fluid
component are equal. The implemented numerical algorithm that performs these calculations follows
the procedure laid out by Karabeyoglu, Reference [31]. Reading the diagrams of Figure 3, at 0 ◦C
and approximately 86 atmospheres (8745 kPa), there exists a “sweet spot” where the concentration of
oxygen in the vapor-phase is a maximum (note that the pressure required to hold the O2 in solution is
significantly higher than the natural vapor pressure of N2O, approximately 30 atmospheres at 0 ◦C) [45].
This optimal point, noted by the circular symbol on the graphs, shows that the vapor phase contains
approximately 37% O2 mass fraction, while the O2 mass fraction in the liquid phase lies at just below
13%. This near-optimal point allows for the maximum proportion of vapor dilution while maintaining
the highest possible density for the liquid phase.

 
Figure 3. Nytrox vapor/liquid isotherm plots, mass fraction of O2 in solution. (Copyright Utah State
University [46], reproduced with permission).
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Because O2 in solution dilutes the N2O vapor in the tank ullage, the required ignition energy Ei,
defined as the minimum energy required to initiate a deflagration wave, is significantly increased.
Assuming a spherical flame kernel, when the input energy is smaller than Ei, the resulting flame front
decays rapidly because the released heat diffuses away from the surface faster that can be replaced
by the decomposing material in the kernel volume. Dilution of the N2O vapor with O2 effectively
increases the kernel volume, reducing the energy density. The diluent gas also acts to absorb heat,
further quenching the reaction.

Figure 4 illustrates the effect of the O2 dilution in the Nytrox vapor phase upon Ei. The data
of Figure 4 are extrapolated from data presented by References [31] and [47]. For this calculation,
Reference [31] assumes a spherical ignition kernel. Figure 4a plots the minimum ignition energy as a
function of ullage O2 mass fraction for pressure levels varying from 40 to 100 atmospheres. Figure 4b
plots the ratio of the ignition energy at a given O2 mass concentration to the value for pure N2O vapor
at the same pressure level. This ratio is referred to as the ignition energy amplification factor, Eif. Also
plotted as solid symbols are the Ei values for Nytrox solutions at the O2 vapor mass fractions calculated
(from Figure 3) at the given pressure levels and 0 ◦C storage temperature. Depending upon the shape
of the flame kernel, the absolute energies of Figure 4a may vary, but the ratio plotted by Figure 4b will
remain generally constant.

Note that near the previously-described “sweet spot” pressure level at 86 atm, the ignition energy
has increased from less than 1 joule for pure N2O, to a value greater than 2200 Joules for the Nytrox
solution. This increase amounts to an amplification factor Eif of greater than 10,000 or four orders of
magnitude! This buffering effect significantly increases the handling safety for Nytrox, and it may be
reasonably concluded that ignition cannot be achieved by any conceivable inadvertent ignition source.
Only direct and purposeful action, such as the arc-ignition system or a pyrotechnic device can achieve
the required ignition energy.

Figure 4. Minimum ignition energy Ei for nytrox mixtures at 7 storage pressure levels. (A portion of
this data is taken from Reference [31], data reproduced with permission).

2.7. Effect of O2 in Solution Upon the Nytrox Mixture Density

Figure 5 plots the densities of the Nytrox vapor and liquid phases, as calculated by the previously
discussed Peng–Robinson model. Referring to Figures 3 and 5, near the “sweet spot” where the vapor
O2 mass concentration peaks at 0 ◦C and 86 atmospheres, the liquid-phase density is approximately
780 kg/m3. At this point the liquid-phase Nytrox density is slightly lower than for saturated nitrous
saturated oxide at the same temperature, or approximately 900 kg/m3. Thus, at the optimal point
Nytrox is only 13% less dense than pure nitrous oxide. At a higher storage pressure of 120 atmospheres
(12,160 kPa) and 0 ◦C, the percentage of N2O in the liquid-phase drops to around 70% with a
corresponding density of only 600 kg/m3. This difference amounts to a density drop of more than 40%
compared to saturated N2O at the same temperature. This behavior occurs because the nitrous oxide
and oxygen become mutually dissolved in each other, and as the oxygen content in solution rises,
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the density drops. Thus, maintaining the storage pressure near the best value of 80 atmospheres is
essential to achieving volumetric efficiency with Nytrox.

Figure 5. Density of nytrox vapor and liquid phases at vapor pressure for 7 different isotherms.
(Copyright Utah State University [46], reproduced with permission).

2.8. Predicted Propulsion Performance of the Nytrox/ABS Hybrid

Although, when compared to pure N2O the liquid-phase density of Nytrox is slightly lower,
the O2 in solution moderately increases the potential specific impulse (Isp) and allows a significant
reduction of the optimal oxidizer-to-fuel (O/F) ratio. This performance-trade results in Nytrox being
only slightly less volumetrically efficient than pure N2O, and significantly more mass efficient. Figure 6
compares the performance of five different “green” O2 and N2O blend options when burned with ABS
as the fuel source. In Figure 6, the plotted curves with differing colors compare pure GOX (black)
and N2O (red), against Nytrox with three different liquid-phase O2 mass proportions, 90% N2O/ 10%
O2 (blue), 70% N2O/ 30% O2 (green), and 50% N2O/ 50% O2 (violet). For notational simplicity, the
Nytrox blends are referred by the mass-percentage of N2O in the liquid-phase of the solution: Nytrox
90, Nytrox 70, and Nytrox 50, respectively. The ABS fuel assumes a typical composition with 33%, 33%,
and 34% acrylonitrile, butadiene, and styrene monomer mole-fractions. The associated density of this
fuel blend is 1.04 g/cm3.

The calculations of Figure 6 were performed using the industry-standard NASA Chemical
Equilibrium Program (CEA) [48], and assuming six different chamber pressure levels varying from 690
to 3450 kPa (100 to 500 psia) The propellants are assumed to be initially stored at 0 ◦C. Parameters
plotted on Figure 6 include: (a) characteristic velocity c*, (b) vacuum Isp, (c) specific gravity, and (d)
impulse density ρIsp (impulse density is defined as the product of the specific impulse multiplied by
the mean effective density of the propellants. Impulse density is typically expressed in units of N·s/L).
For this analysis impulse density is defined as the product of the mean propellant density and the
vacuum specific impulse, expressed in the unit of N·s/L. For each color grouping the pressure curves
are represented by the different line styles, with the highest pressure levels exhibiting the highest c*
and Isp levels.

The vacuum Isp calculations allow a 25:1 nozzle expansion-ratio, with the combustion products
frozen at the nozzle throat. The specific gravity calculation for GOX (relative to the weight of water at
20 ◦C) assumes a storage pressure of 86 atm (8745 kPa) at 0 ◦C. The specific gravity calculation for
pure N2O uses the saturation liquid density at 0 ◦C (from Reference [45]). The specific gravity for the
Nytrox blends are calculated using the Peng–Robinson model, with the liquid-density values taken
from Figure 3b for the appropriate N2O/O2 mass proportions.

For comparison purposes, Isp and ρIsp of monopropellant-hydrazine are also plotted on Figure 6b,c.
Note that vacuum Isp significantly exceeds that of hydrazine for all of the hybrid oxidizers. Even though
hydrazine has a significantly higher specific gravity, ρIsp for the hybrid using either pure nitrous oxide
or Nytrox 90 is still greater significantly greater than for hydrazine. The low GOX storage density
results in the lowest impulse density for all of the hybrid oxidizers. Using pure N2O gives the best
volumetric efficiency, but results in the lowest specific impulse and requires significantly more oxidizer
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at the optimal O/F ratio. The curve corresponding to the Nytrox 90 mixture gives the best compromise
with a distinct ρIsp optimum occurring at an O/F ratio of approximately 4.

Also of note, the data displayed in Figure 6 show that chamber pressure has only a second order
effect upon the relative performances of the propellants, with the highest chamber pressure (3450 kPa)
exhibiting approximately 5% greater c* and Isp than the lowest chamber pressure (690 kPa). Chamber
pressure has essentially no effect upon the impulse density. Thus, even though the results to be
presented later in this paper consider a very small thruster system operating at low chamber pressures,
the results have a wider range of applicability.

Figure 6. Performance of 3 N2O/O2 concentrations compared against pure N2O and GOX as oxidizer.
(Copyright Utah State University [46], reproduced with permission).

2.9. Summary of Nytrox Properties and Safety Advantages Compared to Pure Nitrous Oxide

The key advantages associated with using Nytrox mixtures to replace N2O as a hybrid oxidizer are:

(1) Nytrox is much safer than pure N2O because vapor phase has significant O2 concentration,
thereby increasing the minimum ignition energy Ei by three or four orders of magnitude,

(2) The multiple order of magnitude increase in Ei using Nytrox allows for safe self-pressurization
with high fluid densities.

(3) Self-pressurization greatly simplifies the system design and eliminates the need for a heavy,
separate pressurant system using helium or nitrogen.

(4) Nytrox allows improved Isp performance compared to pure N2O.
(5) From Figure 5b, at the optimal pressure level of 86 atmospheres, the Nytrox liquid density at 0 ◦C

is higher than GOX by a factor approximately 6.4, and allows for a significant improvement in
the overall volumetric efficiency of the propellants.

(6) The optimal O/F ratio is significantly reduced when using Nytrox, allowing a larger proportion of
the total impulse to be delivered by the high-density fuel component, in this case, ABS.

(7) Maintaining the storage pressure near 80 atmospheres at 0 ◦C is essential to achieving best
volumetric efficiency with Nytrox.
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3. Experimental Apparatus, Instrumentation, and Test Procedures

This section discusses the process for manufacture of the Nytrox solution, followed by a description
of the test article, experimental apparatus, and hot-fire test procedures. The legacy hybrid thruster used
for this evaluation was previously optimized for GOX as the oxidizer (Reference [1]) For this testing
campaign the legacy hardware was deployed without change to demonstrate Nytrox as a “drop-in”
replacement for GOX, and the results are not optimal for the Nytrox/ABS propellants. Considerable
room for improvement and optimization of the Nytrox system exists.

3.1. Nytrox Solution Processing

For this study highly-purified grades [49] of N2O and GOX were used to ensure that the resulting
Nytrox mixture was free from contaminants and any other possible catalytic agents. The objective
of the developed procedure is to generate a Nytrox solution that lies near the previously-described
“sweet spot,” where the solution possesses a maximum concentration of oxygen in the vapor phase,
with a minimum O2 concentration in the liquid phase. As described earlier, and depicted by Figure 3,
at 0 ◦C this optimum point concentration occurs at approximately 86 atmospheres. The resulting
“Nytrox 87” solution has a vapor phase O2 concentration of 37%, and a liquid phase O2 concentration
of approximately 13%. For this condition the liquid-phase Nytrox 87 solution has a density of
approximately 0.780 g/cm3. Using the ideal gas law, GOX at the same temperature and pressure would
have a density of 0.123 g/cm3, or only 16% as dense.

Figure 7 shows the percolation apparatus block diagram. For this test campaign the procedure
consists of filling the 4.5 kg-capacity (10 lbs) Nytrox run tank half-full with nitrous oxide. During filling
flow is passively initialed by placing the empty Nytrox run tank in an ice bath to lower the temperature
to 0◦C, while the N2O service tank is kept at room temperature. The temperature difference lowers the
vapor pressure of the run tank fluid, creating a pressure difference that motivates in fluid flow.

Figure 7. Nytrox percolation apparatus block diagram.

Once the Nytrox run tank is filled with the desired mass of nitrous oxide, the three-way valve
is moved isolate the N2O fill tank, and to allow oxygen to begin flowing into the Nytrox run tank.
The GOX regulator set pressure is maintained at 86 atmospheres throughout this process. A dip-tube
in the run tank allows GOX to bubble up through the nitrous oxide. During passage through the liquid
N2O, oxygen dissolves into solution and also droplets of nitrous oxide are carried up into the gas phase.

The volume of liquid in the cylinder steadily diminishes until equilibrium conditions are reached
for the fluid temperature. Equilibrium conditions are noted when the storage tank settles at a constant
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weight and internal pressure. With the fill-regulator set at 8720 kPa (86 atm absolute pressure),
the process takes about 2 h to reach equilibrium. An electronic scale was used to measure the nitrous
oxide mass moved from the service tank to the run tank. After the Nytrox is blended at the desired
density, the serviced Nytrox run tank is stored at −15 ◦C temperatures in a portable freezer to keep
vapor pressures low and ensure a minimal amount of N2O vapor in the tank ullage. By decreasing the
temperature of the run tank, the activation energy barrier is raised even further and allows additional
decomposition hazard mitigation.

3.2. Hot-Fire Test Apparatus and Instrumentation

This section summarizes the hardware, instrumentation, and test procedures used to perform
the hot-fire evaluation tests. The hot-fire testing campaign was performed inside USU’s on campus
hazardous test facility. Whitmore and Bulcher [1], Whitmore and Stoddard [46], and Stoddard [50]
describe the analytical methods, test apparatus, instrumentation, test procedures, and analysis methods
used to derive the presented data in much fuller detail.

3.2.1. Thrust Chamber

The legacy GOX/ABS prototype of Reference [1] was reconfigured this testing campaign. Figure 8
presents the details of the thrust chamber assembly. Major system components are: (i) graphite
nozzle, (ii) nozzle retention cap, (iii) motor case, (iv) 3D printed fuel grain with embedded electrodes,
(v) insulating phenolic liner, (vi) chamber pressure fitting, and vii) single-port injector cap. The 38-mm
diameter motor case, constructed from 6061-T6 aluminum, was procured commercially [51]. Table 1
summarizes the thrust chamber component geometry specifications, including the injector, fuel grain,
motor case, and nozzle.

Figure 8. Test article thrust chamber assembly. (Copyright Utah State University [1], reproduced
with permission).

Table 1. Motor component geometry specifications.

Component

Single Port Injector Diameter: 0.127 cm

Fuel Grain (ABS) Diameter: 3.168 cm Length:
5.1 cm

Initial Weight:
45.0 g 1

Initial Port
Diameter:
0.53 cm

Motor Case Diameter: 3.8 cm Length:
7.92 cm

Wall Thickness:
1.5 mm

Nozzle (Graphite) Initial Throat Diameter:
0.345 cm

Exit Diameter:
0.483 cm

Expansion Ratio:
2.07:1, Conical

Exit Angle:
5.0 deg.

1 The fuel grain print density was approximately, 1.04 g/cm3.
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3.2.2. Arc-Ignition System

Figure 9a shows the motor head end layout with flow impingement shelves and embedded
electrodes in the 3-D printed ABS fuel grain. Figure 9b shows the ignition system electronics schematic.
The ignition system power processing unit is based on the UltraVolt® line of high-voltage power
supplies (HVPS) [52]. The HVPS provides a current-limited (30 mA) high voltage output of up to
1000 V or 30 Watts total output. Depending on the impedance on the arc path between the ignitor
electrodes, the dissipated voltage typically varies between 100 and 400 volts. Ignition power to the
thruster is initiated by sending a transistor–transistor logic (TTL)-level activate logic bit to the HVPS.

 

(a) (b) 

Figure 9. High-performance “green” hybrid propulsion (HPGHP) arc-igniton system: (a) motor
head-end ignitor layout and (b) typical arc-ignition electrical system layout. (Copyright Utah State
University [1], reproduced with permission).

3.2.3. Test Stand Apparatus and Instrumentation

Figure 10 shows the test motor assembled and mounted to the test stand. For this configuration
support members allow bending along the direction of thrust to prevent them from interfering with the
measured load. Figure 11 shows the piping and instrumentation diagram (P&ID) of the test systems.
The test stand measurements include Venturi-based oxidizer mass flow measurements, load-cell based
thrust measurements, chamber pressure, and multiple temperature readings at various points along the
flow path. The system was configured to allow rapid cycling between Nytrox and GOX using a 3-way
valve. Directly aft of the thrust chamber lies the solenoid actuated oxidizer run-valve. Stoddard [50]
presents a detailed summary of the test apparatus and procedures.

 
Figure 10. Thrust chamber mounted to load-balance test sled. (Copyright Utah State University [1],
reproduced with permission).
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Figure 11. Piping and instrumentation diagram of the hot-fire test apparatus.

3.3. Hot-Fire Test Procedures

Initially, baseline tests were performed using gaseous oxygen as the oxidizer. This test series
ensured that the “mothballed” system had been returned to the status that existed during the testing
campaign of Reference [1]. Parameters measured include ignition power, thrust, chamber pressure,
mass flow, fuel regression rate, specific impulse, and impulse density.

Following the baseline tests, the GOX tank was swapped for the run tank filled with the processed
Nytrox. A commercial Holley Nitrous Oxide Systems (NOS®) [53] storage tank was used as the
nitrous oxide run tank. Other than the change in oxidizer and storage tank, the test assembly remained
identical. Special attention was placed on establishing the required ignition power, and the resulting
thrust, specific impulse and fuel regression rates. In order to simulate a true operational environment,
during hot-fire testing the Nytrox is gradually allowed to warm to ambient conditions.

Test Procedures were nearly identical for both the GOX baseline and Nytrox tests. Pre-test
measurements included fuel grain weight and port diameter, measured at both the top and bottom
of the fuel port. The nozzle throat and exit plane diameters were also measured. Finally, the initial
oxidizer run-tank tank weight, pressure, and temperature were measured. All data were logged on a
spreadsheet for post-test analysis.

The upstream oxidizer flow regulator feed pressure was manually set to approximately
22 atmospheres (2230 kPa) in order to choke the injector and ensure a constant oxidizer mass
flow throughout the burn. For the two-phase Nytrox flow this pressure level also proved to be
sufficiently high to quasi-choke the injector, and significantly reduced the risk of incurring injector-feed
coupling instabilities during combustion.

In order to ensure Nytrox ignition reliability, the HVPS was activated sending power to the fuel
grain electrodes one second before the oxidizer run valve was opened. Once the run valve opened,
then HVPS power to the electrodes was continued to overlap for another 1 s. Since the required power
was so small, no attempt to shorten or optimize the “spark” length or overlap time was performed
for this test series. For this test series, the motor run valve was programmed to open for a prescribed
amount time that varied from 1 to 4 s. The motor would snuff immediately after closure of the run
valve. Allowing forma safety margin to prevent motor-case burn through, one fuel grain allows for 8 s
of total burn time. Thus, on a single fuel grain a typical test series would prescribe four tests of 2 s
each, or two tests of 4 s each. Following each burn, the weight and geometry measurements described
in the previous paragraphs were repeated and logged for post-test analysis

4. Data Analysis Methods

This section details the analytical methods that were used to calculate key derived-parameters
from the raw test data. These mass-flow based calculations include: (1) oxidizer mass flow, (2) mean
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fuel regression rate, (3) oxidizer-to-fuel ratio, (4) mean fuel port diameter, (5) oxidizer massflux, (6) total
massflux, (7) equivalence ratio, and (8) specific gravity. Key performance parameters calculated
from the raw data include: (1) combustion efficiency, (2) thrust coefficient, (3) specific impulse,
(4) characteristic velocity, and (5) impulse density. The following section detail how these calculations
were performed. The presented calculations for regression rate, fuel port diameter, and massflux are
valid only for the longitudinal averages. There is no attempt to spatially resolve these parameters
along the length of the fuel port.

4.1. Calculating the Fuel Mass flow Rate.

Although the inline Venturi measures the oxidizer mass flow in real-time, the test stand was not
configured to directly measure the fuel mass flow. Instead, before and after each hot-firing the fuel
grains were weighed to give the total fuel mass consumed during the test. As will be described later in
this section, these mass measurements were used to anchor the “instantaneous” fuel mass flow rates,
calculated as the difference between the nozzle exit and oxidizer mass flows:

.
m f uel(t) =

.
mtotal(t) − .

mox(t) (2)

Knowing the nozzle throat area A* and the plume exhaust gas properties, the nozzle exit (total)
mass flow at each time point was calculated from the measured chamber pressure time history P0,
using the 1-dimensional choking mass flow equation, (Anderson [54], Chapter 4)

.
mtotal(t) = A∗ · P0(t) ·

√√
γ

Rg · T0
·
(

2
γ+ 1

) γ+1
γ−1

(3)

The calculation of Equation (2) assumes the flow composition is frozen at the nozzle entrance,
(Anderson, [54], pp. 659–661) and nozzle erosion during the burn.

A table of thermodynamic and transport equilibrium properties of the GOX/ABS and Nytrox/ABS
exhaust plumes were calculated using NASA’s industry standard Chemical Equilibrium code (CEA) [48]
with chamber pressure P0 and mean O/F ratio as independent look up variables for the tables. For
each data point in the burn time history, the two-dimensional tables of thermodynamic and transport
properties were interpolated using chamber pressure P0 and mean O/F ratio as lookup variables.
Calculated parameters included the gas constant Rg, ratio of specific heats γ, and flame temperature
T0. Defining the combustion efficiency as:

η∗ =
c∗actual
c∗ideal

=

√√√√√√√√√√(γ+1
2γ

) γ+1
γ−1 Rg · T0actual(γ+1

2γ

) γ+1
γ−1 Rg · T0ideal

≈
√

T0actual

T0ideal

(4)

The theoretical flame temperature was scaled by adjusting the combustion efficiency:

T0actual = T0ideal · (η∗)2 (5)

such that the calculated fuel mass consumption over the burn:

ΔM f uel(tburn) =

tburn∫
0

( .
mtotal(t) − .

mox(t)
)
· dt (6)

matched the measured value from differences of the pre- and post-test weight measurements.
As described earlier, the consumed fuel mass anchored the thermodynamic calculations.
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Adjusting input combustion efficiency upwards has the effect of increasing the calculated fuel
mass consumption, and downwards decreases the calculated fuel mass consumption. The calculations
of Equations (2)–(6) were iterated, adjusting η* after each iteration, until the calculated fuel mass
matched the measured mass within a prescribed level of accuracy, in this case 0.5%. For each iteration,
the time-averaged oxidizer-to-fuel ratio was calculated as integrated oxidizer mass flow divided by
the consumed fuel mass:

O/F =

tburn∫
0

.
mox(t) · dt

ΔM f uel(tburn)
=

tburn∫
0

.
mox(t) · dt

tburn∫
0

( .
mtotal(t) − .

mox(t)
)
· dt

(7)

The thruster system to be tested exhibited very little O/F ratio shift over the burn lifetime. Thus,
the assumption of a constant O/F ratio based on the total consumed masses had very little effect upon
the presented results. Clearly, for propellants or thruster systems that exhibit a significant O/F shift,
the presented method must be modified with the O/F being calculated as a function of time based
upon the instantaneous mass flow calculations. The time-averaged O/F method was used to reduce the
complexity of the implemented model and also aid for numerical convergence.

4.2. Calculating the Fuel Regression Rate

Once the mass flow and consumed masses were calculated as described above, the instantaneous
longitudinal mean of the regression rate was calculated from the rate of fuel mass depletion as:

.
rL(t) =

.
m f uel(t)

2π · ρ f uel · rL(t) · L (8)

In Equation (8) ρfuel is the solid fuel density, L is the fuel grain burn length, and rL is the longitudinal
mean of the fuel port radius. Integrating Equation (8) from the initial condition to the current burn
time solves for the instantaneous longitudinal mean of the port radius and cross-sectional area:

rL(t) =

√√√√√√
r2

0 +
1

π · ρ f uel · L
t∫

0

.
m f uel(τ) · dτ (9)

and:
Ac(t) = π · rL

2(t) (10)

In Equation (10) r0 is the initial fuel port radius at the beginning of the burn. The terminal cross
sectional area of the fuel port is:

Ac(tburn) = π · r2
0 +

ΔM f uel(tburn)

ρ f uel · L (11)

The time-averaged fuel regression rate over the duration of the burn is calculated by:

.
r =

ΔM f uel(tburn)

2π · ρ f uel · L ·
(

rtburn+r0
2

)
· tburn

(12)
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The time-averaged- oxidizer mass flux, total mass flux, equivalence ratio, and effective specific
gravity of the propellants are estimated by:

Gox = 1
tburn

( ∫ tburn
0

.
mox(t)·dt

Ac(t)

)
, Gtotal =

1
tburn

( ∫ tburn
0

.
mox(t)·dt

Ac(t)
+

ΔM f uel

Ac(tburn)

)
and

Φ =
(O/F)stoichiometric

(O/F)test
, sg =

sgox ·sg f uel ·(O/F+1)(
sg f uel ·O/F+sgox

)
(13)

For this discussion, the specific gravity is calculated based on the propellant density relative to the
weight of water at 20 ◦C. For GOX flow, the specific gravity is based on mean tank storage density as
calculated using the ideal gas law. For Nytrox flow the Peng–Robinson model was used to calculate the
oxidizer specific gravity. As shown by Table 1, the ABS fuel print density was approximately 1.04 g/cm3.
The stoichiometric O/F ratio for each propellant combination was calculated using CEA [48].

4.3. Calculating the Motor Performance Parameters

The 1-dimensional de Laval flow equations (Anderson [54], Chapter 4) were used to calculate
the thruster performance parameters. Thrust and thrust coefficient were calculated from chamber
pressure as:

Fthrust = P0A∗ ·
⎛⎜⎜⎜⎜⎜⎜⎜⎜⎝
√√

2
γ− 1

·
(

2
γ+ 1

) γ+1
γ−1
(
1− pexit

P0

) γ−1
γ

+
(Aexit

A∗
)(pexit − p∞

P0

)⎞⎟⎟⎟⎟⎟⎟⎟⎟⎠ (14)

CF =
Fthrust
P0A∗ = γ

√√
2

γ− 1
·
(

2
γ+ 1

) γ+1
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Specific Impulse, Characteristic Velocity, and Impulse density were calculated as:

Isp =
Fthrust

g0
.

mtotal
(16)

c∗ = P0A∗
.

mtotal
(17)

ρIsp = sg · g0 · Isp (18)

In Equations (16) and (18) g0 is normal acceleration of gravity at sea level, 9.8067 m/s2. The thrust
coefficient CF and specific impulse Isp were also calculated directly from the thrust sensed by the test
stand load cell. Values calculated from both sources will be presented later in order to support the
verisimilitude of the collected test data.

5. Results and Discussion

This section presents results from the testing campaign. Nytrox-batch solution properties are
presented first, followed by the Venturi flow meter calibration test results for Nytrox flow. Results of
32 successful hot-fires are presented, 13 with GOX as the oxidizer and 19 burns with Nytrox replacing
GOX. Results from tests using GOX and Nytrox will first be presented individually and then compared.
For both test series, the oxidizer regulator set-pressure was adjusted such that the nozzle exit pressure
was near the optimal (ambient) condition. During preliminary testing, the optimal exit pressure
was estimated from the measured chamber pressure, the nozzle expansion ratio, and combustion
properties as determined from the earlier-described CEA analysis. The optimal exit pressure was
desired for both test series in order to reduce or eliminate the effects nozzle efficiency as a factor in
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the performance comparisons. Thus, any performance differences would primarily result from the
propellants. In order to achieve the optimal-nozzle exit pressure, the Nytrox/ABS thruster chamber
pressure was approximately 6% higher than the corresponding chamber pressure for GOX/ABS.

5.1. Making the Nytrox Mixture

The procedures described by Section 3.1 were followed to generate the Nytrox batches used for
this testing campaign. Table 2 summarizes these processing results.

Table 2. Nytrox mix batch specifications.

Batch No. 1 2 3 4 5 6 Mean Std. Dev

Final Fill Pressure, kPa 8704.4 8842.3 8739.4 8760.1 8725.6 8105.1 8745.4 269.3
Final Fill Temperature, ◦C 0.1 −0.2 0.0 0.0 0.2 0.2 0.05 0.15
Total Oxidizer Added, kg 2.867 2.921 2.916 2.864 2.865 2.854 2.887 0.029

N2O Added, kg 2.234 2.267 2.284 2.273 2.283 2.278 2.268 0.019
O2 Added to Tank, kg 0.633 0.654 0.632 0.591 0.582 0.576 0.618 0.032

Mean Nytrox Density, g/cm3 0.419 0.427 0.426 0.418 0.418 0.417 0.422 0.004
Liquid O2 Mass Fraction (%) 12.63 12.99 12.72 12.78 12.69 11.13 12.76 0.68
Vapor O2 Mass Fraction (%) 37.14 37.20 37.16 37.17 37.16 36.40 37.17 0.31
Vapor Fraction in Tank (%) 37.0 36.6 35.9 37.5 37.2 32.9 36.8 01.7

Nytrox Liquid Density, g/cm3 0.774 0.770 0.773 0.773 0.774 0.790 0.773 0.007
Nytrox Vapor Density, g/cm3 0.235 0.241 0.236 0.237 0.236 0.212 0.237 0.010

At the time of this publication, six complete batches of Nytrox have been processed. The batch
comparisons are remarkably similar. With the tank temperature closely regulated by submersion in an
ice bath, the mean batch equilibrium pressure was 8745.4 kPa (86.3 atm) with a standard deviation
of only 3%. Also, the intensive fluid properties were remarkably similar. The mean effective fill
density calculated using the known tank volume and pre- and post-fill weights was 0.422, with a
standard deviation of less than 1%. The listed Nytrox vapor and liquid densities were calculated
from the Peng–Robinson model based on the known tank fill pressure and temperature. Based on the
Peng–Robinson model, the mean liquid O2 vapor mass fraction was 12.76%, with a standard deviation
of less than 0.68%. The mean Nytrox liquid density was 0.773 g/cm2 with a standard deviation of only
0.007%. These values are remarkably close to the pre-planned “sweet spot” values as presented by
Figures 3 and 5.

5.2. Oxidizer Venturi Calibration

For the flow of gaseous oxygen, the associated Venturi mass flow calculations were developed
using from material presented by Anderson [54]. The compressible mass flow equations are written in
terms of the oxidizer stagnation downstream of the regulator P0, the Venturi inlet pressure P1, and the
Venturi throat pressure P2. The result is:

P0 =
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Previously, References [1,30], performed extensive GOX cold flow tests at a multiple upstream
set pressures varying from 15 to 30 atm were performed. Over this range the associated discharge
coefficient was found to be essentially constant with a value of approximately Cd = 0.95. The value was
not found to vary over the range of mass flow tested in this experiment. Since the Venturi arrangement
for GOX baseline tests did not change from the original tests series, the Venturi flow meter was not
re-calibrated for GOX flow for this testing campaign.

In contrast to the GOX flow, the two-phase, binary nature of the Nytrox flow made mass flow
measurements from the Venturi sensor rather more complicated. Multiple models have been previously
developed for two phase nitrous oxide mass flows. These include models developed by Zilliac and
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Karabeyoglu [55], Dyer [56], Whitmore and Chandler [57], Zimmerman et al. [58], and Waxman et
al. [59]. It is likely that these models, each developed for the flow of a single saturated liquid are
applicable to the two phase binary fluid injector problem, but a solid theoretical foundation for Venturi
flow has yet to be developed.

Thus, for this proof-of-concept testing campaign, the Nytrox mass flow was modeled using the
compressible Venturi model of Equation (15), with discharge coefficient set specifically for Nytrox 87
flow. The associated ideal gas thermodynamic properties are calculated as the molar averages of the
GOX and N2O fluid components, based on the Peng–Robinson model at the tank storage pressure
and temperature.

Figure 12 plots the results of a series of cold-flow tests used to calibrate the Venturi for Nytrox flow.
The actual thrust chamber and injector were used for these tests, but with the exit nozzle removed,
and no fuel grain installed. For these tests regulator pressure was set at 22 atmospheres to match the
set pressure to be used for the hot-fire tests. Run-time lengths of 1, 2, 3, and 7 s were performed, and
the run tank mass was measured before and after each test. The oxidizer masses depleted from the
run tank, measured by the differences in the before and after run tank weights, are plotted against
the time integrals of the mass flows calculated by Equation (15), assuming Cd = 1.0. The slope of the
plotted curve, approximately 1.352 g/g, is equivalent to the true discharge coefficient at the upstream
set pressure.

Figure 12. Venturi calibration for nytrox 90 flow at 22 atmospheres.

Clearly, since the calculated value Cd = 1.352 is greater than unity, the model of Equation (15) is
not a complete representation of the two-phase flow physics. It is likely that the ideal-gas compressible
flow equations do not capture some of the interaction phenomena of the binary fluid components.
If the tests were performed over a much wider mass flow range, it is possible that the slope curve
plotted on Figure 12 would vary as a function of set pressure and mass flow. However, since the test
data form a very tight curve for this series, the resulting Cd value is considered to be accurate as long
as the upstream regulator set pressure is maintained near 22 atmospheres.

This limited calibration was performed for time expediency to allow the testing campaign to be
concluded within the available test window. With this method the molecular weight, gas constant,
and ratio specific heats were calculated based on the mean tank vapor composition as shown by Table 2.
Pressing forward to the nytrox hot-fire testing campaign the following parameters were used for the
Venturi nytrox flow calibration:

Mw = 37.67 g/mol, Rg = 220.72 J/kg-K, γ = 1.40, and Cd = 1.352
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5.3. Baseline O2 Hot-Fire Test Summary
As stated previously, a series of hot-fire tests were performed using GOX as the oxidizer in order

to establish a baseline for the small thruster system. Results from 13 hot-firings are reported here.
Figure 13 plots the time histories from a typical GOX baseline test. Plotted are (a) thrust, (b) chamber
pressure, (c) mass flow, and (d) consumed propellant mass.

Figure 13. Time history of typical baseline GOX/ABS hot-firing.

The fuel mass flow and consumed mass time histories were calculated using the procedure
previously laid out in Section 4.1. Note that although the oxidizer flow initiates at time zero, the steady
chamber pressure is not reached until approximately 300 ms later. The initial GOX time history
overshoot is likely due to an unchoked nozzle as gas streams into the thrust chamber. On Figure 13a
thrust values as directly measured by the load call and as calculated from chamber pressure using
Equation (12) show excellent agreement. This close comparison indicates that values for the nozzle-flow
thermodynamic parameters, T0, γ, Mw, and Rg, derived from the previously-described procedure of
Section 4.1 are accurately calculated.

Figure 14 graphically summarizes the baseline tests, showing the results of 13 hot-firings. Plotted
are Isp, CF, c*, and the mean ABS fuel regression rate. The mean fuel regression rate, calculated using
Equations (10), is plotted as a function of both mean oxidizer Gox and total massflux Gtotal. The specific
impulse and thrust coefficient curves plot values calculated using both the sensed thrust from the load
cell, and the thrust calculated from chamber pressure. The plotted data of this section and the bar
charts of the next section result from time history averages taken from the steady-state portions of each
hot-fire test. For the purpose of this calculation the term “steady-state” means all data points that lie
within 10% of the maximum observed thrust and chamber pressure levels.

The time-averaged CF values calculated using measured thrust and chamber pressure data were
calculated as:

CF =
1

tburn

tburn∫
0

F(t)
P(t) ·A∗ · dt (20)

are plotted as the black circular symbols. Time-averaged values calculated from the chamber pressure,
calculated using 1-D De Laval flow model (Anderson, Reference [49]):
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are plotted as circular red symbols. In Equation (17), the exit pressure values were calculated from the
chamber pressure based on nozzle expansion ratio using the previously-described values for γ and
Rg. For both the GOX and Nytrox testing campaign, pre- and post-test measurements indicated no
discernable change in the nozzle throat area. For this calculation a constant throat area A* is used.

Dashed red lines overlaid on the Isp, CF, and c* plots were values calculated from CEA [48].
assuming frozen flow at the nozzle throat. The plotted data generally support the theoretical calculations.
Because the data of Figure 14 agree closely with results previously published by References [1,30],
it is concluded that the reassembled test article and test stand were returned to the previous state of
performance, for which there is an extensive data base.

Figure 14. Summary of the GOX/ABS baseline test results. (Copyright Utah State University [46],
reproduced with permission).

5.4. Nytrox 87 Hot-Fire Test Summary

Data from a total of 19 Nytrox hot-firings are reported. Figure 15 plots the time histories from a
typical hot-fire test. As with the previous plots of Figure 13, the plotted time histories are (a) thrust,
(b) chamber Pressure, (c) mass flow, and (d) consumed propellant mass. The time scales have been
adjusted so that the zero-time point corresponds with the motor-ignition, signaled by a sharp rise
of the chamber pressure. As shown by the mass flow plot 15c, the Nytrox run valve was opened
approximately 400 ms prior to this motor-ignition rise time. Prior to the motor ignition it appears
that chilled, mostly liquid, Nytrox streamed into the combustion chamber. Because this pre-ignition
flow stream was mostly-liquid, only a minor rise in thrust and chamber pressure occurs. This ignition
latency was observed for the majority of the Nytrox tests, and will be described in detail later in this
section. The Nytrox streaming into the thrust chamber prior to ignition is not included in the total
Nytrox mass calculation of Figure 15b. Pre- and post-test measurements of the NOS® tank weights
were compared against the calculation for the consumed oxidizer mass, e.g., from Figure 15d, and
verified the accuracy of the nytrox Venturi discharge coefficient described in the previous section.
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Figure 15. Time history of typical Nytrox 87/ABS hot-firing.

Figure 16 graphically summarizes the nytrox test results. The nytrox mixtures used for these
tests are described previously in Section 5.1, with the mixture properties listed by Table 2. As with
the baseline data presentation, Figure 16 plots Isp, CF, and c* as a function of O/F ratio, and mean fuel
regression rate as a function of Gox and Gtotal. With regard to the regression rate plots, note that the Gox

and Gtotal curves lie closer together as compared to the baseline data. This occurrence results from the
significantly higher O/F ratio for the nytrox flow, where the majority of total thruster mass flow is from
the oxidizer and not ablated fuel.

 
Figure 16. Summary of the Nytrox 87/ABS hot-fire test results. (Copyright Utah State University [46],
reproduced with permission).
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The corresponding CEA curves assuming a Nytrox 87 (87% N2O) liquid composition are also
plotted. Here there is significantly more scatter exhibited by the data, a likely result of the changing
Nytrox fluid composition as the tank empties. The mean values for Isp and c* are approximately 10%
lower that theoretical CEA predictions. Comparing Figures 14 and 16 shows that when Nytrox is
“dropped in” as a replacement for GOX, the motor tends to run slightly fuel-rich than the O/F required
for optimal performance. Since the thruster had been previously optimized for best O/F ratio based on
GOX as the oxidizer, this result was expected. The ensemble-mean Nytrox combustion efficiency, as
calculated by Equation (3) for each burn was approximately 92.5%.

5.5. GOX/Nytrox Burn Data Comparisons

This section compares the results of the GOX/ABS baseline against the Nytrox/ABS test results.
Table 3 summarizes the GOX/ABS test statistics with data taken from Figure 14, and the Nytrox/ABS
test statistics with data taken from Figure 16. The mean μ, standard deviation σ and 95% t-confidence
intervals [56] for thrust, thrust coefficient, specific impulse, characteristic velocity, combustion efficiency,
O/F ratio, chamber pressure, and total mass flow are tabulated. Values for thrust, CF, and Isp are
calculated using both the sensed load and thrust calculated from chamber pressure using Equations
(12)–(14). Generally, the thrust comparisons are close, with the Nytrox/ABS thruster exhibiting a slightly
higher thrust and chamber pressure that the GOX/ABS, a likely result from the higher Nytrox density.
Conversely, the GOX/ABS thruster exhibits increased specific impulse Isp and c* level, compared to
Nytro/ABS. This result was predicted by Figure 6, and was expected. Also, note that the calculated
values for CF for both test series are nearly identical, in fact they are statistically indistinguishable.
This CF comparison indicates that the choice of propellants is the primary distinguishing actor with
regard to the specific impulse performance differences.

Table 3. Summary of top-level parameter statistics for GOX/ABS baseline and Nytrox/ABS tests.

Baseline GOX/ABS Test (13 Total Burns)

Statistic
Thrust, N
Load P0

CF
Load P0

Isp

Load P0

c*,
m/s

η* O/F P0,
kPa

Total Mass
Flow, g/s

μ 10.70 10.90 1.262 1.273 224.9 224.8 1751.4 0.919 1.772 762.9 4.85
σ 0.645 0.617 0.031 0.026 7.52 8.83 23.84 0.089 0.228 62.82 0.349

95% t-conf. 0.339 0.373 0.019 0.016 4.54 5.34 14.40 0.054 0.178 37.94 0.211

Nytrox/ABS Test (19 Total Burns)

μ 11.75 11.70 1.227 1.222 204.4 198.4 560.84 0.927 3.464 809.7 6.14
σ 0.749 0.759 0.034 0.039 10.29 11.10 57.46 0.106 0.463 32.84 0.356

95% t-conf. 0.358 0.366 0.017 0.019 54.96 5.34 27.68 0.051 0.223 15.82 0.171

5.5.1. Top-Level Motor Performance Comparisons

This section presents a series of bar charts that compare the mean properties of the thruster as
derived from the 13 GOX-baseline and 19 Nytrox-evaluation hot-fire tests. In addition to the nominal
performance parameters as listed by Table 3, mass-derived parameters like equivalence ratio, regression
rate, and impulse-density are also compared. Effects of massflux on fuel regression rate will be assessed.
Finally, the required ignition energy and ignition latencies will be assessed and compared.

Figure 17 bar charts compare the actual thrust, mean operating chamber pressure, oxidizer
and total mass flows, and performance parameters of the thruster using the two propellant classes.
In addition to the mean parameter levels, these plots also show the 95% confidence intervals based
on the student t-distribution [60] for the appropriate degrees of freedom (based on the number of
measurements). As shown by Figure 17a–c the Nytrox oxidizer, inserted as a higher-density “drop
in” for GOX results in slightly higher absolute thrust, chamber pressure, and mass flow levels. These
higher absolute levels are due to the higher density of Nytrox 87 oxidizer, as compared to GOX.
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Figure 17. Comparing performance of test thruster using GOX/ABS and Nytrox 87/ABS.

Also, the mean values of the performance parameters CF, c*, and Isp, exhibit a slight-to-moderate
reduction for Nytrox/ABS when compared to GOX/ABS. For example, as shown by Figure 17e,f the
mean GOX/ABS Isp and c* values are 224.8 s and 1751 m/s, respectively, as compared to 204.4 s and
1561 m/s for Nytrox/ABS. This lowered performance results from two factors, the reduced optimal c*
for Nytrox/ABS based on a lower flame temperature, and a less-than optimal O/F ratio for the Nytrox
thruster. The first factor was previously predicted by the analytical comparisons of Figure 6, and was
expected. The second factor can be corrected by slightly shortening the fuel grain length in order to
better approach the optimal O/F ratio.

5.5.2. Comparing Combustion Properties

Figure 18 compares the mean oxidizer to fuel ratio O/F, equivalence ratio Φ (Equivalence ratio Φ
is defined as the stoichiometric O/F divided by the actual O/F achieved during the burn), combustion

efficiency η*, and mean regression rate
.
γ of the thruster burned with the two classes of propellants. Note,

as shown by Figures 13c and 15c, that the Nytrox mass flows were 30% higher than the corresponding
GOX mass flows, and the resulting O/F ratios are significantly higher for the Nytrox thruster. The higher
O/F ratio for Nytrox also results from the lower overall fuel regression rates shown by Figures 14d
and 16d.

For both oxidizers the target equivalence ratio was between 1.5 and 2.0. Burning at these moderately
fuel-rich equivalence ratios has the beneficial effect of reducing flame temperature, lowering nozzle
throat erosion rate, and producing a plume with a lower molecular weight. The lowered molecular
weight compensates for the reduced flame temperature, allowing an acceptable level of performance
to be achieved. The fuel-rich equivalence ratios are a likely-reason why essentially no nozzle erosion
was observed during this testing campaign.

Since, as shown by Figure 18b, both propellants burned at equivalence ratios between 1.5 and 2.0,
the top-level design objectives were indeed achieved by these tests. The GOX/ABS thruster burned an
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equivalence ratio of approximately 1.65, and as shown by Figure 14a,b, the resulting O/F ratio tends to
lie directly on top of the O/F ratio for maximum c*.

When Nytrox 87 GOX was swapped-in for GOX, the ensemble mean value for Φ is approximately
1.95. As shown by Figure 16a,b, the mean Nytrox/ABS burn condition is slightly richer that would be
required to achieve optimal performance. Because this test series was designed to evaluate Nytrox
as a “drop-in” for GOX, the fuel port geometry was not optimized for best performance, thus, the
non-optimal c* is not a concern here. A simple method for optimizing the system for Nytrox would be
to slightly shorten the fuel port, thus, the resulting O/F ratio towards leaner burning and back to near
the optimal value.

Figure 18. Comparing combustion properties of GOX/ABS and Nytrox 87/ABS motors.

5.5.3. Detailed Fuel Regression Rate Comparisons

Figure 19 presents the time-averaged, longitudinal-mean regression rates for GOX/ABS and
Nytrox 87/ABS, overlaid with regression rate data for other propellant combinations. These data
include previously collected by the Whitmore et al. (2013) [61] and Whitmore and Merkley [62] for
pure N2O using HTPB (hydroxyl-terminated polybutadiene) and ABS as fuels. Power-law curve fits
taken from Reference [63] for: (a) liquid oxygen (LOX)/paraffin, (b) LOX/HTPB, (c) N20/Escorez-HTPB,
and (d) LOX/high-density-polyethylene (HDPE are also plotted.

The power-law curve fits take the form:

�.
r = a ·Gn

ox (22)

where Gox is the longitudinal mean of the oxidizer massflux,
�.
γ is the curve-fit dependent variable, and

{a, n} are the burn parameters. The mean regression rate plotted on Figure 16d calculated by integrating

298



Aerospace 2020, 7, 43

the power-law curve fits for GOX/BS and Nytrox 87/ABS over the operating massflux range, in this
case, 0–20 g/cm2·s:

.
r =

a
Goxmax

Goxmax∫
0

Gn
ox · dGox =

a
n + 1

Gn
oxmax (23)

Table 4 summarizes the power-law fit parameters for the plotted curves on Figure 17.
The Nytrox/ABS regression rates are moderately lower than result from GOX/ABS and LOX/Paraffin,
a result that is primarily due to the reduced flame temperature and the associated heat transfer from
the flame zone to the fuel surface. However, the resulting Nytrox87/ABS regression rates are clearly
higher to N2O as a stand-alone oxidizer. The higher regression rate will lead to a reduced fuel grain
length in order to achieve and equivalent fuel mass flow rate. This volumetric reduction offsets the
loss in overall system density that derives from the switch to Nytrox from N2O.

Also of note, for both propellant combinations GOX/ABS and Nytrox/ABS the burn exponents
are close to a value of n = 0.5. As noted by Zilliac and Karabeyoglu (Reference [56]), a hybrid-burn
exponent of 0.5 corresponds to a propellant combination with essentially no O/F shift over the burn
lifetime. This numerical calculation agrees well with the test observations, where very little O/F shift
was noted for this small thruster system. Ref. [62] explain this neutral burn profile as a balance between
convective and radiative heat transfer in the combustion chamber. In small thruster systems of this
size, radiation heating is no longer negligible and tends to compensate for the drop off in convective
heat transfer as the fuel burns and the port opens up.

Figure 19. Comparing GOX/ABS and Nytrox 87/ABS fuel regression rates to previous tests of
hybrid propellants.

Table 4. Power-law fit Parameters for GOX/ABS, Nytrox87/BS and other selected propellant regression
rates. (A portion of this data is taken from References [61–63]. Data reproduced with permission).

Propellant
GOX/
ABS

Nytrox87/
ABS

N2O/
ABS58

N2O/
HTPB58,59

Paraffin/
LOX59

LOX/
HTPB59

Lox/
HTPB-Escorez59

LOX/
HDPE59

a coefficient 0.0428 0.0354 0.00742 0.00795 0.0488 0.0146 0.0099 0.0098

n exponent 0.524 0.455 0.799 0.773 0.491 0.681 0.680 0.620

5.5.4. Volumetric Efficiency Comparisons

In contrast to the mass-based Isp comparisons that favor the performance of the GOX/ABS
propellants, the Nytrox/ABS propellants exhibit a significantly higher impulse density. The bar charts
of Figure 20 show these comparisons. Plotted are effective specific gravity in Figure 20a and measured
impulse density at ambient conditions in Figure 20b. Based on the Nytrox liquid storage density
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at 86 atmospheres (from Peng–Robinson model) and 0 ◦C, as compared to the GOX storage density
at 150 atmospheres (from ideal gas law), and the ABS Fuel density of 1.04 g/cm3, the respective
specific gravities are 0.842 and 0.512, with ambient density impulses of 1710 and 1174 N·s/L. Thus,
the Nytrox/ABS propellants exhibit at least a 45% increase in volumetric efficiency when compared to
GOX/ABS.

 
Figure 20. Volumetric Efficiency Comparisons.

5.5.5. Extrapolating the Specific Impulse to Vacuum Conditions

Recall that the specific impulse values plotted on Figure 14, Figure 16, and Figure 17 were derived
from data collected under ambient test conditions at approximately 4700 ft. (1430 m) altitude, the
elevation of the test facility in Logan Utah. The 2.07:1 nozzle expansion-ratio was designed to give
near-optimal performance at this altitude, and the desired operating chamber pressure. Clearly, when
matched with a high expansion-ratio nozzle, the vacuum performance will be significantly better. The
ambient-test data can be extrapolated to altitude using the previously presented 1-D de Laval flow
equations. (Anderson, Reference [49]) First, the thrust coefficient for the test condition is written in
terms of the nozzle-exit-to-chamber pressure ratio, and the freestream-to-chamber pressure ratio:
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For optimal operating conditions, the pressure thrust term of Equation (18) vanishes and the ratio
of the optimal and test CF’s is used to scale specific impulse to the optimal condition:
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Using the motor geometry, thrust coefficient, mean chamber pressure, and the CEA-derived
calculations for Nytrox 87/ABS, and assuming a 92.5% combustion efficiency, from Figure 18c, Figure 21
plots the specific impulse extrapolations for GOX/ABS and Nytrox 87/ABS. For both propellant
combinations, using the data of Figures 14 and 16, the plotted parameters are: (a) optimal expansion
ratio as a function altitude, (b) optimal CF as a function of the optimal expansion ratio, (c) optimal Isp

as a function of expansion ratio, and (d) optimal impulse density as a function of altitude. Also plotted
as the red and blue symbols are the actual experimental values for the GOX/ABS and Nytrox 87/ABS
motors. The GOX/ABS data extrapolates to an Isp of greater than 345 s under vacuum conditions,
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while the Nytrox/ABS data extrapolates to just over 300 s. This Isp value, although 8% lower than
for GOX/ABS, is still nearly 25%–30% higher than can be achieved by any of the “green” ionic liquid
propellants or by hydrazine. Using a similar process to scale the impulse density, the corresponding
optimal vacuum ρIsp values are 1,590 N·s/L for GOX/ABS, and 2510 N·s/L for Nytrox 87/ABS. These
values will be compared to Hydrazine and the ionic liquid propellants later in this report.

 
Figure 21. Extrapolating ambient GOX/ABS and Nytrox 87/ABS test data to optimal vacuum conditions.

5.5.6. Required Ignition Energy

One of the key objectives of this research campaign was to demonstrate that Nytrox, can be
“dropped in” as a replacement for GOX, but still function effectively with the previously-matured
arc-ignition system. In that regard, the arc-ignition system was effective in igniting the Nytrox/ABS
propellants, but did exhibit several minor issues that must still be overcome for an operation system.
When a virgin-fuel grain is first burned with Nytrox, the observed ignition reliability was only about
50%. “Setting” the arc path by first burning the grain using GOX, or by using a GOX pre-lead prior
to initiating Nytrox flow overcame this problem. Once the first ignition is achieved, then the system
reliably ignites using Nytrox, even with a dead-cold motor. The reason for this observed behavior
appears to be that Nytrox expansion into the combustion chamber super-chills the ABS fuel, causing
the surface impedance to increase to a point where the HVPS cannot provide sufficient power to
pyrolize a conduction path through the material. Once a conduction path is set into the fuel material
after the initial burn, then this issue goes away.

The data presented in Figure 22 supports this assertion. Here the required ignition energy is
plotted as a function of the cumulative fuel grain burn lifetime. These data were taken from the burns
plotted on Figures 14 and 16. Recall from the previous discussion of Section 2.3 that the HVPS is current
limited at 30 mA, and the output voltage is a function of the impedance path that the arc carves along
the material surface. Total ignition energy is calculated as the integral of the output power. The HVPS
output power is calculated as the product of the voltage and current-sense readings. Figure 22a plots
the ignition energy for GOX/ABS propellants, and Figure 22b plots the ignition energy for Nytrox/ABS
as a function of cumulative burn time for the fuel grain. The first two points on Figure 22b, near zero
burn lifetime, were obtained from successful Nytrox tests of two previously unburned fuel grains
without the GOX pre-lead. Both of these point show a considerably higher ignition energy requirement.
The remaining lower ignition energy data points plotted on Figure 22b were obtained from fuel grains
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that had been initially burned using a GOX pre-lead. For both GOX/ABS and Nytrox/ABS, the ignition
energy correlates directly with burn time, indicating that the arc-path becomes better established, and
the impedance drops following each ignition.

Figure 22. Effect of Fuel Grain Burn Lifetime on Required Ignition Energy.

Once the path is set, the required ignition energy is similar for both oxidizers. The bar chart of
Figure 23 compares the mean ignition energies for GOX/ABS and Nytrox 87/ABS, calculated from the
data presented in Figure 22, but with the virgin-grain Nytrox burns excluded. Both systems have a
mean startup energy less than 2.5 joules, and to a 95% confidence level, neither require more than
4 joules for ignition (excluding the virgin-grain data). This energy level is contrasted to the ECAPS
Prisma spacecraft [60] which used the ADN-based LMP-103s green propellant. For first ignition, this
system required a 10 watt preheat for as long as 20 min, consuming more than 12,000 joules of energy.

Figure 23. Mean Ignition Energy Levels for "Pre-Set" Fuel Grains.

5.5.7. Ignition Latency

Substituting Nytrox 87 for GOX in the 10-N thruster system, resulted in significant increase in
ignition latency. Figure 24 illustrates this phenomenon. Plotted are time histories demonstrating
the typical ignition behaviors for a 2-s pulse of the thruster system using first GOX/ABS, and then
Nytrox 87/ABS. Plotted are: (a) thrust, (b) chamber pressure, (c) oxidizer mass flow, and (d) ignition
power. Note that for both runs the ignition power profiles for both conditions are quite similar, but the
chamber responses are significantly different. As shown by the mass flow data of Figure 24c, after
opening the oxidizer valve flow into the combustion chamber is almost immediate. While the GOX/ABS
motor lights and reaches within 63.2% of full operating pressure within about 150 milliseconds, the
Nytrox/ABS Motor exhibits a more significant startup latency, in this example, an additional 250 ms.
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Figure 24. Typical ignition response time histories for GOX/ABS and Nytrox 87/ABS thrusters.

Over the burn lifetime of the fuel grains, the Nytrox/ABS propellants exhibit mean ignition
latencies that are significantly larger than for GOX-ignition. It is hypothesized that the rapid expansion
and subsequent phase change super-chills Nytrox fluid entering the combustion chamber. The very cold
Nytrox reduces the pyrolysis rate of the fuel material and absorbs some of the spark energy. The result
is a result in a slowed ignition process. The bar chart of Figure 25 shows this latency comparison.

Figure 25. GOX/ABS, Nytrox/ABS mean ignition latency comparisons.

The additional latency exhibited by the Nitrox/ABS propellants occurred for all of the test runs,
and appears to be endemic to the use of Nytrox as a hybrid oxidizer. Figure 26 compares the observed
ignition latencies, calculated as the 63.2% first-order response rise time, for GOX/ABS and Nytrox
87/ABS. The GOX-ignition latency of Figure 24a correlates with the combustion chamber pressure,
whereas the Nytrox-ignition latency of Figure 26b correlates strongly with the NOS® (Nytrox) run-tank
pressure. The trend is very distinctive with the latency growing from only about 250 ms at the original
tank pressure and temperature, to greater than 1.7 s at the highest internal tank pressures.

At first glance the behaviors exhibited by Figures 25 and 26 appear to be quite odd, but upon further
examination, it becomes clear that the Nytrox latency trend results from the two-phase binary-mixture
properties, and the concentration of oxygen in solution. Clearly for GOX-ignition the thruster chamber
pressure is a key influence. With higher chamber pressures allowing nozzle to choke faster and build
the internal oxygen partial pressure to greater than the observed critical value of 2 atmospheres (from
Reference [24]) more rapidly.

In contrast, it appears that the observed latency trend of Figure 26b results from the O2 mass
concentration in the Nytrox solution. As described previously in Section 3.1, for a typical test the
Nytrox run tank was chilled to 0 ◦C in an ice bath while filling. After the Nytrox is blended at the
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desired density manufactured, the filled run tank is stored at −15 ◦C to keep vapor pressures lower for
safe storage. During testing the tank is removed from the freezer and gradually warms to the ambient
temperature conditions.

Figure 26. Comparing GOX/ABS and Nytrox/ABS ignition latencies.

The previously-described Peng–Robinson model [43] is used to analyze the quantitative effect of
the rising tank temperature upon the Nytrox oxygen concentration. Assuming that the total molar
volume remains constant, then as the tank warms from an initial temperature and pressure {Pinit, Tinit}
to a higher temperature Tfinal, then the corresponding pressure rise is calculated from the real gas
equation of state:

1
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1
νl
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( 1

Z v
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1
Z l

) P
Ru · T (26)

where the parameters ν and Z refer to the molar volume and compressibility factor, and the indices “l”
and “v” refer to the vapor and liquid phases, respectively. For the purposes of this discussion, the
compressibility factor is a measure how much the fluid properties deviate from an ideal gas. Since the
molar volume is constant, then from the initial-to-final state:( 1
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Solving for the final pressure level:
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and the equilibrium solution at the final pressure is the state vector {P, T, Zv, Zl}final whose values are
consistent with the Peng–Robinson model.

Figure 27 plots this numerical solution assuming a starting temperature and pressure of −15 ◦C
(the Nytrox storage temperature) and 62 atm. The solution then warms up to a peak temperature
of 35 ◦C. Plotted are: (a) the original latency data, (b) the Nytrox phase-equilibrium pressure as a
function of temperature, (c) the O2 mass concentrations in the vapor and liquid phases as a function of
solution temperature, and (d) the O2 mass concentrations in the vapor and liquid phases as a function
Nytrox phase-equilibrium pressure. Note, as the tank warms, the pressure rises to 68 atmospheres at
0 ◦C (the optimal operating point) and then peaks at around 79 atmospheres at room temperature,
or approximately 25 ◦C. This calculated maximum pressure agrees well with the maximum pressure
observed in Figure 24a. Thus, the rising tank pressure correlates with a diminishing mass of oxygen
in solution.
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Figure 27. Nytrox ignition latency explained as diminishing O2 concentrations in Nytrox solution at
higher tank temperatures.

As plotted in Figure 27c,d, note that O2 mass concentrations drop rapidly as the solution warms.
Eventually nearly all of the oxygen comes out of solution leading to a pure nitrous oxide liquid phase
and stratified O2 and N2O vapor phases. Since oxygen is the lighter of the gasses, it would occupy the
upper portion of the tank ullage. Thus, at the higher tank pressures of the warm tank, it appears that
almost no O2 reaches the injector during the initial ignition stages. It appears that this phenomenon
makes ignition increasingly more difficult, and it takes longer for the oxygen concentration to build to
the critical level for ignition.

The results presented by Figures 26 and 27 were discovered only shortly before the publication
of this paper, and have not been fully explored. Clearly, Nytrox response latencies have not been
fully characterized at this point been, and are recommended as a point of emphasis for further study.
A dedicated experiment with wider pressure and temperature ranges, and a range of initial saturation
levels is proposed. When completely comprehended, it appears that super-chilling the Nytrox solution
may be an effective engineering practice for reducing the observed ignition latencies using Nytrox.

5.6. Comparing Nytrox to Existing Space Mono-Propellants

With 19 successful hot-firings reported in this paper, Nytrox 87 has been demonstrated as a
reliable on- “drop-in” replacement for GOX in the HPGHP thruster system. Table 5 compares the
performance of the Nytrox/ABS system to the competing propellants: hydrazine, LMP-103S, and
AF-M315-E. In Table 5 the data for Hydrazine and AF-M315E were extracted from Refs. [14] and [17].
Data for LMP-103S were extracted from Refs. [16] and [18]. Data for the Nytrox/ABS Hybrid System
were extracted from Section 5 of this paper, and also from Ref. [1].

With the exception of impulse density, the Nytrox/ABS system outperforms the other propellants
in every listed category. Even the lower ρIsp value is a bit misleading. Because Nytrox had the
ability to safely self-pressurize, there is no need for an additional volumetrically inefficient oxidizer
pressurization system. The absence of this secondary system significantly decreases the overall system
complexity, and leads to a clear advantage in volumetric efficiency. Due to the high pyrolysis energy of
ABS fuel, 3.1 MJ/kg, the HPGHP motors are ablative and self-cooling, offering a final systems advantage.
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Table 5. Nytrox/ABS performance characteristics compared to existing space mono-propellants.

Propellant Hydrazine LMP-103S AF-M315E
Nytrox/ABS

Hybrid

Flame Temperature 600–750 ◦C 1600 ◦C 1900 ◦C 3000 ◦C

Vacuum Isp, s 220–225 252 (theory)
235 (delivered)

266 (theory)
245 (delivered)

320 (theory)
294 (extrapolated)

Specific Gravity 1.01 1.24 1.465 0.650 (87% N2O)

Impulse density, N·s/L 2270 3125 (theory)
2915 (delivered)

3900 (theory)
3650 (delivered)

2510
(vacuum, extrapolated)

1750
(ambient, delivered)

Preheat Temperature 315 ◦C, cold-start
capable 300 ◦C 370 ◦C N/A

none-required

Required Ignition
Input Energy, Joules N/A 12,000 J

(10 Watts @ 1200 s)
27,000 J (15 Watts @ 1800 s

2.5 J
(5 Watts for 500 ms)

Propellant Freezing
Temperature 1–2 ◦C −7 ◦C < 0 ◦C

(forms glass, no freezing point)
−70 ◦C

Cost $ $$$ $$$$ $

Availability Readily Available Restricted Access Limited Access Very Widely
Available 1

NFPA 704 Hazard
Class [64] 2

1 80%–90% Nytrox solutions easily manufactured, as per procedure in this paper. 2 Based up the AF-M315E
constituent components, Hydroxyl Ammonium Nitrate (HAN), and 2-Hydroxyethylhydrazine (HEHN) [65].

6. Summary and Conclusions

Over the past decade, a novel High-Performance “Green” Hybrid Propulsion (HPGHP) system has
been developed as an environmentally sustainable replacement for hydrazine, and other highly-toxic
spacecraft propellants. HPGHP is enabled by recent advances in 3-D printing and leverages
unique electrical breakdown characteristics of printed plastics like ABS and polyamide. Additive
manufacturing changes the electrical breakdown properties, and when printed materials are presented
with a sufficiently high, low-current voltage, electrical-arcing along the layered surface pyrolizes
material and seeds combustion when an oxidizing flow is introduced. The system has been engineered
to a high level of reliability with the number of possible ignitions limited only by the amount of fuel.
Typical startup sequences require less than 2 joules, and once started, the system can be sequentially
fired with no additional energy inputs required.

In its most mature form, HPGHP uses gaseous oxygen as the oxidizer. Although gaseous oxygen
is highly mass efficient, it is volumetrically inefficient due to its low specific gravity unless stored at
very high pressures. In order to increase the HPGHP system volumetric efficiency, a two-phase blend
of nitrous oxide and oxygen, “Nytrox,” has been engineered as a higher-density “drop-in” replacement.
Nytrox is similar to “laughing-gas” used for anesthesia applications and is blended by percolating
oxygen under pressure into N2O until the solution reaches saturation.

With 19 successful hot-firings reported in this paper, results from the preliminary
test-and-evaluation campaign have demonstrated Nytrox as an effective replacement for GOX in the
HPGHP system, exhibiting a slightly reduced specific impulse, but with significantly higher volumetric
efficiency. Vacuum specific impulse values exceeding 300 s are reported. This Isp is significantly
greater than can be achieved by hydrazine or the current generation of “green” propellants based on
ionic-liquids, LMP-103S and AF-M315E. Because Nytrox had the ability to safely self-pressurize, there is
no need for an additional volumetrically inefficient oxidizer pressurization system. This characteristic
significantly decreases the overall system complexity.

The primary issue associated with using Nytrox a replacement for GOX as a hybrid oxidizer
is a significant increase in the cold-start ignition latency. Presented data and supporting analysis
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shows that the higher Nytrox latency correlates strongly with the run tank storage temperature and
pressure, and the mass fraction of oxygen in the Nytrox solution. Because of the reduced oxygen levels
at warmer temperatures, it takes longer for the combustion chamber oxygen concentration to build
to the critical level required for ignition. It appears that super-chilling the Nytrox solution may be
an effective engineering practice for reducing the observed ignition latencies using Nytrox. Clearly,
these Nytrox response latencies have not been fully characterized, and are recommended as a point of
emphasis for further study.

7. Patents

Whitmore, Stephen A., “Restartable Ignition Devices, Systems, and Methods Thereof,” USA
Provisional Patent No. US 2015/A0322892 A1, 12 November, 2015.
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Nomenclature

Symbols

Ac abfuel port cross-sectional area, cm2

Aexit abnozzle exit area, cm2

A* abcross sectional area at which local flow chokes, cm2

A1 abVenturi inlet area, cm2

A2 abVenturi throat area, cm2

Aexit/A* abnozzle expansion-ratio
Cd abdischarge coefficient
CF abthrust coefficient
cF abtime averaged thrust coefficient
c* abcharacteristic velocity of propellants, m/s
Ea abactivation energy for self-sustaining decomposition reaction, kJ/kg
Eac abactivation energy for contaminated solution, kJ/kg
Ea abreduction of energy of activation due to catalysis or hydrocarbon contamination, kJ/kg
Ei abminimum energy required to initiate a deflagration wave in Nytrox mixture, J
Eif abignition energy amplification factor
F abthrust, N
Gox aboxidizer massflux, g/cm2·s
Gtot abtotal massflux, g/cm2·s
g0 abnominal acceleration of gravity, 9.8067 m/s
H abenergy of reaction, kJ/kg
Isp abspecific impulse, s
Lport abfuel grain length, cm
Mw abmolecular weight, g/g-mol
Mfuel abconsumed fuel mass, g
Moxl abconsumed oxidizer mass, g
mflue abfuel mass flow, g/s
mox aboxidizer mass flow, g/s
mtotal abtotal mass flow through the nozzle, g/s
O/F aboxidizer/fuel ratio
O/Factual abactual oxidizer-to-fuel ratio
O/Fstoich abstoichiometric oxidizer-to-fuel ratio
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O/F abtime-averaged oxidizer-to-fuel ratio.
P1 abVenturi inlet pressure, psia
P2 abVenturi throat pressure, psia
P0 abchamber pressure or oxidizer flow stagnation pressure, psia
pexit abexit plane static pressure, psia
p∞ abambient pressure, psia
Rg abgas constant, J/kg-K
Ru abuniversal gas constant, 8314.4612 J/kg-mol-K
rL ablongitudinal average of the fuel port radius, cm
r0 abinitial fuel port radius, cm
.
rL ablongitudinal mean of fuel regression rate, cm/s
.
r abmean regression rate over burn duration, cm/s
�.
r abdependent variable for regression rate as fit by power-law curve, cm/s

sg abspecific gravity with respect to weight of water.
T0 abstagnation temperature, K
tburn abburn time, s
t abgeneric time symbol, s
Z abcompressibility factor
μ abmean value
η* combustion efficiency
γ abof specific heats
Θ abequivalence ratio
ρuel absolid fuel density, g/cm3

ρIsp abimpulse density, N·s/L standard deviation
Acronyms

ABS abAcrylonitrile Butadiene Styrene
ADN abAmmonium Dinitramide
AF-M315E abHAN Based Ionic Liquid Green Propellant
AFWL abAir Force Weapons Lab
ECAPS abEcological Advanced Propulsion Systems
ESTEC abEuropean Space Agency Space Research and Technology Center
FDM abFused Deposition Modeling
GOX abGaseous Oxygen
GPIM abGreen Propellant Infusion Mission
HAN abHydroxylamine Nitrate
HDPE abHigh Density Polyethylene
HPGHP abHigh-Performance “Green” Hybrid Propulsion
HTPB abHydroxyl-Terminated Polybutadiene
HVPS abHigh Voltage Power Supply
IL abIonic Liquid
LMP-103S abADN-Based Ionic Liquid “Green” Propellant
NOS® abNitrous Oxide Systems (Trademark)
P&ID abPiping and Instrumentation
TRL abTechnology Readiness Level
TTL abTransistor–Transistor Logic
USU-PRL abUtah State University Propulsion Research Laboratory
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Abstract: The development of hybrid rockets offers excellent opportunities for the practical education
of students at universities due to the high safety and relatively low complexity of the rocket
propulsion system. During the German educational program Studentische Experimental-Raketen
(STERN), students of the Technische Universität Braunschweig obtain the possibility to design
and launch a sounding rocket with a hybrid engine. The design of the engine HYDRA 4X
(HYbridDemonstrations-RaketenAntrieb) is presented, and the results of the first engine tests are
discussed. The results for measured regression rates are compared to the results from the literature.
Furthermore, the impact of the lightweight casing material carbon fiber-reinforced plastic (CFRP) on
the hybrid engine mass and flight apogee altitude is examined for rockets with different total impulse
classes (10 to 50 kNs). It is shown that the benefit of a lightweight casing material on engine mass
decreases with an increasing total impulse. However, a higher gain on apogee altitude, especially for
bigger rockets with a comparable high total impulse, is shown.

Keywords: hybrid rocket engine; sounding rocket; carbon fiber composite; engine test; total impulse;
lightweight design

1. Introduction

Hybrid rocket propulsion systems offer several advantages compared to solid or liquid propulsion,
such as operational safety, thrust throttling ability, and lower cost due to a simple system design,
as stated in [1,2]. However, several drawbacks prevented the achievement of an advanced technical
readiness level (TRL) in the past [3], which hindered the establishment of hybrid propulsion systems
in the commercial space market [4]. One disadvantage of hybrid propulsion is a low fuel consumption
rate, called the regression rate, which can lead to a low thrust density and sometimes complex fuel
grain shapes [5]. Another challenging aspect is the inconstant oxidizer-to-fuel mass ratio during
operation. It is caused by the fuel grain surface, which changes with continuing fuel consumption [6].
These disadvantages offer a wide range of research potential; hence, various aspects of hybrid rocket
engines (HRE) are addressed in the respective research. One of the main parameters under research
is the experimental characterization of the fuel regression rate as investigated in [2,7,8] and how it
is linked to heat transfer in the combustion chamber [9]. The regression rate also depends on other
parameters like propellant choice [10,11] and the oxidizer injecting system [12,13]. Other aspects like
throttling, combustion modeling, or design optimization were investigated in [14–16], respectively.
Due to the advantages of HRE, they are suitable for a variety of space applications such as space launch
systems [1], upper stages [17], lunar and Mars ascent stages [5,18], and sounding rockets especially
for university education. Hence, there are numerous activities of hybrid rocket engine development
at universities around the globe. For example, Tsohas et al. [19] described the 4 kN hybrid rocket
development and launch at Perdue University, where the engine was propelled with hydrogen
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peroxide (H2O2) and low density polyethylene (LDPE). At Tokai University, Japan, students developed
engines with a thrust of up to 600 N that was achieved by using a propellant combination of nitrous
oxide (N2O) and wax-based fuel [20]. Meanwhile, the Stratos hybrid rockets that were developed
by team DARE (Delft Aerospace Rocket Engineering) of Technical University Delft used a fuel
combination of sorbitol, paraffin, and aluminum powder. The engine DHX-200 Aurora of rocket
Stratos II+ reached a thrust of 10 kN and a total impulse of 100 kNs [21]. In Germany, the hybrid
rocket activities of student groups have been expedited by a national educational program called
Studentische Experimental-Raketen (STERN) that was initiated by the German Aerospace Center
(DLR) Space Administration in 2012 and is funded by the Federal Ministry of Economic Affairs
and Energy (BMWi) [22]. This program allows students from German universities to develop and
launch a supersonic sounding rocket [22]. The students are familiarized with the processes and
reviews of a real aerospace project. The primary objectives of the rockets comprise a minimum
altitude of 3 km, a minimum velocity of Mach 1, and equipment with an onboard data transmission
and a recovery system for a safe landing. During the project, the student teams were continuously
supervised by experts in the field (Rocket propulsion (DLR Trauen, DLR Lampoldshausen) and DLR
Mobile Raketenbasis (MORABA)) and the DLR Space Administration [23]. The participating student
teams were able to launch their individual rockets from Esrange (European Space and Sounding
Rocket Range) Space Center, Sweden [24]. Several of them used a hybrid propulsion system for their
rockets, like the team of Hochschule Bremen. The rocket AQUASONIC used a N2O/polyethylene
(PE) engine to reach an altitude of about 6.5 km [24]. The HyEnD (Hybrid Engine Development)
team of Universität Stuttgart developed the rocket HEROS that also used N2O as the oxidizer, but in
combination with paraffin as the fuel. This engine showed a design thrust of 10 kN and a total impulse
of over 100 kNs [24]. Furthermore, the team of Universität Bremen contributed to the STERN program.
They developed the rocket ZEpHyR (ZARM Experimental Hybrid Rocket), which applied an engine
with liquid oxygen (LOX) and paraffin as propellants and achieved a total impulse of 54 kNs.

Another contribution to the program was made by the student association called Experimental
Raumfahrt-InteressenGemeinschaft e.V. (ERIG), on behalf of Technische Universität Braunschweig.
The students were able to develop and launch successfully the sounding rocket Faust in 2015,
which used a hybrid rocket engine [23]. Due to the success and the excellent opportunity for the
practical education of university students, the STERN program was continued in a second phase
since 2017 as STERN II. The rocket Faust II shall be developed as a successor of Faust, where the
hybrid rocket engine shall be improved regarding performance and lightweight design. The design,
main characteristics, and performance of the Faust engine HYDRA 3X is described in the following.
Based on this, the design changes for the advanced engine HYDRA 4X, which will propel the Faust II
rocket, are examined in detail, before the first engine test results are presented. Measured regression
rates are compared to the results from the literature. Furthermore, a detailed analysis of the impact of
two different engine casing materials is discussed. Finally, the conclusion and outlook on the effects of
the new engine construction on lightweight design and rocket performance are presented.

2. Materials and Methods

2.1. Overview of the Sounding Rocket Educational Project within the STERN Program

The main objective of the STERN program is the provision of experience for students in overall
system design. A complete rocket system is to be designed with different subsystems to achieve
the project requirements. This includes ground segment design, system operation design, project
planning, and documentation. An overview of the whole project content is presented in Figure 1.
Various subsystems of the rocket are addressed within the flight segment. This is also shown in Figure 2,
where the rocket subsystems are visualized. One main subsystem is the propulsion system, where the
engine and valve and feeding systems are designed. The engine design and verification are emphasized
in this article.
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Project Management Flight Segment

Ground Segment

Verification Launch

Documentation

 Propulsion System
 Tanks
 Recovery System
 Electronic System
 Structure

 Ground Station
 Launcher
 Engine Test Bed

Figure 1. Overview of the STERN II project contents (STERN program logo [22]).

2.2. Design of the Faust Rocket and HYDRA 3X Engine

Faust is a sounding rocket, which is propelled by a hybrid rocket engine. A schematic of the rocket
is shown in Figure 2, and its main characteristics are listed in Table 1. Faust has a modular design of
eight segments. The nose cone is part of the two-stage recovery system that is located on top of the
electronics section. The complete propulsion system consists of a pressure vessel for pressurization of
the oxidizer vessel, valves, feeding lines, and the hybrid engine. Fins for flight stability are connected
to the body tube that accommodates the engine [25]. A successful launch with a maximum altitude of
5400 m was performed in 2015.

Recovery System

Pressure 
vessel (helium)

Electronics

Oxidizer vessel 
(nitrous oxide) Hybrid rocket 

engine  

Nose cone 

Fins 

Figure 2. Design of the sounding rocket Faust.

Table 1. The Faust rocket’s characteristics.

Parameter Value

Diameter 0.12 m
Length 3.2 m
Mass 24.1 kg
Altitude 5410.5 m
Engine HYDRA 3X
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A hybrid engine was chosen for the Faust rocket because of the advantages of the propulsion
concept. The operational safety is suitable for a student project, and the propellants are storable and
relatively safe to use. The hybrid engine HYDRA 3X uses a propellant combination of liquid N2O as the
oxidizer and a solid mixture of 70 % hydroxyl-terminated polybutadiene (HTPB) and 30 % aluminum
powder as the fuel [26]. The aluminum was added to increase the fuel regression rate. Engine test runs
with HYDRA 3X showed an increase in the regression rate of about 20 % compared to tests without the
addition of aluminum powder [26]. The engine design shows typical components of a hybrid engine,
such as an injector for feeding and vaporizing oxidizer into the following combustion chamber [27].
It is based on a shower-head injector that additionally uses a cone for diverting the oxidizer to ensure
a better distribution of the mass flow. The propellant fuel is cast directly into the combustion chamber,
which uses a star-shaped mold for creating the required fuel geometry, which is presented in Figure 3.
The fuel grain ends at the vortex disk, which generates a large vortex flow. This provides the required
mixture of both propellants. Subsequently, a conical convergent-divergent nozzle is located at the end
of the engine [26,28,29].

Injector

Nozzle
Vortex
disk

Combustion 
chamber

Fuel grain

Fuel grain 
geometryPost 

combustion
chamber

Figure 3. Design of the engine HYDRA 3X.

Most parts of the engine structure are manufactured from phenolic paper due to advantageous
ablative cooling characteristics. The nozzle throat is additionally reinforced with graphite to withstand
high thermal loads during combustion. The engine is encapsulated by a steel casing for resistance of
combustion pressure loads. The engine outer diameter is 0.09 m and therefore smaller than the rocket
diameter. Hence, an additional structure tube is necessary that is added to the engine casing mass.
Structural and performance data of HYDRA 3X are given in Table 2. A successful flight of the Faust
rocket was performed with the HYDRA 3X engine. It burned for 10 s with a mean thrust of 1.25 kN.
After a 37 s flight time, an apogee altitude of 5.4 km was reached [23]. The following objectives for the
Faust II engine, HYDRA 4X, within the STERN II project, were chosen:

• Apogee altitude of 10 km;
• Increased engine thrust and total impulse;
• Improved engine power-to-mass ratio;
• Integrated lightweight casing made from CFRP.

2.3. Design of Hybrid Rocket Engine HYDRA 4X

After the successful application of the HYDRA 3X engine, the HYDRA 4X engine for the Faust II
propulsion system was planned. It uses pure HTPB as fuel, waiving additional aluminum powder.
This propellant is cast into the engine at a liquid state. It cures by using hardener and therefore
becomes solid. The grain geometry is created by using a casting mold that is removed after the curing
process. The structure parts are made from phenolic paper, while the nozzle throat is additionally
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supported with graphite. The structure must be able to withstand the combustion pressure loads.
Thus, the engine is equipped with a CFRP laminate coating that resists the operational pressure.
The injector head is based on the design of HYDRA 3X. It is a shower-head injector with channel
orifices of 0.8 mm. A diverting cone is added, as shown in Figure 4b. The oxidizer flow impinges on
this cone, which diverts the flow and directs it to the fuel grain. The current design of HYDRA 4X is
presented in Figure 4a and key data in Table 2, respectively.

Pre-heater

Nozzle
Vortex
disk

Combustion 
chamber

Fuel grain

Fuel grain 
geometry

Post 
combustion

chamber

(a) HYDRA 4X engine

Injector head
Diverting cone

Injector channels
5

24 60

N2O

(b) Injector design

Figure 4. Design of the HYDRA 4X engine and injector with injector channels and the diverting cone.

Table 2. Structural and performance characteristics of the engines HYDRA 3X and 4X.

Parameter Symbol HYDRA 3X HYDRA 4X

Overall length l 0.47 m 0.62 m
Overall diameter d 0.09 m 0.14 m
Fuel grain length l f 0.31 m 0.34 m
Post combustion chamber length lpost 0.05 m 0.10 m
Nozzle throat diameter dt 0.02 m 0.03 m
Nozzle area ratio Ae/At 5.06 4.97
Mass m 5.7 kg 5.78 kg
Fuel mass m f 1.2 kg 2.57 kg
Casing mass mcas 3.8 kg 0.31 kg
Thrust F 1.25 kN 2.25 kN *
Total impulse Itot 12.5 kNs 35.55 kNs *
Chamber pressure pc 3 MPa 2.5 MPa *

* Design value.

2.4. Performance Calculations

The technical design of the HYDRA 4X is built upon a first evaluation of an ideal ratio of N2O and
HTPB for a maximum specific impulse. NASAs CEA-Code (Chemical Equilibrium with Applications)
suggests an oxidizer-to-fuel mass ratio of O/F = 7, using input data from Table 3, with a frozen
composition assumed after the nozzle throat. The O/F is used to calculate combustion characteristics
for the combustion chamber pressure and nozzle exit pressure. Since the ambient pressure of the rocket
changes with altitude, a value for nozzle exit pressure needs to be defined. In this case, the nozzle is
adapted to ambient pressure at half of the maximum flight altitude. Input data and relevant results of
CEA are shown in Table 3.

Based on former flight tests’ experience, a lift-off acceleration of around 5 g should be achieved to
ensure a reliable launch. This is the boundary condition to determine the required thrust F and, thus,
mass flow ṁ. This results in a thrust of 2.25 kN for the overall rocket mass of 46 kg. From:

ṁ =
F

ηengine · Isp,CEA
(1)
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Ref. [1], and:

ṁ f =
ṁ

O/F + 1
(2)

the required fuel mass flow ṁ f can be calculated. A global engine efficiency of ηengine = 91% was
determined via engine tests during the first STERN program. This is a preliminary design assumption.
Different star-shaped fuel grain geometries were iterated regarding the number of star spikes and shape.
A constant regression, perpendicular to the fuel grain geometry over full burn time, was assumed.
The regression rate for the preliminary design was approximated to ṙ = 0.6 mm/s from previous
in-house measurements. It was adapted with every hot fire test of HYDRA 4X for the design iteration.
The mean regression rate of a hot fire test was obtained through weighing the engine before and after
the test. The weight difference was converted into a geometric regression, by dividing the weight
difference with burn time and fuel grain surface area prior to testing. An optimization was carried
out for burn time tb, thrust profile according to burn time, and initial mass flow levels, given by
Equation (2). This led to a star-shaped fuel grain with the parameters shown in Section 4. Using fuel
grain geometry and mass flow ṁ f , the O/F-ratio determines the subsequent oxidizer mass flow ṁox:

ṁox = O/F · ṁ f . (3)

Table 3. Input data and results of CEA calculation.

Parameter Symbol Value

Input parameter
Oxidizer to fuel mass ratio (-) O/F 7
Combustion chamber pressure (MPa) pc 2.5
Nozzle exit pressure (MPa) pe 0.085

Output parameter
Temperature (chamber) (K) Tc 3358.1
Molar mass of reaction product (chamber) (g/mol) M 26.534
Ratio of specific heats (chamber) (-) γc 1.1494
Ratio of specific heats (throat) (-) γt 1.1474
Ratio of specific heats (exit) (-) γe 1.2274
Specific impulse (m/s) Isp,CEA 2391.9

The propulsion system of Faust II was designed to inject liquid oxidizer into the engine. A pressure
of 5 MPa was chosen for pressurization of the oxidizer vessel. This pressure level ensured a liquid
state of the nitrous oxide and thus operational temperatures up to 293 K [30]. This temperature
agreed with ambient temperature requirements set by a planned launch from ESRANGE Space Center.
With combustion chamber pressure pc and oxidizer vessel pressure pox, the theoretical injection speed
vth can be calculated using the oxidizer density ρox, assuming incompressible, stationary, and isentropic
Bernoulli flow (cf. [1]):

vth =

√
2

ρox
(pox − pc) (4)

A diameter of 0.8 mm and a length of 5 mm were chosen for a single injector orifice. The volume
flow Q̇ in a single circular orifice is decreased compared to its theoretical optimum due to stream tube
contraction and pressure losses within the orifices [6]. This relation can be expressed by:

Q̇
Q̇th

=
Q̇

vth
π
4 d2 = CD (5)

where the effects can be combined into a single factor CD. This coefficient is measured in every test to
iterate the number of injecting orifices. Equation (4) is only applicable to negligible changes of density
along the injecting orifice length. Due to the strong temperature and pressure dependency, this is
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only partially applicable to nitrous oxide injection with a strong pressure gradient from the feeding
line to the combustion chamber present. However, this approach was used in combination with the
coefficient CD to approximate the real flow behavior of the nitrous oxide.
The total number of injecting orifices nox can be calculated by:

nox =
ṁox

ρox · Q̇
(6)

The strong temperature and pressure dependency of the N2O density ρox and its effect on the
number of injector orifices is to be handled with special consideration. A good control of the N2O
parameters during fueling can circumvent off-design engine operation. This is also achieved by
varying the number of injector orifices according to N2O parameters.

An auxiliary function Γ is introduced in Equation (7) [7]. The mean of specific heat ratios γ

calculated by CEA in Table 3 is used as input. The characteristic velocity C∗ and the throat area At

are calculated by Equation (8) using molar mass M, the temperature Tc of the reaction product in the
chamber (cf. Table 3), and universal gas constant R∞ [7]. Subsequently, the nozzle throat diameter dt is
computed in Equation (9).

Γ =
√

γ ·
(

2
γ + 1

) γ+1
2·(γ−1)

(7)

C∗ = 1
Γc

√
R∞

M
· Tc =

pc · At

ṁ
(8)

dt =

√
4
π

· At (9)

The momentum thrust coefficient C0
F can be calculated according to Equation (10) by using the

nozzle exit pressure pe [7]. Equations (7) and (10) are combined into the nozzle expansion ratio Ae/At

in Equation (11) [7]. A conical nozzle is chosen due to simplicity in manufacturing. The divergence cone
half angle was set to 15◦. The length of the divergent nozzle lnozzle is calculated through Equation (12).

C0
F = Γ ·

√√√√ 2 · γ

γ − 1
·
[

1 −
(

pe

pc

) γ−1
γ

]
(10)

Ae

At
=

Γ2

C0
F ·

(
pe
pc

) 1
γ

=
d2

e

d2
t

(11)

lnozzle =
de − dt

2
· 1

tan(15◦) (12)

The thrust coefficient CF is computed by Equation (13), applying a correction factor to the
momentum thrust coefficient C0

F, correcting for the axial divergence of the exhaust of a conical
nozzle [1]. The ambient pressure pa corresponds to the static pressure of the environment and is
equal to pe at the design point. For following test data, the ambient pressure was measured at the test
site. Note that this corresponds to an optimum CF achievable for conical nozzles.

CF = C0
F ·

1 + cos(15◦)
2

+
Ae

At
· pe − pa

pc
(13)

The combustion ηc and nozzle expansion efficiency ηnozzle of the engine are calculated by
Equations (14) and (15) as ratios of experimentally measured parameters to ideal design values.
This approach enables a comparison of actual engine performance with design performance. As the
parameters might shift in the hot fire test, all experimental values are taken as mean over full burn
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time. According to [1], the overall engine efficiency is then calculated by Equation (16). All design data
of the HYDRA 4X engine in its latest iteration after the fourth hot fire test are summarized in Table 4.

ηc =
C∗

exp

C∗ =
pc · At

C∗ · (ṁox + ṁ f )
(14)

ηnozzle =
CF,exp

CF
=

F
CF · pc · At

(15)

ηengine =
Isp,exp

Isp
= ηnozzle · ηc (16)

Table 4. Design data of HYDRA 4X.

Parameter Symbol Value

Oxidizer pressure (MPa) pox 5
Combustion chamber pressure (MPa) pc 2.5
Mean density N2O (kg/m3) ρox 915.85
Discharge coefficient (-) CD 0.497
Orifice diameter (mm) - 0.8
Orifice length (mm) - 5
Mass flow oxidizer (kg/s) ṁox 0.93
Injector orifices (-) n 55

Density HTPB (kg/m3) ρ f 936.0
Regression rate (mm/s) ṙ 0.66
Mass flow fuel (kg/s) ṁ f 0.13
Outer diameter fuel grain (m) d f 0.13
Length fuel grain (m) l f 0.34
Burn time (s) tb 15.8

Nozzle exit pressure (MPa) pe 0.085
Nozzle area ratio (-) Ae/At 4.97
Momentum thrust coefficient (-) C0

F 1.47
Characteristic velocity (m/s) C∗ 1607
Throat diameter (m) dt 0.0295
Divergent nozzle length (m) lnozzle 0.07

3. Description of the Engine Test Bed

All engine tests are performed at the test facility of DLR Trauen, where all safety requirements can
be achieved. The engine test bed for HYDRA 4X consists generally of two assemblies, the fluid supply
system and the test bench. A schematic of the fluid supply system is presented in Figure 5a. The fluid
supply system also includes the test bed electronics. An intermediate tank is used to store liquid N2O
during the fueling process. Nitrous oxide is fed from cylinders directly into this tank where it can
be pressurized to 6 MPa. In contrast to the rocket system, nitrogen is used for pressurizing the N2O
tank on the test bed due to its better availability. Temperature and pressure within the intermediate
tank are measured by three sensors. Strain gauges measure the tank weight during testing to control
fueling and to determine oxidizer mass flow rates. After pressurization, the tank weight is set to zero.
Thus, only the fueled nitrous oxide mass is measured. During the hot test, the intermediate tank is
continuously pressurized by nitrogen. The change of tank weight during the hot test gives the oxidizer
mass flow. The continuously added nitrogen mass flow for pressurization introduces a systematic
error to the oxidizer mass flow measurement during the hot test. The additional weight of the nitrogen
decreases the measured oxidizer mass flow. This systematic error is not corrected. Hence, all stated
oxidizer mass flows are smaller than expected.
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(a) PID

Load cells

Engine

Test bench

Mounting
plate

(b) Engine test bench

Figure 5. (a) Fluid plan of the fluid supply system; (b) Engine test bench with the engine HYDRA 4X.
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The oxidizer feeding line is mounted to the test bench and leads directly to the test injector.
Liquid N2O is inserted into the engine through this component during the hot test. At this point,
additional measurements are taken: temperature and pressure shortly in front of the injector are
measured, as well as the combustion chamber pressure by a sensor connected to a small pipe that leads
directly into the engine pre-chamber. Pressure is measured at a sampling rate of 1 kHz. The test bench
is a robust steel construction that is modular and can be used for different engines, as is displayed in
Figure 5b. The HYDRA 4X is mounted to the test bench using a mounting plate, which accommodates
the injector and can easily be exchanged. Four load cells are integrated onto the test bench for thrust
measurement. Data logging and valve controlling are realized by the National Instruments cRIO-9074
controller [29]. It is located within an electronic box near the fluid supply system and can be controlled
remotely from the test control center.

4. Results and Discussion

4.1. Hot Fire Tests and Iteration of Design

The results for the first four hot fire tests of HYDRA 4X engine are presented in the following.
Design changes were made to increase engine performance between these tests. The changes of defined
design parameters are summarized with the resulting measured values from corresponding hot fire
tests in Table 5. The value Gox was computed according to [7]:

Gox =
ṁox

Ap
(17)

where Ap is the free port area of the fuel grain. The mean port area over burn time was considered for
the determination of the regression rate.

Table 5. Overview of the design and measured parameters of HYDRA 4X-01 to HYDRA 4X-04.

Design parameter H4X-01 H4X-02 H4X-03 H4X-04

Fuel grain geometry Geometry v1 Geometry v1 Geometry v2 Geometry v2
Injector 36 orifices 40 orifices 40 orifices 55 orifices
Post combustion chamber length 0.06 m 0.09 m 0.1 m 0.1 m

Measured parameter as mean over burn time

tb (s) 8 15.7 12.2 12.3
F (kN) 1 1.2 1.6 2.3
pc (MPa) 1.5 1.8 2 2.3
ṁ f (kg/s) 0.08 0.1 0.13 0.12
ṙ (mm/s) 0.44 0.63 0.72 0.66
pox (MPa) 4.4 4.2 4.95 4.6
ṁox (kg/s) 0.72 0.63 0.65 1.01
Gox (g/cm2s) 15.7 10 10.7 17.2
O/F (-) 8.75 6.3 5 8.4

Pressure values of the intermediate tank, injector, and combustion chamber were measured during
all engine tests. The measurements of the first four engine tests are presented in Figure 6. Three general
test phases are visible in all four graphs: The first phase describes the condition when the intermediate
N2O tank was filled and pressurized to a pressure between 4.8 and 5.6 MPa. The combustion phase
started with opening of the main oxidizer valve, and the tank pressure reduced slightly as the oxidizer
flowed into the engine. A decrease of tank pressure over time could be noticed. This was a result of an
insufficient pressurization of the fluid supply system used, which was originally designed for lower
oxidizer mass flows. Therefore, the achieved oxidizer mass flow decreased over burn time in every
test, i.e., initial and end values were in the range of a 10% deviation of mean oxidizer mass flow over
burn time. Tank and injector pressure differed by a small value that complied with pressure loss in
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the feeding line. Injector and chamber pressure showed increased values after opening of the main
valve. After closure of the main valve, thrust and combustion chamber pressure decreased fast to
values prior to ignition, while the intermediate tank pressure increased again. The injector pressure
did not drop to ambient pressure again, because the feeding line was still pressurized. For the first
two tests, the feeding line extended with about a 2 m length between the main valve and engine; cf.
Figure 5a. Due to this, the engine received oxidizer for a longer time than desired after main valve
closure. To reduce this effect, the main valve was relocated directly in front of the engine for the third
and fourth test.

(a) HYDRA 4X-01 (b) HYDRA 4X-02

(c) HYDRA 4X-03 (d) HYDRA 4X-04

Thrust
Combustion chamber pressure

Intermediate tank pressure

Injector pressure

Figure 6. Engine test data for HYDRA 4X-01 (a), 4X-02 (b), 4X-03 (c), and 4X-04 (d).

The mean thrust of the first two engine tests was about 1.2 kN, which was apparently lower
than the design thrust. Accordingly, the average combustion chamber pressure of 1.8 MPa was
low compared to the design value of 2.5 MPa. Analysis of test parameters yielded that the target
value for oxidizer mass flow was not reached and the nozzle was manufactured inaccurately.
Design changes between HYDRA 4X Versions 01 and 02 were made to increase engine performance:
nozzle manufacturing was improved; post combustion chamber length was increased by 30%;
and injector design was changed to improve mass flow through an increase of orifice number and
manufacturing quality and the combustion of both propellants by flattening the diverting cone angle.
Since there were no remarkable changes between the performance results of HYDRA 4X-01 and
4X-02, the consumption of the star-shaped solid propellant grain was examined for the second test in
Figure 7b. Two main aspects could be determined. First of all, it was evident that HTPB consumption
decreased with combustion chamber length. The mean consumption showed values between 30 mm
at the fuel grain front and only 20 mm at the end considering the star peaks. This was also apparent
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for star indentations where consumption values varied from 7 mm to 0 mm. The latter meant no
consumption at all. Hence, the consumption of star indentations was significantly lower than that of
star peaks. The authors assumed that although the target mean regression rate was reached, the uneven
consumption over length and major differences between star peaks and indentations contributed to
engine performance, as the overall fuel grain surface in the combustion process was decreased.

As a result, the fuel grain geometry was changed for the test of HYDRA 4X-03 as presented in
Figure 7a with parameter values summarized in Table 6. The number of star peaks was decreased from
eight to six, and the geometry was changed so that consumption of star indentations was augmented.
The consumption measurements of HYDRA 4X-03 showed that the design changes enhanced the
HTPB consumption, especially for star indentations, as can be seen in Figure 7c. Additionally, a more
even consumption along engine length was demonstrated. Therefore, a higher mean thrust value of
about 1.6 kN at a chamber pressure of 2 MPa could be reached, as presented in Figure 6c. These values
were still below the design parameters, which could be traced back to a low oxidizer mass flow. As a
result, the injector was adapted once more between Tests 03 and 04 by increasing the number of
injecting orifices.

D

 
 

(a) Comparison of fuel grain geometries v1 (left) used in H4X-01 and H4X-02 and v2 (middle) used in
H4X-03 and H4X-04. Measurement points for geometric consumption are indicated in the respective
geometries on the right.

(b) HYDRA 4X-02 (c) HYDRA 4X-03

peak before test peak after test peak mean after test
indentation before test indentation after test indentation mean after test

Figure 7. (a) Comparison of fuel grain geometry iterations; (b,c) Thickness of the HTPB fuel grain at
star peaks in black and indentations. Distances were measured originating from the chamber wall.
Symbols represent measurement points as indicated in (a), and lines resemble the corresponding
mean values.
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Table 6. Parameters of two fuel grain geometries of HYDRA 4X.

H4X-01, 02 H4X-03, 04

D 130 mm
n 8 6
α 25◦ 12◦
β 70◦ 48◦

With this adjustment, a mean thrust of approximately 2.3 kN was reached at a chamber pressure
of 2.3 MPa, an injector pressure of 4.6 MPa, and an oxidizer mass flow of 1.01 kg/s, as presented in
Figure 6d. However, the mean oxidizer mass flow exceeded the design value of 0.931 kg/s. This resulted
in a mean O/F of 8.4 over the full test time, compared to a design O/F of seven. The fuel mass flow of
0.123 kg/s was in good accordance with the design value of 0.133 kg/s. To reach an appropriate oxidizer
mass flow, the number of injecting orifices would be decreased, and the directional characteristic of
the injector would be changed to supply oxidizer more directly at the star indentations. To achieve
this directional behavior, the injector orifices would be aligned with the angular position of the star
indentations. HYDRA 4X-04 yielded 86% efficiency of the design Isp. This global efficiency could
be divided into 87% combustion efficiency and approximately 99% nozzle efficiency. Although the
minimum design thrust was surpassed, it could only be achieved through an excess of injected oxidizer
mass flow. As the flight fluid supply system would not be able to sustain this increased oxidizer
mass flow for the complete burn time, further work would have to be carried out to achieve design
performance at tolerable oxidizer mass flows.

Figure 8 shows the fuel grain regression rates obtained from the four tests compared against data
from the literature [8,31–33]. The regression rate curves from these data follow the empirical power
law [7]:

ṙ = a · Gn
ox (18)

in which the coefficients a and n were obtained through experimental data. These experiments
were conducted for the same combination of propellant and oxidizer at similar combustion chamber
pressures and comparable O/F. The main differences to HYDRA 4X were the fuel grain geometry
and injector type. Only fuel grains with single circular port geometries were tested in the references
presented. The determined regression rates from four HYDRA 4X tests were located between the
fitting curves of [8,31,32].

Figure 8. Comparison of fuel grain regression rates with literature data [8,31–33].
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4.2. Impact of Engine Casing Material on Flight Apogee

The different designs of two HYDRA engines 3X and 4X were already discussed. Although there
was a clear difference between engine performance data, structural changes were also made.
A comparably heavy steel casing of HYDRA 3X was replaced by a CFRP coating to reduce engine mass.
This consequently resulted in a higher apogee. On the other hand, using CFRP also meant higher effort
in design, calculation, manufacturing, and costs. Therefore, it was interesting to evaluate the impact
of this change on engine mass, total hybrid rocket mass, and on flight apogee. Thus, a parametric
analysis for fundamental hybrid rocket pre-design was conducted. This was done by a MATLAB tool
that was established during the STERN II program. It uses geometric and mass relations for estimating
the design of sounding rockets. The tool calculates the engine data, such as propellant mass, mass flow,
and burn time, based on a requested mean thrust and total impulse. The regression rate was assumed
to be constant over burn time. The fuel mass flow was calculated according to a mean fuel grain
surface and a constant oxidizer mass flow. The selectable fuel grain geometry was either a monoport
or a star shape, and a conical nozzle was used. Two pressure tanks made from CFRP for oxidizer and
pressure gas were calculated based on engine data. Residual rocket components like electronics or
parachutes were estimated by the user. Physical relations for hybrid engines and flight mechanics
(described in [1,7,34]) were used to estimate flight performance, using the mean thrust as a constant
thrust profile over burn time. The tool analyzes first estimations on rocket design factors like engine
performance, geometric dimensions, and flight parameters, such as flight apogee. The analysis is suited
for rockets in an impulse range of 10 to 50 kNs and cell diameters of 100 to 180 mm. A parametric
study was carried out for a basic rocket design with a constant cell diameter of 150 mm while the total
impulse was increased continuously from 10 to 50 kNs. The rocket engine became larger (as more
fuel was required) and longer. The engine structure mass and casing mass rose with increasing total
impulse. The total impulse of an engine could be calculated by thrust F and engine burn time tb [1]
according to Equation (19). This relation could be used here, since the design tool used a mean thrust
value for calculations, even though the thrust profile was usually not constant for HRE.

Itot = F · tb (19)

The launch acceleration of the rocket shall be about 5 g at a rail length of 9 m. This results in a
minimum thrust for an estimated rocket mass and a corresponding burn time. To characterize the
relation between fuel and engine structure mass, two mass factors were introduced. Firstly, the relation
factor fcm compares engine casing mass mcas to fuel mass m f that can be accommodated by the
engine. This factor shows how much casing mass is required for a defined fuel mass to reach a certain
total impulse.

fcm =
mcas + m f

m f
(20)

A second relation factor fem is defined, which represents a comparison between overall engine
mass me (including fuel mass) and fuel mass. This factor links fuel mass to engine structure mass mstr

that includes casing and other structural engine components.

fem =
me

m f
=

mstr + m f

m f
(21)

Using these engine parameters, a basic rocket design was developed and the results discussed.
They were compared to the design parameters of the engine HYDRA 4X for the Faust II rocket that
were presented. Figure 9a shows the defined mass relation factors as a function of total impulse in a
range from 10 to 50 kNs.
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fcm H4X fem
 H4X

(a)

Faust II (H4X)

(b)
Figure 9. (a) Mass ratios fcm and fem for steel and CFRP casing materials; (b) Flight trajectories until
apogee altitude for three different rocket designs, again with steel or CFRP casing material.

Two main aspects can be derived from Figure 9a. A steel casing is heavier than a CFRP casing,
but the relations between casing mass and fuel mass ( fcm) change over the total impulse range.
For smaller engines with a low total impulse of about 10 kNs, the weight of a steel casing is seven times
higher than the respective fuel mass. This relation decreases with total impulse and shows a factor of
about 3.5 for engines with a total impulse of 50 kNs. In comparison to that, fcm for a CFRP casing is
nearly constant over the impulse range, where a mass factor of about 1.4 is reached. A second aspect
addresses the total engine structure mass. It is derived from the casing (outer structure) and other
structural components as presented. As Figure 9a shows for small engines (10 kNs), the mass factor
for overall engine mass fem is at 15.7 for steel and 8.8 for CFRP casing material. This shows that the
residual engine structure mass (disregarding the casing) cannot be neglected, although the mass factor
fem decreases with rising total impulse. The overall engine structure mass with a steel casing is about
four times higher than the required fuel mass at an impulse of 50 kNs. In contrast, the structure mass
with a CFRP casing is about twice as high as the accommodated fuel mass. Thus, the data showed that
the engine structure mass was relatively high compared to the required fuel mass, especially, for a small
impulse class. Less structure mass is needed relative to fuel mass for higher impulses. When using
CFRP instead of a steel casing, the engine structure mass can be reduced by about 50 % for the whole
impulse range. The mass factor fcm for a steel casing shows a maximum for a small engine class,
where the engine structure mass is very high compared to the fuel mass. Both mass factors decrease
with increasing impulse. However, an engine with steel casing results in a mass twice as high as an
engine with CFRP casing over the whole impulse range. The achieved values for the engine HYDRA
4X (35.5 kNs) are added in blue color. A fcm value of 1.12 was in good accordance with the results of
the parametric analysis. The engine mass factor fem of 2.45 was lower than the analysis result of 3.3,
which meant that less structure mass was needed for this engine than the parametric tool assumed.

Figure 9b shows the effect of casing material on flight apogee. Two existing (H3X, H4X) and one
theoretical (H5) engine and subsequent rocket designs are presented in two versions: steel and CFRP,
as presented in Table 7, where hybrid engine rockets for a range of impulses and rocket diameters are
compared. For these designs, an approximated flight apogee was calculated to evaluate the casing mass
impact. The flight trajectory is plotted until apogee, where the recovery system would be activated.

As Figure 9b shows, an apogee of 5.7 km for Faust with a hybrid engine using a steel
casing was reached. This was similar to Faust flown in 2015 with an apogee of roughly 5.4 km.
Therefore, the analysis provided reasonable results. An apogee difference for the two casing materials
of about 500 m and a mass difference of about 2.2 kg were derived for Faust. A higher impact on
apogee difference was observed for Faust II. Using a CFRP casing, Faust II was able to reach an altitude
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of 15.6 km (compared to 13.7 km when using a steel casing), which represented an apogee increase of
about 14%. The fully designed Faust II with a CFRP engine showed a higher mass than the pre-design
(+6.7 kg), resulting in a lower apogee altitude of 11.2 km. The trend for an increase of apogee rose
for the larger engine HYDRA 5 (cf. Table 7). By using a CFRP engine casing, an increase of 3.1 km
(20.3%) was achieved compared to a steel casing. It was evident that a lighter CFRP engine casing was
beneficial, especially for engines with higher total impulse and diameter values.

Table 7. Comparison of rocket design parameters for three different engines with two different casing
materials. Results presented in parentheses correspond to real flight data for Faust and CAD data for
Faust II.

Parameter Faust Faust II H5 rocket

Cell diameter (m) 0.123 0.143 0.17
Engine HYDRA 3X HYDRA 4X HYDRA 5
Thrust (kN) 1.25 2.25 3
Total impulse (kNs) 12.50 35.55 50

Rocket mass (kg) Steel: 26.4 (24.1)
CFRP: 24.2

Steel: 44.3
CFRP: 39.6 (46.3)

Steel: 59.0
CFRP: 51.1

Apogee altitude (km) Steel: 5.73 (5.41)
CFRP: 6.22

Steel: 13.7
CFRP: 15.6 (11.2)

Steel: 15.3
CFRP: 18.4

5. Conclusions and Outlook

The previous and current development activities of hybrid rocket engines at Technische
Universität Braunschweig were examined. The design of the rocket engine HYDRA 3X was described,
which was launched at the Esrange Space Center in 2015. It was a hybrid engine using nitrous oxide as
the oxidizer and HTPB as the fuel. Based on this, a new engine HYDRA 4X was developed, which was
designed for the Faust II rocket. The main design changes compared to HYDRA 3X were a higher total
impulse and thrust and the CFRP casing material. The test bed and first test results of the new HYDRA
4X engine were shown. The design changes to iterate a requested engine performance were explained.
In addition, the obtained fuel grain regression rates were compared to literature data.

To quantify the impact of different casing materials on rocket mass parameters, a parametric
study was performed. First, casing and engine structure masses were compared to the fuel mass.
It was shown that the fraction of structure mass to overall engine mass decreased over increasing total
impulse, although the impact of casing material on rocket apogee altitude increased. The analysis was
suited best for rockets with diameters between 100 and 180 mm and impulses between 10 and 50 kNs.
A CFRP engine casing material showed a clear advantage over a heavy metal casing when only flight
altitude was considered. However, other design, manufacturing, and cost parameters have to be taken
into account to quantify the benefit of the material choice. In a next step, the parametric analysis will
be extended to a wider range of impulses, and the pre-design of other rocket components like the
recovery and electronics system will be refined.
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Abbreviations

The following abbreviations are used in this manuscript:

Nomenclature
A Area (unit: m2)
a Regression rate coefficient
C Coefficient (unit: -)
d Diameter (unit: m)
F Thrust (unit: N)
G Oxidizer mass flow-to-free port area ratio (unit: g/cm2s)
f Relation factor (unit: -)
Isp Specific impulse (unit: m/s)
Itot Total impulse (unit: Ns)
M Molar mass (unit: g/mol)
m Mass (unit: kg)
ṁ Mass flow (unit: kg/s)
n Regression rate coefficient, number (unit: -)
p Pressure (unit: Pa)
Q̇ Volume flow (unit: m3/s)
R∞ Molar gas constant (unit: J/mol·K)
T Thermodynamic temperature (unit: K)
t Time (unit: s)

Greek Symbols
η Efficiency (unit: -)
Γ Auxiliary function (unit: -)
γ Ratio of specific heats (unit: -)
ρ Density (unit: kg/m3)

Subscripts
a Ambient
b Burn
cas Casing
c Chamber
D Discharge
e Engine, exit (nozzle)
f Fuel
ox Oxidizer
p Port
str Structure
t Throat
th Theoretical

Abbreviations

TRL Technical readiness level
HRE Hybrid rocket engine
DLR German Aerospace Center
STERN Studentische Experimental-Raketen
MORABA Mobile Raketenbasis
IRAS Institute of Space Systems
ERIG ExperimentalRaumfahrt-InteressenGemeinschaft
BMWi Federal Ministry of Economic Affairs and Energy
HYDRA Hybrid Demonstrations-RaketenAntrieb
HTPB Hydroxyl-terminated polybutadiene
N2O Nitrous oxide
H2O2 Hydrogen peroxide
LDPE Low density polyethylene
PE polyethylene
LOX Liquid oxygen
CFRP Carbon fiber-reinforced plastic
O/F Oxidizer-to-fuel mass ratio
NASA National Aeronautics and Space Administration
CEA Chemical Equilibrium with Applications
PID Piping and instrumentation diagram
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Abstract: A new ignition system, based on a CH4/O2 torch has been developed by the Chemical
Propulsion Laboratory of the University of Brasilia. Designed to ignite a hybrid rocket, this device
has been improved to be used in testing of solid and liquid ramjet engines under development in our
lab. The capability to provide multiple ignitions and to cool-down its combustion chamber walls by
using a swirled injection of the oxidizer, along with a very low weight to power ratio, makes this
device versatile. The igniter is controlled by a feedback system, developed by our group, which
guarantees the possibility of operating in different design conditions enabling, therefore, complete
integration with systems of different nature. The main characteristics of the igniter and the design
solutions are presented including some considerations about the tests performed to evaluate the
quality and performance of the ignition system.

Keywords: ignition system; gas torch; methane-oxygen combustion; vortex combustion chamber;
hybrid rocket motor; ramjet motor

1. Introduction

A torch ignition system has been developed in the Chemical Propulsion Laboratory (CPL) of
the University of Brasilia in the context of a project sponsored by the Brazilian Space Agency (AEB)
promoting design and development of a scientific payload (the SARA capsule) [1] powered during the
re-entry phase by a hybrid rocket.

Designed to ignite a hybrid rocket, this device has been improved to be installed and used to test
other engines [2,3]. With a very low weight to power ratio, the ability to provide multiple ignitions
and the possibility to cool its combustion chamber walls by using a swirled injection of the oxidizer
this device is versatile. The igniter in fact is controlled by a feedback system developed in CPL which
guarantees the possibility of operating in different design conditions enabling, therefore complete
integration with systems of different nature.

The control system acts changing the O/F ratio by increasing or decreasing the swirled mass flow
rate of oxygen; a lean mixture corresponds to an increased cooling effect on the wall as result of the
combined effect of an increased layer of oxygen protecting the walls and a reduced quantity of energy
delivered inside the combustion chamber. The oxidizer–fuel combination selected is O2/CH4, because
it is a green, well known and highly reacting mixture, able to deliver energy at various equivalence
ratios with a relatively high density. Moreover this mixture is storable in space and nontoxic, reducing
costs, and complexity of storage when compared to some other, more widely used, fuel–oxidizer
combinations. Finally, when operating under lean conditions, combustion products are still rich in
oxygen, thus favoring the ignition of the propellants in the main combustion chamber.

The aim of this work is to present the main characteristics required and the design solutions
adopted for the igniter and to discuss the tests executed to evaluate quality and performance of the
control system.

Aerospace 2020, 7, 114; doi:10.3390/aerospace7080114 www.mdpi.com/journal/aerospace333



Aerospace 2020, 7, 114

2. Igniter and Ignition System

Different types of igniters for rocket motors are available in the literature: these include hypergolic
reactants, resistive elements (low voltage), augmented high voltage spark (liquid bi-propellant torch),
pyrotechnics, catalyzed monopropellants, gas-dynamics systems, and high power plasma arcs [4,5].
During the development of our hybrid propulsion system, we have constantly used a pyrotechnic
ignition system, the main disadvantage of which is the impossibility of re-ignite the engine. Moreover,
on a laboratory-scale it’s preferable to have a controllable, reliable ignition system with a simple power
regulation, which could be used in different aerospace applications, such as hybrid rocket motor or
ramjet motor. Thus, a gas torch ignition system could be a good option for the motor initiation because
of its relative simplicity and reliability [6,7].

The experimental basis of the current work is a general flammability study [8] of various mixtures
including the methane-oxygen with additives and impurities influencing the flame formation and
ignition limits of gases. According to [8] a methane-oxygen pure mixture is flammable on a wide
range of concentrations; however, a stable ignition could exist only when a methane concentration lies
between 5% and 60% by volume. Another important parameter involved in the ignition process is the
spark energy required for reliable flame initiation. From [8] it is known that the “ignitibility limit” for
GOX/GCH4 mixture is close to 1 mJ.

The study of recent publications in the area of interest for this work has allowed to qualify
and quantify the combustion properties of methane-oxygen flames. Analytical estimation of the
flame structure in this paper is based on the work of Melvin and Moss [9] where the properties of
methane-oxygen diffusion flames are given in a precise mathematical and physical model allowing a
critical comparison between different reaction schemes and the elaboration of an analytical prediction
of the mixture composition during the combustion process. Previously Bae et al. [10] have found the
stability limits of the oxygen–methane diffusion flame using the jet and vortex injectors combination.
A model of a compact size injector was elaborated showing a dependence of the visible flame length
on Reynolds number and O/F ratio.

The work of Ellis [11] describes a background of a LOX/CH4 swirled torch ignition system
for a rocket engine and shows the flammability maps for various combinations of propellants.
Pauly et al. [12] show conditions of the flame attachment to the injector when applied to coaxial
jets, flame stabilization in time and its liftoff distance during the flame stabilization.

The ignition characteristics of a small thrust rocket engine working on methane-oxygen mixture
were described by Jiaqi et al. [13]; the injectors’ configuration was determined in order to achieve a
stable motor ignition. It was confirmed that a spark-plug directly connected to the rocket engine’s
combustion chamber is not capable to supply enough energy for ignition. In this context, the design of
a compact stand-alone torch igniter becomes an important key technology for reliable ignition of a
rocket motor.

According to Li [14], swirling flows of pure methane-oxygen diffusion flame similar to that of our
work are characterized by a stable tubular flame for Φ ∈ (0.52, 1.05); outside of these limits, depending
on the geometry of the combustion chamber and the injector, the flame could oscillate or be unstable.

The development of the torch ignition system for the Vinci upper stage engine was described by
Frenken and Vermeulen [15]. The components of the system were described and the main parameters
of the system operation were discussed. It was shown that a compact gas torch igniter of 440 kW of
thermal power could show a reliable operation when its design and flow conditions are optimized.

Kinetic mechanisms for modern CFD tools of methane-oxygen mixture combustion were studied
by Haidn et al. [16] in order to estimate a design approach for effective injectors geometry and flow
conditions for startup combustion sequence and key requirements for the feasible ignition system.

Moon et al. [17] carried out an experimental study on a methodology to estimate the reliability
of a pyrotechnic ignition system for a hybrid rocket motor, which could be extended to the gas torch
ignition system discussed in this work.

334



Aerospace 2020, 7, 114

Vortex combustion chambers are thus known in the literature for their capability to improve fuel
mixing and combustion. For example, Yi et al. [18] shows an igniter, based on a pre-mixed flame,
in which it is possible to obtain an excellent level of mixing in the combustion chamber by using crossed
flow injection. In this work another concept has been developed: the swirled flow, in fact, surrounds
the methane jet so as to keep the flame away from the walls of the chamber up to its outlet section.
This allows small size and weight of the igniter with undoubted advantages. Furthermore, on [18] the
effects of a flame not parallel to the axis on the grain combustion is not described. In our tests we found
that a pilot flame parallel to the engine axis guarantees uniform combustion in the radial direction.
For these reasons the preliminary design of our igniter was challenging: before manufacturing the
prototype, many configurations were designed and tested, with the help of numerical fluid dynamics,
varying combustion chamber length, fuel injector and nozzle geometries. Figure 1 shows the baseline
geometry selected with the expected flow lines distribution colored by temperature.

Figure 1. Streamlines distribution colored by temperature (cylindrical injector, Φ = 0.4).

During this phase, many solutions for the CH4 injector geometry were tested; as a result,
the conical injector configuration was selected and manufactured because of its ability to reduce
the surfaces exposed to the aggressive attack of radicals combined with intense heat fluxes. The igniter
assembly with the rocket motor shown on Figure 2 consists of the following components: 1—fuel
inlet, 2—oxidizer injector, 3—fuel injector, 4—sensor interface, 5—fuel inlet fastener, 6—oxidizer inlet,
7—igniter casing, 8—combustion chamber, 9—spark plug interface, 10—oxidizer closure, 11—injector
plate, 12—injector interface, 13—igniter sealing.

As shown in the schematic above, while methane is injected by means of a jet parallel to the
axis (1), oxygen enters the combustion chamber (6) passing through helical ducts (2) which impart the
desired circumferential motion. The swirled flow thus, surrounding the fuel jet, controls the extension
of the reacting region and its temperature; by increasing or decreasing the oxygen mass flow rate it is
thus possible to protect the walls until the exit section. Downstream of the CH4 injector are located the
spark plug (9) and thermocouple (4) interfaces; flow temperatures have been measured varying the
position of the thermocouple along the 24 mm long diameter AB.

To ensure a high resistance to thermal fluxes and corrosion all the components shown in Figure 2
are made of stainless steel 310.
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Figure 2. Igniter assembled into the hybrid motor.

Table 1 completes the description of the igniter summarizing the required performance in case of
use as hybrid rocket igniter and also as solid or liquid fueled ramjet pre-heater (simulating the same
conditions expected, for different Mach numbers, downstream of their inlet).

Table 1. Design criteria for the ignition system.

Parameter Value

Minimal power (hybrid), kW 3
Minimal power (ramjet), kW 40
Minimal number of ignitions 16 × 3 s
Minimal system operation, s 48

Ignition probability in a 99.7%
sequence of 3 ignitions

Electric power, W 20

As the table shows, attention has been paid especially to the reliability of the ignition requiring a
very high success rate within three consecutive ignitions. Indeed the control system is able to manage
up to 16 ignition attempts, each 3 s long, thus ensuring a high probability of ignition.

The ignition system, shown in Figure 3, is composed by a feeding system and a control system.

Figure 3. Ignition system schematics.

The feeding system is composed by two high-pressure tanks filled by oxygen and methane.
Each flow, passing through a pressure regulator valve (2), reduces its pressure; then, downstream of
a flow valve (3) controlled by the ignition algorithm, a non-return spring loaded check valve (5) is
preventing backflow phenomena. Finally both flows are injected into the combustion chamber through
the injectors and ignited by a spark plug (6) through the spark generator (SG).

The pressure sensors (4) along the feeding lines and inside the combustion chamber are used
to determine the mass flow rate of the propellants; moreover a thermocouple installed inside the
combustion chamber reads the temperature. These data, sent to the 14 bit A/D converter of DAQ are
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processed by using a control algorithm developed in the CPL and written using the G-Language of the
LabVIEW environment.

The pressure transducers have been installed using T-adapters of the same diameter of pipes
to avoid losses allowing thus a more precise measure of the static pressure in the system. They can
be positioned, if required, upstream of the flow valves (3) to estimate the pressure drop and flow
coefficients inside the valve. Finally, the thermocouple installed inside the combustion chamber is
connected to an adjustable adapter, allowing measurements along the chamber diameter; the adapter
connection is also compatible with the pressure transducer (7).

3. Qualification Tests

More than 400 tests were performed, verifying mainly resistance and reliability of the components.
Particular attention has been paid to measuring temperature and pressure in the feed lines and
inside the combustion chamber. These data have been used as feedback informations to capture the
ignition moment and to control the mass flow rate and energy output of the igniter. Performance in
terms of ignition limits, repeatability and delay have been verified; finally, flame stability at low and
high-pressure and power released have been investigated. All these tests have been performed using
the system to ignite a hybrid rocket.

A series of measurements has been performed, for pressure and temperature, varying the mass
flow rates and thus the O/F ratio of the mixture; every measure was repeated at least 25 times for all
points of interest in order to collect statistical data assessing the repeatability of the ignition process.

The mass flow rate of oxidizer and fuel has been calculated carefully by using the water
displacement method, a procedure allowing the calculation with a very low margin of error. To perform
this measurement, the ignition system was assembled downstream of a large volume water tank.
Thus the valves have been opened for a period of time sufficient to ignore inertia effects; the amount of
water displaced during this time was measured and the gas compressibility correction was recalculated.

Test have also been performed to evaluate the “energy absorbed”, that is the quantity of the heat
efficiently transferred to the solid grain of paraffin. This is a fundamental parameter for solid fueled
hybrid rocket and ramjet because it is connected with the energy required to liquefy and or vaporize
the fuel allowing homogeneous reactions in the main combustion chamber. The ignition system has
been assembled with our hybrid engine; thus, many tests were executed, all with constant motor
configuration and same initial grain mass and geometry. Varying the mass flow rate of CH4 and O2

and thus their O/F ratio, the grain consumption due to the paraffin melting and evaporation processes
were measured; finally, the power absorbed by the fuel grain has been evaluated by calculating the
variation of its mass:

W = Δm(csolΔTsol + c f usion + cliqΔTliq)/Δt (1)

where Δm is the mass of melted paraffin, csol and cliq are the averaged specific heat capacity of the
paraffin in solid and liquid state, respectively, ΔTsol is a difference between paraffin fusion point
and ambient temperature, ΔTliq is a difference between liquid paraffin temperature at the end of the
experiment and the fusion temperature, c f usion is a specific heat of paraffin fusion, Δt is the duration
of the experiment. The quantity of evaporated paraffin was considered negligibly small and was not
considered in the Equation (1).

Table 2 finally shows the maximum error allowed in the measurement of the quantities of interest,
evaluated considering all the possible sources of error in the system.

All the experimental tests have been repeated at least 2 times to minimize the possibility of errors
during the execution.
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Table 2. Measurement errors.

Parameter Units Value

Temperature K 5
Thermocouple position mm 0.05

Pressure % 0.05
Mass flow % 0.5

Absorbed energy % 3.4

4. Results and Discussions

Opening the valves in angles ranging from 0◦ (fully closed position) to 90◦ (fully open position),
the pressure difference registered between the sensors (4) and (7) increased from 1 to 5 bar inside the
fuel line and 1.5 to 5 bar inside the oxidizer line. Measurement of the pressure difference between
sensors (4) and (7) takes into account the check valves and other local pressure losses.

Figure 4 shows the results of all the experiments for both propellants, where the measured mass
flow rate has been normalized by using a reference values of 4 g/s for the oxidizer and 0.7 g/s for
the fuel.

Figure 4. Relative mass flow rate as a function of the valves opening angle α and line total pressure p0.

Here we can observe a strong correlation between the inlet total pressure and mass flow rate,
as well as the influence of the valves opening angles. With these data it is possible to easily calculate
the O/F ratio (and total mass flow rate) by using the following correlation:

O/F =
ṁox

ṁ f
=

f1(p0,ox, αox)

f2(p0, f , α f )
(2)

The minimal amount of gas required for 16 ignitions of the hybrid rocket motor [1] are mox =
105 g, and m f = 20.56 g, calculated taking into account the average ignition delay of 1.16 ± 0.48 s
measured experimentally.

Pressure levels after the check valves and in the combustion chamber have been measured during
the ignition process and are shown on Table 3, as an average of 50 tests. Here, two opening levels
have been used: partially open, used for the flame initiation process, and fully open required during
the fully developed combustion process. The pressure regulator valves (2), has been set to a pressure
p2 = 3 bar for both the fuel and oxidizer lines. After a group of 50 tests mean pressure values and
standard deviation have been estimated in order to provide the flame temperature and energy output
variation in a group of tests.
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Table 3. Pressure variation during the ignition process.

Valve Opening Location p, mbar σ, mbar

Oxidizer 32.1 1.1
Partial Fuel 771 61.9

Chamber 0.4 0.14

Oxidizer 567.4 4.5
Full Fuel 2194 47.6

Chamber 95 11

These values of the standard deviation show the required repeatability of the flow properties.
A sequence of 100 attempts was performed to test the ignition probability, each attempt with duration
of 1 s. Not a single failure of the ignition system was found during this test and the ignition probability
has been shown to be P ≥ 99% for the single attempt, and P ≥ 99.99% for three attempts in a sequence.
These values can be considered strictly speaking valid just for the flame initiation process because
other possible failure probabilities such as malfunction of sub-components like spark plug, valves,
sensors, control system or others have not been included. However, after more than 400 tests not
a single sub-system component failure has found, suggesting a very high level of reliability for the
whole system.

Figure 5 shows the results obtained during the tests done to evaluate the power absorbed by the
grain; data are reported as total propellant mass flow rate vs. O/F ratio with the absorbed power as
parameter. A strong relation between the mass flow rate and the absorbed energy has been observed;
among all the possible combinations, the couple ṁΣ = 2.38 g/s and O/F = 5.78 has been considered
optimal because it provides sufficient power for the rocket or ramjet motor ignition (no ignition failure
was detected among hundreds of tests) and allows an efficient cooling process.

There were 14 experimental points in the O/F ratio and mass-flow-rate domain used to draw the
contours of Figure 5.

The left-upper corner of the Figure 5 corresponds to high energy output at near stoichiometric
values; the low O/F ratio of this region makes it useless because decreasing the mass flow rate of the
swirling flow we are decreasing the efficiency of the cooling layer protecting the wall against overeating.

Figure 5. Average power in kW absorbed by the fuel grain: contour lines are approximations of the
experimental data.
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Figure 6 shows the temperature values measured along the vertical line AB, defined earlier (Figure 2).
The flow conditions are the same giving the optimal solution identified with the previous tests.

Figure 6. Temperature measured on line AB.

First of all, the effect of the thermocouple on the flow was tested: it partially brakes the cooling
vortex and increases the wall heating. This effect is dependent on the thermocouple position. After
various tests, the optimal thermocouple position was found to be at y = −3.0 mm from the axis, being y
the vertical coordinate along the AB segment with zero coincident with the injector axis. This position
allows a detection of the temperature rise during the ignition process reducing the interference with
the cooling vortex. To confirm the efficient effect of the swirling flow in cooling the wall, the maximum
temperature registered during 20 s of combustion has been T = 95 ± 2 ◦C which is significantly lower
than 1150 ◦C allowed for the alloy AISI 310S in continuous service [19]. The efficiency of the cooling
effect has been also qualitatively observed during a long test sequence of 180 s. The thermocouple
was removed from the combustion chamber in order to reduce the disturbances in a swirling flow.
Ignition was detected by the change of the exhaust temperature. No significant heat loads, capable
of damaging the walls of the combustion chamber or its components, including the nitrile o-rings,
have been experienced; the igniter has been disassembled without using heat protection.

It is important to highlight that the total measurement error reported in Figure 6 includes the
error due to the thermocouple positioning, estimated to be of order of ±0.05 mm.

5. Conclusions

All the performed tests show a stable, reliable and predictable behavior of the whole ignition
system. The system overheating has been efficiently prevented by burning oxidizer-reach mixtures
with O/F ranging between 5 and 8, being O/F = 5.78 the value allowing the best compromise between
energy released and cooling effect on the walls. Moreover, optimal pressure limits for the energy
delivery have been found equal to p0 = 2.5–3 bar for both oxidizer and fuel feeding lines. With the use
of the displacement method it has been possible to find and test the relation between pressure and
mass flow rates, to show their relationship with the released power and also to calculate the minimal
amount of propellants necessary for the multiple re-ignition of the hybrid rocket motor. The large
number of tests performed shows the high repeatability of the ignitions with a probability higher
than 99%.
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With these characteristics, the igniter, and in general the ignition system responded exactly to the
requirements imposed during the design phase: future works will focus on test and improvement of
the integration of the system in hybrid and ramjet motors to investigate its behavior as a part of the
complete propulsion system.

Although based on a preliminary analytical and numerical investigation, this work is purely
experimental. A theoretical–numerical study is in progress; based on CFD, it will describe
quantitatively heat fluxes and the influence of mass flow rate for different internal geometries focusing
on future improvement of this igniter design in terms of total pressure losses, materials and energy
released into the main combustion chamber.
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Abbreviations

The following abbreviations are used in this manuscript:

AEB Brazilian Space Agency
UnB University of Brasilia
CPL Chemical Propulsion Laboratory
SG Spark Generator
DAQ Data Acquisition

Nomenclature

c specific heat capacity
m mass
ṁ mass flow rate, g/s
O/F oxidizer-to-fuel ratio
p pressure, bar
P probability
Q energy, J
t time
T temperature, ◦C
W power, W
α angle, degrees
Φ equivalence ratio
Subscripts
0 stagnation property
f fuel
liq liquid property
ox oxidizer
re f reference parameter
sol solid property
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