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Abstract: The unsteady characteristics of the second throat of a transonic wind tunnel have an
important influence on the design and test of the wind tunnel. Therefore, the forced oscillation
characteristics were studied by a numerical simulation method. The governing equation was the
viscous compressible unsteady Navier–Stokes equation. Under the sinusoidal pressure disturbance
of the computational domain exit, the shock wave presents a clear forced oscillation state, and the
shock wave periodically changes its position. Under a pressure disturbance of 1%, the shock wave
displacement reaches 150 mm. Additionally, overshoot occurs when the shock moves upstream or
downstream. The shock-boundary layer interference is very sensitive to the motion characteristics of
the shock wave, resulting in a transformation of the flow field symmetry. The flow field downstream
of the shock wave exhibits periodic structural changes. Compared with the pressure change at the
outlet, the pressure change near the shock wave has a phase delay. The increasing disturbance near
the shock wave shows a clear amplification effect. The pressure disturbance near the shock wave
had an obvious amplification effect, and its fluctuation amount reached 16% under the pressure
disturbance of 1%. The variation trend of the second throat wall force, wavefront Mach number, and
Mach number in the test section with time is similar to that of the downstream disturbance, but it does
not have a complete follow-up effect, which indicates that the pressure disturbance can propagate
into the test section through the boundary layer or the shock gap. Nevertheless, the second throat
choking can still control the Mach number stability of the test section. The dynamic characteristics
of shock oscillation are related to the amplitude and frequency of the applied pressure disturbance.
The shock displacement decreases with the increase in the excitation frequency. When the excitation
frequency is higher than 125 Hz, the flow field basically does not change.

Keywords: transonic wind tunnel; second throat; shock wave; forced oscillation; pressure perturbation;
phase delay; Mach number; stability; frequency; numerical simulation

1. Introduction

The unsteady characteristics of the wind tunnel flow field have always been a concern
of designers. Many aeronautical papers published around 1920 pointed out that flow
stability problems were common to most wind tunnels [1,2]. Since then, designers have
made many efforts to solve this problem, but the unsteady effects of wind tunnels could
not be measured until nearly a decade ago [3].

When evaluating the disturbance of the flow field in a wind tunnel, it is first nec-
essary to understand the source of the disturbance. The unsteady characteristics of the
transonic wind tunnel can be divided into three modes: vorticity, entropy, and sound.
These three modes cannot be directly measured, but the quantities associated with them
can be measured: the pulsation of velocity, density, and total temperature. The pulsating
pressure field is always related to the sound field, and it is also a function of the pulsating
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velocity and pulsating temperature field [4]. Temperature pulsation is usually ignored at
transonic speed, so airflow pulsation mainly includes pulsating velocity (i.e., turbulence)
and pulsating pressure (i.e., noise), which are difficult to distinguish from each other [5].

These disturbances affect the flow around the model, especially for the laminar flow
control test, unsteady test, boundary layer transition test, flutter onset test, etc. For example,
as the fluctuating pressure in the wind tunnel increases, the transition Reynolds number
decreases significantly [6]. With the improvement in the refinement level of wind tunnel
tests, the dynamic parameters of the flow field in the test section have attracted more and
more attention from researchers. Guo has pointed out that noise reduction was the main
challenge and problem in the current wind tunnel design [7]. Chen measured the noise at
different positions in the 0.6 m wind tunnel and believed that the aerodynamic noise in
the ventilation wall, near the model support and in the second throat, was large, which
significantly increased the noise in the test section [8].

Brooks measurements showed that most of the disturbances in the test section were
from the noise propagating upstream from the downstream of the test section [9]. The
most straightforward way to isolate the test section from downstream noise and other
acoustic disturbances was to use a second throat at the test section outlet [10]. Mabey
conducted experimental research on vortex, shock wave, and boundary layer interference,
and noise generated by the second throat. He evaluated the effect of the second throat
on the pulsating pressure level in the test section [11]. It was extremely expensive to pay
attention to this problem after a wind tunnel was built [12]. McKinney’s tests in an 8-foot
wind tunnel showed that when a choking occurred at the end of the test section, there was
no longer a pressure disturbance propagating upstream [13]. In the Stainback test, it was
found that the pulsating pressure level in the test section after the second throat choking
was reduced from 3.5% to 0.5% [14,15].

During the debugging of the 0.6 m wind tunnel, an excessive vibration problem oc-
curred when the second throat was choking [16]. Vibration was a ubiquitous phenomenon
in large-scale wind tunnel structural systems. Severe nonlinear and broadband structural
vibration would interfere with the test environment, affect the test results, and lead to
structural damage and failure of the wind tunnel [7]. During the operation of a supersonic
transient wind tunnel in Japan, infrasound less than 20 Hz caused house vibrations within
a radius of 200 m [17]. This phenomenon has become a key factor in restricting the improve-
ment in wind tunnel test performance. In order to avoid vibration, the traditional control
methods were mostly passive control. Energy dissipation elements were used to consume
the energy of structural vibration and reduced the dynamic response of the structure [18].

Shock oscillation may occur in the second throat after choking, causing structural
vibration. In the shock boundary layer interference in the second throat, the airflow is
disturbed by the downstream pressure, and the shock wave position changes with time,
showing a forced oscillation state. Even when the downstream pressure was kept constant,
shock waves induced self-excited oscillations around the mean position [19–22]. The
pulsating pressure caused by the shock oscillation was sufficient to separate the boundary
layers, and the flow unsteadiness caused by the separation bubble flow had a strong
influence on the pulsating pressure [5]. It is very important to understand the origin and
consequences of shock oscillations [23].

Since 1974, a group of Japanese scholars has specialized in the study of shock train os-
cillation in straight pipes with equal cross-sections [24]. The effects of downstream periodic
pressure perturbations on shock waves have been studied using a variable-shaped second
throat [25–30]. Bruce [31] and Biswas [32] believed that the unsteady shock motion was
related to its intensity, as well as to the degree of boundary layer thickening and boundary
layer separation. Based on the one-dimensional linear stability theoretical analysis, Robinet
believed that the shock oscillation frequency was strongly correlated with the length of the
diffuser [25]. Bruce proposed an analytical model to predict the amplitude and frequency
of the shock motion within the pipe [33]. A pressure fluctuation of about 1% to 2% would
significantly change the position of the transonic shock [29].
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The choking of the second throat of the wind tunnel was very important to improve the
flow field quality of a wind tunnel [34]. In this paper, the shock oscillation characteristics
in the second throat were analyzed by numerical simulation. It provides a reference for
analyzing and solving the structural vibration problem of the second throat. By reasonably
matching the design parameters of the second throat, it is possible to achieve airflow
choking in a short distance, as well as high-precision flow field control within a limited
distance, improving flow stability and outlet velocity uniformity in the second throat,
reducing pulsating pressure levels and structural vibration, and avoiding affecting the
performance of the test section through downstream circuits.

2. Numerical Methods

The 0.6 m continuous transonic wind tunnel in the China Aerodynamics Research
and Development Center adopts a second throat for flow control after the test section. The
length of the second throat section is 2000 mm, the center body is embedded in the middle
partition, the thickness and length of the middle partition are 20 mm and 1100 mm, and the
tail is a 20◦ wedge. After the second throat is a four-wall diffusion section with a length of
1300 mm, as shown in Figure 1.
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Figure 1. Schematic for gird of the second throat section.

Structural grids are used. To simulate the boundary layer, the grid near the wall
satisfies y+≈1; additionally, the spacing ratio of adjacent grid points in the boundary layer
along the vertical wall direction is about 1.2. The total number of grids is about 6 million
cells. When modeling, the direction of airflow flow is the x-axis, and the vertical ground
direction is the y-axis, while the z-axis is set according to the right-hand coordinate system.
The center of the entrance to the test section is the coordinate origin. Other dimensions are
shown in Table 1.

Table 1. Dimensions and coordinates of typical locations.

Locations y × z Cross-Sectional
Size/mm x-Coordinates/mm

test section entrance 600 × 600 (0, 0, 0)
model area center of the test section 600 × 600 (1300, 0, 0)

test section exit 600 × 600 (2350, 0, 0)
support section exit 680 × 680 (2500, 0, 0)

contraction section exit Variable size × 680 (3000, 0, 0)
straight section exit Variable size × 680 (3600, 0, 0)
diffuser section exit 680 × 680 (4500, 0, 0)

computational domain exit 860 × 860 (18,000, 0, 0)
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2.1. Pulsating Pressure and Shock Position

A sinusoidal pressure was applied at the outlet of the computational domain. The
amplitude and frequency of the pressure change are shown in Table 2. In an unsteady
calculation, the physical time step is adjusted according to the outlet pressure frequency.
When the pressure disturbance frequency is 500 Hz, considering the identification of
high frequency bands, the physical time step is 5 × 10−6 s and the total time is 1.0 s.
Sub-iterations in each physical time step ensure that the residuals drop by four orders of
magnitude so that the highly unsteady flow converges to the required accuracy.

Table 2. The amplitude and frequency of pressure disturbance.

Pressure Perturbation Amplitude Frequency/Hz Physical Time Step/s

1% 5 5 × 10−4

1% 10 2.5 × 10−4

1% 25 1 × 10−4

1% 50 5 × 10−5

1% 125 2 × 10−4

1%, 2%, 5%, 10% 500 5 × 10−6

1% 2500 1 × 10−6

During the numerical simulation process, the position of the shock wave in the second
throat is determined by detecting the pressure changes along the cross-sectional direction
of the airflow. When pulsating pressure is not applied at the outlet, the shock wave is in
an equilibrium position. As the outlet pressure changes, the shock wave oscillates near
the equilibrium position. The shock wave moves upstream from its equilibrium position,
reaches its maximum upstream, and returns to its equilibrium position. It then moves
downstream again, reaches the farthest point downstream, and returns to the equilibrium
position again. The above process is a cycle T.

2.2. Governing Equation

The governing equations are N-S equations. In the three-dimensional Cartesian
coordinate system, its conserved form is:

∂Q
∂t

+
∂(F − Fv)

∂x
+

∂(G − Gv)

∂y
+

∂(H − Hv)

∂z
= 0 (1)

where t is time, Q is a conserved variable vector, F, G, H are inviscid flux vectors, and
Fv, Gv, Hv are viscous flux vectors. The finite volume method is used in the solution of
the flow field. In order to simulate the unsteady process, the double time step method
is adopted. The space discretization adopts the second-order upwind scheme. The flux
splitting adopts the Roe scheme. The time term discretization adopts the second-order
implicit scheme, and the turbulence model adopts the k − ω sst turbulent model.

2.3. Boundary Conditions

The inlet pressure is given at the inlet. The total pressure of the inlet is given according
to the Mach number of the wind tunnel, and the static pressure is calculated according to
the one-dimensional ideal gas isentropic formula. The inlet total temperature is given. The
inlet turbulence intensity is taken as 0.6%. The wall adopts a no-slip adiabatic wall. The
outlet is a pressure outlet.

2.4. Algorithm Verification

In order to evaluate the numerical method, the experimental results are used for
verification. By measuring the wall pressure distribution along the second throat, the
pressure distribution along the pipeline was obtained. The pressure measuring hole is a
circular hole with a diameter of 1 mm, and the spatial resolution of pressure measurement is
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about 100 mm. The pressure measurement system is the PSI 9116 electronic scanning valve
system. The calculated state is Ma = 0.8. It can be seen from Figure 2 (in the figure, grid_167,
indicates that the number of grid cells used in CFD is 1.67 million, and the same applies to
others) that the Mach number distribution curve obtained by CFD is in good agreement
with the test, and the shock wave position of the simulation results is in good agreement
with the test. In the model support segment, the CFD results differ from the experimental
results, possibly due to the fact that airflow re-entry was not considered in the current
simulation and the model support was not simulated. The model support had a greater
impact on the flow [14,15]. The difference between CFD results and experimental results in
the high-speed diffuser section may be due to the different sizes of the separation zone.
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Figure 2. Comparison of Mach number distribution along the centerline.

Overall, the numerical method in this paper can accurately simulate the key char-
acteristics of the flow field, which verifies its reliability. From the comparison between
Bruce’s experiment and CFD results, it can be seen that CFD can more accurately predict
the velocity distribution in the process of shock forced oscillation [33]. As can be seen
from Figure 2, when the number of grids is less than 20 million, the results do not change
significantly, and when the number of grids exceeds 20 million, shock waves can be cap-
tured more accurately. As mentioned above, because unsteady calculations are extremely
time-consuming, 6.82 million grids are selected. Georgiadis used about 7 million meshes in
a flow similar to this paper, and was able to capture the main flow characteristics well [35].

3. Results and Discussion
3.1. The Pressure Disturbance Frequency Is 5 Hz

When the outlet pressure changes, it is equivalent to applying a pulse at the outlet. The
pressure pulse propagates upstream at a certain speed. After reaching the shock wave, the
flow field in the second throat is converted from symmetrical distribution to asymmetrical
distribution. Figure 3 shows the Mach number contour of the symmetry plane within one
cycle. Whether it is a strong shock or a weak shock, a curved shock is present. The pressure
change at the outlet dominated the transition in the shock wave shape [36].
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The shock wave on one side oscillates between 3140 mm and 3190 mm along the
x-direction, and the shock wave on the other side oscillates between 3200 mm and 3350 mm.
The maximum displacement of the shock wave is 150 mm. Bruce’s research showed that
CFD can accurately simulate the positional changes of shock waves [33]. The response of
shock waves to downstream pressure disturbances is to change their position, resulting
in a change in shock wave intensity. The shock wave is always located downstream of



Aerospace 2023, 10, 956 7 of 16

the highest point of the center body, i.e., downstream of the geometric throat. Bogar’s
experimental results showed that in the transonic diffuser section, when the straight section
existed, the perturbation effect of the downstream pressure fluctuation on the shock wave
was weakened [22]. Therefore, the second throat should be provided with a relatively long
straight section.

When the outlet pressure increases (0-T/4), a compression wave moving upstream
is generated at the outlet position. After the pulsating pressure reaches the shock wave,
the shock wave moves upstream. Therefore, the shock wave intensity weakens, and the
wave front Mach number and pressure loss are reduced, and the flow separation is reduced,
or even reattachment. On the side of the weak shock wave, the interference of the shock
wave boundary layer is not dominant, the boundary layer of the wind tunnel wall is in
a state of reattachment, and no separation occurs, but the separation of the center body
position increases significantly, and there are clear vortices in the mixed layer at the tail
of the middle partition. However, with the decrease in the outlet pressure, on the side
of the strong shock wave (Ma > 1.3), the shock wave causes a wide range of separation
of the boundary layer of the wind tunnel wall, and the interference of the shock wave
boundary layer dominates. Separation near the center body is reduced, and the mixed shear
layer at the rear of the middle baffle is weaker. When the outlet pressure decreases from
the maximum value (T/4~3T/4), the shock wave moves downstream. The shock wave
intensity and pressure loss increase, and the boundary layer separation zone increases,
while the boundary layer and shear layer thicken, reducing the effective flow area of the
pipeline. When the pressure starts to increase from the minimum value (3T/4~T), the
shock wave starts to move upstream again, the separation zone decreases, the shear layer
becomes thinner, and the flow area increases. Then a new cycle starts.

The degree of shock-induced separation is very sensitive to changes in shock intensity.
With the alternate appearance and disappearance of separation bubbles, the separation
shear layer becomes a highly unstable flow. This shape change in the separation bubble
results in alternate thickening and thinning of the wall boundary layer, causing the core
flow to oscillate slightly in the normal direction. Bourgoing’s experiments showed that the
shock wave changed with time in both the flow direction and the normal direction [37].
Therefore, even if the flow field is symmetrical, the flow may be unsteady, especially in
complex transonic flows. Hsieh compared the effect of downstream pressure changes on
the flow in the diffuser section, which was significantly more complex [28].

When the shock wave is forced to oscillate, the shock wave extreme positions at the
upstream or downstream is significantly different from that when there is no oscillation, as
shown in Figure 4. The findings of some researchers in experiments are consistent with the
conclusions of this paper [31,38]. This is because there is delay in the matching between
the pressure at the shock wave position and the outlet back pressure, and overshoot occurs
when the shock wave moves upstream or downstream. During forced oscillation, when
the shock wave moves downstream, it will exceed the shock wave position calculated by
steady-state calculation under the same back pressure and continue to move downstream.
Vice versa, when the shock wave moves upstream, it will continue to move upstream.
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Figure 5 shows the x-direction velocity power spectral density at different stations
along the x-direction at a distance of 6 mm from the wind tunnel wall. It can be seen that at
the station X = 3170 mm and X = 3210 mm, the velocity power spectral density changes
greatly, which proves that the shock wave repeatedly passes through these two stations.
Oscillation has a significant effect on the distribution of turbulent energy in the second
throat. The peak at X = 3210 mm is the highest, which is just downstream of the shock
boundary layer disturbance, at the edge of the separation bubble, and this peak may be
formed by the vortex caused by separation. The peak at the X = 3230 mm station has
become slightly smaller. At the station X = 3240 mm, the peak value continues to decrease,
indicating that the influence of the airflow at this location by the disturbance of the shock
wave boundary layer has weakened. After leaving the shock wave oscillation area, the
pulsation velocity at the X = 3100 mm and X = 3400 mm stations along the x-direction
becomes significantly smaller.

The energy spectral density distribution is dominated by a single peak, with a peak
frequency of f = 5.8 Hz, which is similar to the frequency of change in the downstream
outlet pressure (i.e., the forced frequency). The difference may be related to the length
of the high-speed diffuser section in the downstream area of the second throat. As can
be seen from Figure 5, the energy of the pulsating velocity is concentrated in the low
frequency range. Jones’s test results showed that the energy in the frequency band below
10 Hz accounted for about 15% of the total energy [4]. The second peak is f = 11.6 Hz,
which has clear frequency doubling characteristics. In the higher frequency range, there
are also multiple lower peaks, which may be related to the flow separation caused by
the disturbance to the shock boundary layer. In the shock wave oscillation region, the
pulsation velocity along the x-direction increases greatly in the low frequency band. It
can be concluded that the interference of the center body wake and the shock boundary
layer causes the low frequency and large-scale airflow movement. When these frequencies
are close to the natural frequency of the wind tunnel body, variable aerodynamic loads
will occur. When the pulsation is strong enough, it will cause strong vibration of the wind
tunnel body and structural damage.
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Figure 6 shows the pressure change at different stations with time. X = 2900 mm
is located in the contraction section of the second throat and the main flow is located in
the subsonic flow area. The pressure essentially does not change with the change in the
outlet pressure. This is the embodiment of the choking effect of the second throat. Pressure
disturbances in the downstream region do not affect the flow stability in the upstream
region of the shock. X = 3100 mm is located at the entrance to the straight section. In
the whole cycle, most of the airflow is in the supersonic flow range. (When the total inlet
pressure remains unchanged, the static pressure is less than about 50 kPa for the supersonic
flow.) The pressure fluctuation at the X = 3170 mm station is the most violent. About
half of the time, the flow is a supersonic flow and half of the time it is a subsonic flow,
indicating that the station is close to the average position of the shock wave oscillation. In
the second half of the cycle, the pressure curve shows a peak-like pulsation, indicating that
the airflow changes drastically during this time period and reflecting the change process in
the flow from subsonic flow to supersonic flow, to subsonic flow, and then to supersonic
flow. At the position of X = 3210 mm, the pressure change is more severe, but it is smaller
than the pressure fluctuation at the initial shock wave position, indicating that the shock
wave still sweeps through this point. At the station X = 3230 mm, the pressure is basically
above 50 kPa. It can be considered that the flow at this station is all in the subsonic region,
that is, the forced oscillation of the shock wave will not significantly affect the pressure
distribution at this station. At the position X = 3240 mm, the pressure change is more
moderate, indicating that the shock wave will not pass through this point when it moves
toward the exit of the diffuser section.

If we compare the pressure distribution at X = 3170 mm and X = 3230 mm, the phase
delay can be clearly seen. From the time distribution characteristics, the sinusoidal pressure
change in the outlet plane will cause the sinusoidal pressure at the same frequency in the
second throat to change, but it changes significantly the phase angle and amplitude. The
change in the phase angle is not affected by choking, which is in line with the acoustic
theory. The pressure change at the X = 3170 mm position lags by about 0.010 s. The change
in amplitude will be affected by the choking position. Upstream of the choking position, the
amplitude change is significantly smaller, while downstream of the choking, the amplitude
change is significantly larger, which is consistent with the propagation characteristics of
small disturbances in the pipeline. Even if there is no complete choking in the second throat,
the second throat still has the ability to partially resist pressure fluctuations downstream of
the test section.
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The pressure fluctuation amplitude at the exit is 1% of the average pressure, while in
the straight section of the second throat, especially near the average position of the shock
wave, the pressure fluctuation amplitude is the highest, and up to 16% of the average outlet
pressure. Even at the position X = 3240 mm downstream of the shock wave, the pressure
fluctuation amplitude is still 3% of the average outlet pressure. When the downstream
pressure of the second throat fluctuates, the pressure fluctuation in the second throat shows
a clear amplifying trend. As it moves toward the outlet, the amplification effect of this
pressure disturbance presents a rapid downward trend.

It can be seen from Figure 7 that with the change in the outlet pressure, the force
on the wall of the second throat also changes with time. The load on the left and right
walls is significantly greater than that on the upper and lower walls. The second throat
is subjected to a large asymmetric side load, which is related to the slow and random
symmetry transformation of the flow field structure. When the shock wave is forced to
oscillate, the effects of superimposed asymmetric separation may cause the second throat
to vibrate. There are examples of pressure disturbances causing wind tunnel structures to
vibrate and damage. In the first diffuser section of the 2.4 m wind tunnel, the long-term
coupling vibration of the inner casing and the airflow resulted in structural fatigue and
cracks [39]. In the 2.4 m wind tunnel, the left and right and upper and lower structures of
the flow field were asymmetrical at the tee of the air inlet pipe, resulting in cracks on the
pipe wall [40].

Figure 8 shows the polar coordinates of the loads in two directions in one cycle. The
lateral loads in the two directions are anisotropic most of the time and can be followed
regularly. When the flow field is in a symmetrical state, the lateral loads in both directions
are isotropic.
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Figure 8. Loads on the second throat in two directions.

Figure 9 shows the curve of the wavefront Mach number in the second throat and
the Mach number in the test section with time. The “ideal” in Figure 9 represents the
situation when fully following the distribution of sinusoidal pressure pulsation at the
outlet.. The changes in the two parameters are similar to the changes in outlet pressure
with time, but they are not completely sinusoidal. This may be caused by the aggregation
and divergence of compression and expansion waves in the process of propagation from
the exit of the computational domain to the shock wave. The shock wave intensity changes
with the back pressure, and the change in the shock wave intensity reflects the change in
the shock wave position. In the first 1/4 period, the back pressure gradually increases
from the average value, forming a compression wave at the outlet and causing the shock
wave to move towards the test section. The compression wave is in the process of chasing
the shock wave, and the pressure in front of the shock wave continues to rise. Thus
hindering the further forward movement of the shock wave, the airflow slows down, and
the wavefront Mach number decreases. At this point, the wavefront Mach number can
match the pressure discontinuity.
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When the pressure begins to decrease from the maximum value, that is, in the period
of 1/4~3/4, the wavefront Mach number has a significant delay. The speed of the pressure
drop is significantly greater than the speed of the increase in the wavefront Mach number.
This is because the Mach number of the wavefront decreases after the pressure rises and the
pressure loss decreases; then, the downstream pressure increases, hindering the shock wave
moving downstream. It can also be considered that when the expansion wave propagates
to the direction of the test section, it is in the process of encountering the shock wave
moving downstream, and the airflow accelerates faster, so the Mach number curve becomes
steeper. Until the pressure rises again, the wavefront Mach number largely matches the
pressure change.

The change of Mach number in the test section basically matches the change in outlet
pressure, and the fluctuation range of the Mach number is about 0.002. Choking cannot
completely prevent the propagation of downstream pressure disturbance to the upstream.
As can be seen from Figure 2 above, the weak shock wave side only reaches the speed of
sound near the center body, and the flow near the wall of the wind tunnel is subsonic. There
is a subsonic speed gap at the choking position, and pressure fluctuations will propagate
upstream into the test section through the shock gap [12]. Rose’s experiments showed that
pressure disturbances downstream of the shock could affect the pressure in the test section
through the upstream propagation of the boundary layer [41]. Therefore, the fluctuation in
airflow in the test section is inevitable. Nevertheless, Jones pointed out that this shallow
shock was very effective in reducing the low frequency pulsation effects associated with
wakes [4].

The choking reduces the Mach number instability in the test section even in the
event of acoustic leakage. The noise in the test section of the Swedish T1500 was also
significantly reduced when the second throat was not fully choking [42]. In Hashimoto’s
numerical test, when there was no choking device, the static pressure downstream of the
test section changed by 144.2 Pa, and the Mach number in the test section changed by
0.002 [43]. This is completely comparable to the situation in this paper. Under the same
total pressure, the pressure fluctuation downstream of the second throat in this paper is
790 Pa. Compared with reference [43], the Mach number variation in the test section is 0.002
when the downstream pressure variation amplitude increases by five times. Therefore, it is
recommended to use the second throat choking to control the Mach number stability in the
test section.

The effect of the second throat choking on the Mach number stability of the test section
can also be explained by the mass flow rate. Figure 10 shows the changes in the inlet and
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outlet flow rates with time. The maximum fluctuation of the outlet flow rate is 4.35 kg/s,
while the maximum fluctuation of the inlet flow rate is only 0.20 kg/s. When the outlet
flow rate changes with the back pressure, the inlet flow rate fluctuation is very small.
The difference between the inlet and outlet flows rate fluctuates periodically, resulting in
periodic oscillations in the flow field. When the shock wave moves downstream at the
average position, the outlet velocity increases, causing the outlet flow rate to increase,
which is greater than the inlet mass, so that the downstream airflow spreads, the pressure
recovery ability decreases, and the local pressure drops, accelerating the speed of the shock
wave moving downstream. When the shock wave moves upstream at the average position,
it is just the opposite. In the downstream region of the shock, mass accumulation and
diffusion occur periodically. During shock wave oscillation, in addition to the airflow
along the x-direction, there are large airflow transport processes along the normal and span
directions, especially near the wake mixing region after the center body, where the airflow
shear is strongest.
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3.2. Pressure Disturbance Frequency Is 10 Hz~2500 Hz

From Figure 11, it can be seen that different outlet pressure disturbance frequencies
have different effects on the field. When the frequency is 10 Hz, the main frequency of the
power spectral density of the core flow along the x-direction is 10.7 Hz, which is consistent
with the downstream excitation frequency. There is a second peak at 20.0 Hz, and higher
frequencies decay quickly. When the excitation frequency is 25 Hz, the main frequency is
24.4 Hz, and there is a second peak around 48.8 Hz. Compared with the pulsation peaks at
5 Hz and 10 Hz, when the downstream pressure disturbance frequency is 25 Hz, the peak
value of pulsation velocity increases significantly, which may be due to acoustic resonance;
that is, the inherent frequency of the airflow itself is around 25 Hz.

When the disturbance frequency is 50 Hz, the main frequency is 21.0 Hz; that is, the
main frequency is no longer consistent with the excitation frequency, and there is a second
peak near 50 Hz. The flow field still changes slightly. When the disturbance frequency
increases to 125 Hz, there is no longer a clear peak value. The flow field displays almost
no change.

The above conclusions are drawn when the pressure disturbance amplitude is 1%.
Even if the pressure disturbance amplitude increases to 10%, the flow field does not change
significantly at the excitation frequency of 500 Hz. Due to space limitations, the flow field
contour is not given here. When the downstream pressure disturbance frequency is high,
the shock wave is essentially unaffected. This is because when the perturbation frequency
is low, the flow field downstream of the shock wave can quickly reach an equilibrium state
before the outlet pressure continues to change. Because it takes time for the downstream
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pressure to transmit to the shock wave, when the frequency increases, the disturbance
propagation time is significantly longer than the change time of the downstream pressure,
the shock wave and the flow field have difficulty in keeping up with the rhythm, and the
flow field basically remains unchanged.
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4. Conclusions

Numerical experiments were conducted to study the shock wave dynamics when the
downstream pressure disturbance frequency ranged from 5 Hz to 2500 Hz. The response
of the shock wave in the second throat to the unsteady pressure perturbation at the exit
of the computational domain is a very complex transient process, involving shock wave
oscillation, separation, shear layer, generation and development of the boundary layer and
the interaction between them. Together, they determine the unsteady properties in the
second throat. The conclusions are as follows:

(1) Forced shock oscillations are caused by the propagation of a wavefront originating
from downstream pressure perturbations that periodically alter the shock position and
the flow field structure downstream of the shock, including boundary layer thickness,
the size of the separation zone, and the size of the wake mixing zone. The shock
boundary layer interference is very sensitive to the shock wave position. Due to the
large shock wave displacement, a relatively long straight section needs to be provided
in the second throat.

(2) Compared with the outlet back pressure, the pressure change near the shock wave has
a phase delay. The pressure disturbance shows a significant amplification effect; in
particular, the closer the shock wave is, the more obvious it is. This leads to overshoot
when the shock moves upstream or downstream. Under the same back pressure,
the shock wave position in the unsteady state is different from the position in the
steady state.

(3) The variation trend in the second throat wall force, wavefront Mach number, and Mach
number in the test section with time is consistent with the downstream disturbance,
but does not have a complete follow-up effect. It shows that the pressure disturbance
will propagate into the test section through the boundary layer or shock gap, but it
is still recommended to use the second throat choking to control the Mach number
stability of the test section.

(4) The dynamic characteristics of shock oscillation are related to the amplitude and
frequency of the applied pressure disturbance. The shock displacement decreases
with the increase in the excitation frequency. When the frequency is higher than
125 Hz, the flow field is no longer sensitive to the forced excitation.
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