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Abstract: The separation mechanism is a critical device that transports and releases satellites during
launch and on-orbit. However, as satellites become smaller and more compact, the traditional belt-
locking device or pyrotechnic release and separation device cannot meet the micro-nano satellite’s
separation requirements. A novel separation mechanism kinematic system was designed, analyzed,
and experimentally verified to achieve non-interference and non-pyrotechnic separation of the
satellites from the launch vehicle while maintaining the initial separation attitude. First, an overall
structural strategy for the kinematics system was proposed based on the MF (product code of the
satellite) satellite’s structural properties. The structural characteristics of the separation mechanism
were also confirmed by the principle of energy conservation. Then, a finite element model and
a dynamic model of the kinematic coupling system between the MF satellite and the separation
mechanism during launch and deployment were constructed, along with an analysis of the mechanical
characteristics and a kinematic simulation. Finally, the mechanical characteristics and dependability
of the separation mechanism were verified using a ground vibration test and a separation test. The
prototype test results demonstrate that the separation process is essentially identical to the numerical
simulation results and that the MF satellite can be deployed successfully without interference, with
the MF satellite’s initial separation attitude fully satisfying the designed technical indexes.

Keywords: separation mechanism; micro-nano satellite; numerical simulation; prototype test

1. Introduction

The development of micro-electro-mechanical and micro-nano technology has caused
a reduction in the size of optical, mechanical, electrical, and other equipment. At the end of
the twentieth century, there was a boom in research on small satellites, and their application
has grown rapidly [1–6]. Due to their low cost, modularity, and standardization, micro-
nano satellites such as picosatellites are acquiring much more attention in the aerospace
field [7–9]. Numerous micro-nano satellites working in unison could be used for formation
flying, establishing large load platforms, and other tasks in the future [10–16]. However,
unlike large satellites, micro-nano satellites have a limited internal volume, making the
high-performance shock and vibration damping systems impractical. Thus, the shock
and vibration generated by the separation mechanism for micro-nano satellites should be
strictly limited. This circumstance motivates the development of a non-explosive separation
mechanism for the release and separation of micro-nano satellites [17–26].

To launch numerous micro-nano satellites at the same time and release them according
to requirements, a great deal of research has been conducted and some remarkable achieve-
ments have been made by many countries regarding the separation mechanism used for
carrying and releasing satellites. The P-POD (Poly Picosatellite Orbital Deployer) was devel-
oped by the California Institute of Technology and Stanford University. Three generations
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of P-POD have been developed so far: P-PODMKI, P-POD-MKII, and P-POD-MKIII [27,28].
The XPOD family is a custom-made nanosatellite separation system designed and built
at the Space Flight Laboratory of the University of Toronto, UTIAS. Its purpose is to se-
cure the satellite during the extreme conditions of the launch environment. In addition,
it serves as the interface between the satellite and the launch vehicle, and it deploys the
satellite once it reaches the desired orbit [29]. The J-SSOD (JEM Small Satellite Orbital
Deployer) was developed by the Japan Space Agency. This deployer could carry three
standard picosatellites and release all three picosatellites at once via springs [30]. The
Space Research Centre of the Polish Academy of Sciences together with Astronika company
have developed an Orbital Deployer called DRAGON for ejection of the Polish scientific
nanosatellite BRITE-PL Heweliusz. The device has three unique mechanisms including an
adopted and scaled lock and release mechanism from the ESA Rosetta mission MUPUS
instrument [31]. The MASCOT separation mechanism was developed by the German
Aerospace Center. The mechanism was compared with other existing deployment sys-
tems and its performance was verified with two independent analysis methods using
actual flight data taken during the ultimate flight activation event, which initiated the
successful delivery and surface operation of the MASCOT asteroid lander [21]. To satisfy
additional requirements for picosatellites, those deployers named SPL (Single Picosatellite
Launcher) [32–34], RAFT (one picosatellite’s name), and GNB (Generic Nanosatellite Bus)
were developed by Germany, the USA, and Canada, respectively [31,33,35].

In summary, the separation mechanism serves as a vital interface between the satellite
and the launch vehicle. However, it should not jeopardize the success of the primary
spacecraft or launch vehicle. Numerous modern nanosatellite deployers now support
nanosatellites of varying sizes, multiples, or swarms [33]. On the other hand, these separa-
tion mechanisms are typically used to launch 1U-3U experimental CubeSats. The satellites
have a simple structure, a single function, and only a few protrusions on their surface,
and the mass ratio of the satellite to the separation mechanism is extremely high, usually
around 1, which increases the launch cost. As a result, it is critical to develop a separation
mechanism with a low mass ratio and a large enough volume to accommodate satellites
with complex functions and numerous protrusions on their surface. In this study, we
present and validate the design of the separation mechanism for the MF satellite through
FEAs and prototype tests. The separation mechanism’s design serves as a model for a
variety of small and micro-nano satellite separation mechanisms. Especially, the separation
mechanism has two distinct advantages over the conventional mechanism. First, the sepa-
ration mechanism proposed in this paper is low-cost, lightweight, modular, and adaptable.
It makes use of an integrated guide rail and a main bearing structure, which is simple
to process and ensures the accuracy of the guide rail. The separation mechanism weighs
less than 6 kg and is capable of supporting a satellite weighing up to 20 kg. Second, the
separation mechanism is non-explosive and is capable of being reused multiple times on
the ground.

In this paper, we analyze the separation mechanism’s task requirements and develop
the separation mechanism’s overall scheme and motion system in accordance with the
task requirements. Then, to verify the design’s rationality and reliability, the finite element
model and dynamic model of the combination of the satellite and the separation mechanism
were established. Finally, the rationality and reliability of the separation mechanism design
were verified by comparing the simulation results with the prototype test results.

2. Mission Analysis
2.1. Satellite Description

As shown in Figure 1, MF is a micro-optical satellite designed based on the principles
of “modularity, standardization, lightweight, low cost, scalability, flexibility, and high
resolution”. The designed orbit of the satellite is a 500 km sun-synchronous orbit. The
resolution of remote sensing is better than 1.35 m, making it suitable for earth observation,
new technology verification, scientific exploration, and other fields. The entire satellite
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structure system is supported by a frame made of the lightweight aluminum alloy 2A12,
and the MF satellite weighs about 20 kg. The satellite is equipped with an expanded solar
panel on the ±Y direction. On the ±Z side, there is a camera and various antennas. On the
±X side, there is a propulsion system and antennas arrangement. As shown in Figure 2, the
satellite’s cabin contains an image processor, a gyroscope, a battery, and a reaction wheel,
among other components. Outside the satellite’s cabin are star trackers, various types of
antennas, and other devices. As can be seen, the satellite’s entire structure is compact.
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2.2. Separation Mechanism Design Requirements

The separation mechanism’s primary purpose is to obtain approval from launch
vehicle service providers by ensuring the launch vehicles’ and other satellites’ safety. The
separation mechanism must meet all requirements imposed by launch vehicle providers
and other satellite producers.

First, in the event of the MF satellite’s catastrophic failure, the separation mechanism
must protect the launch vehicle and other satellites from the mechanical, electrical, or
electromagnetic interference caused by the MF satellite. Second, the MF satellite must
be released from the separation mechanism with as little spin as possible and with the
least chance of colliding with a launch vehicle or other satellites. Finally, the separation
mechanism must be adaptable to a wide variety of launch vehicles and satellites with
minimal modification while maintaining a low weight [36].
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Table 1 summarizes the design indexes for the separation mechanism that must be
satisfied based on the mission requirements and satellite attributes. Each of the separa-
tion mechanism’s dimensions, mass, separation velocity, separation angular velocity, and
protrusion storage capacity must be taken into account when making the design of the
separation mechanism.

Table 1. Indexes for separation mechanism.

NO Index Name Index Value

1 Structural parameters Size (mm) ≤400 × 500 × 550
Mass (kg) ≤6

2 Separation attitude Separation velocity (m/s) 0.5–2
Separation angular velocity(◦/s) ≤3

3 Natural frequency 3 axis (Hz) ≥50

4 Overload
Lateral direction(g) 3
Vertical direction(g) 10

3. Design of the Separation Mechanism
3.1. Overall Design

The MF satellite’s separation mechanism is tube-shaped, and the entire structure is
box-symmetrical. As illustrated in Figure 3, the separation mechanism is mainly composed
of the bottom plate, deployment spring, push board, upper guide rail, lower guide rail,
side panel, door cover, opening and locking module for the door cover (OLMDC), and
locking and releasing module for the door cover (LRMDC). The bottom plate, upper guide
rail, lower guide rail, side panel, and door cover form the separation mechanism’s primary
load-bearing structure. The ejection system is composed of a deployment spring and a push
board. Through the use of an electromagnet, the LRMDC mechanism achieves power-on
unlocking and power-off locking. The LRMDC mechanism is non-explosive, has no impact,
and can be reused on the ground many times. The separation mechanism’s primary load-
bearing structure is made of aluminum alloy 2A12 due to its high strength, low density,
low cost, and ease of manufacture. The upper and lower guide rails are integrated with the
strengthening rib, which is simple to process and assemble and helps maintain the guide
rails’ parallelism. The guide rails are hard anodized to prevent cold welding between the
satellite’s guide rails and to provide a smooth surface for the MF satellite’s deployment.
Due to optimization of the design, the separation mechanism weighs only 5.8 kg. The
mass ratio of the satellite to the separation mechanism is only 0.29, significantly less than
the mass ratio of the conventional separation mechanism, which significantly reduces
launch costs.
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As illustrated in Figure 4, the outer envelope of the separation mechanism is
343.5 mm × 470 mm × 516.3 mm in the launch state and 343.5 mm × 675 mm × 945 mm
in the on-orbit state. Above the guide rails on each side, an additional 50 mm of space is
available to accommodate solar panels, a camera hood, and antennas. The length of the
guide rail can be adjusted via the satellite’s guide rail. The MF satellite is inserted into
the separation mechanism along the guide rail. The rotational hinge joint in the OLMDC
can be used to close and open the door cover. The satellite is in contact with the wedge
compression points and the four guide rails of the separation mechanism, which restrict the
satellite’s vertical movement. The door cover and push board act as horizontal restrictions
on the satellite. Eight screws secure the separation mechanism to the carrier launch vehicle.
When the MF satellite reaches orbit, the separation mechanism detects the separation signal,
the LRMDC releases the door cover, and the OLMDC opens the door cover. Under the
action of the deployment spring, the MF satellite will slide out along the guide rail of the
separation mechanism. When the door is opened to a certain angle, it is locked in place by
the spring positioning pin to prevent it from bouncing back and interfering with the MF
satellite in the event of a collision.
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3.2. Mechanism Design

Solar panels are mounted on the MF satellite’s ±Y sides, and the optical camera hood
protrudes from the satellite’s surface. Interference collisions between the satellite and the
separation mechanism must be avoided during the separation process to avoid damage to
the solar panel or the camera. Therefore, a detailed analysis and calculation of the separation
mechanism’s motion system are required. The motion system is primarily composed of
two components. The ejection system of the satellite comes first, followed by the OLMDC.
The following is a detailed design for the two mechanisms mentioned previously.

Ejection system

The deployment spring is the most critical component of the ejection system (a cylin-
drical compression spring). The deployment spring’s primary function is to release the
energy storage once the satellite is on-orbit, allowing the satellite to separate from the
launch vehicle. Without considering the elastic damping of the spring and the friction
between the MF satellite and the separation mechanism, the relationship is as follows:

1
2

kx2
max =

1
2

Mv2 (1)

where

k—stiffness coefficient of the deployment spring;
xmax—maximum displacement of the deployment spring;
M—mass of the MF satellite;
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v—initial ejecting velocity of the MF satellite.

The deployment spring’s maximum displacement is determined by the length of the
separation mechanism’s guide rail, the mass of the MF satellite is constant, and the MF
satellite’s initial ejecting velocity is determined by the overall index. To ensure satellite
separation reliability in this paper, the spring’s maximum displacement is 420 mm, the
MF satellite’s initial ejecting velocity is 0.5 m/s–2 m/s, and the satellite weighs 20 kg.
According to Formula (1), the range of the deployment spring’s stiffness coefficient k is
28.3 N/m–453.5 N/m.

The deployment spring’s mean diameter and slenderness ratio should not be too small
to maintain the push board’s stability; otherwise, the deployment spring’s axial load will
cause lateral bending, resulting in the push board losing stability. The deployment spring’s
slenderness ratio must satisfy Formula (2) for the spring to be stable.

b =
H0

D
≤ 5.3 (2)

where

H0—free height of the deployment spring;
D—mean diameter of the deployment spring.

Given the spring’s maximum displacement of 420 mm and its free height H0 of approx-
imately 470 mm, the spring’s mean diameter can be calculated to be greater than 88.7 mm
using Formula (2). We initially chose a mean diameter of 100 mm for the deployment
spring in this paper. At the moment, the deployment spring’s stiffness coefficient, mean
diameter, and maximum displacement are known, and the remaining parameters can be
calculated using Formula (3). The spring is made of 1Cr18Ni9, which has a shear modulus
of 71 GPa. Based on the calculation, a variety of spring parameter groups can be chosen.

k =
Gd4

8nD3 (3)

where

G—shear modulus of the deployment spring material;
D—mean diameter of the deployment spring;
n—active coil number of the deployment spring;
d—wire diameter of the deployment spring.

OLMDC

If the door is opened unconstrained, it will collide with the separation mechanism’s
side panel and bounce, obstructing the MF satellite’s ejection process and jeopardizing
its safety and normal separation. As illustrated in Figure 5, a torsion spring is added to
the rotating shaft of the door cover to increase the opening velocity and prevent the door
from rebounding. The OLMDC employs a spring positioning pin structure, as illustrated in
Figure 6. After the door cover has been extended to a specified angle, the spring positioning
pin structure is used to lock it.
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Formula (4) can be used to determine the elastic coefficient selection range of a com-
pression spring. Appropriate positioning pin spring parameters can be determined by
combining the shape and size of the positioning pin and pinhole.

4. Analysis
4.1. Model Description

Comprehensive analytical models necessitate a large amount of computational power
and a lengthy analysis time. These parameters can be simplified by omitting superfluous
information and components that have no effect on physical phenomena. Neglectable
components such as connectors, chamfers, and filets were omitted from the structural
analytical model. The equipment mounting plate and separation mechanism use solid
elements in finite element modeling. The solar panels use a shell unit, and node coupling
connects the device mounting plate to it. The solar panels are rigidly coupled to the
equipment mounting plate using MPC; each device on the mounting plate uses mass
point simulation and is rigidly connected to the mounting point on the plate via MPC.
According to the current scenario, contact boundary conditions between the satellite and
the separation mechanism’s guide rail are set. The analytical model for the separation
mechanism and the MF satellite considered in this study was shown in Figure 7. The
elements and nodes had a total of 661,028 and 895,933, respectively.

4.2. Quasi-Static Acceleration Analysis

The design load is determined for the following conditions, taking into account the
launch vehicle’s mechanical configuration and certain safety factors: 3 g for lateral direction
overload and 10 g for vertical direction overload. With the conditions listed above, a quasi-
static acceleration analysis is performed in three directions of the separation mechanism.
In the quasi-static acceleration analysis, the maximum deformation can result in physical
interferences between the components, and the stress induced by the acceleration loads is
calculated as the von Mises stress. The maximum stress and deformation of the separation
mechanism appear on the bottom plate and push board. Figure 8 illustrates the deformation
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and stress contours. The maximum deformation and maximum stress values, as well as
their locations, are summarized in Table 2.
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Table 2. Quasi-static acceleration analysis results.

Location Maximum
Deformation

Maximum
Stress

Failure
Stress

Safety
Coefficient

Safety
Margin

Bottom plate 0.214 mm 24.3 MPa 410 MPa 2.0 7.4
Push board 0.162 mm 17 MPa 410 MPa 2.0 11.1

The bottom plate and push board are made of the aluminum alloy 2A12, and the
dynamic parameters are shown in Table 3, which has a 410 MPa failure stress. The structural
safety margin is calculated using the safety coefficient of 2.0. As illustrated in Table 2, the
simulation results satisfy the design requirements.

Table 3. Dynamic parameters of 2A12 aluminum alloy.

Young’s Modulus (MPa) Poisson’s Ratio Density (kg/mm3) Failure Stress (MPa)

70,000 0.33 2.7 410 MPa

4.3. Modal Analysis

The first step in performing a dynamic analysis is determining the structure’s natural
frequencies and mode shapes, taking zero damping into account. The results of this analysis
define the structure’s dynamic behavior and can be used to predict how the structure will
respond to dynamic loads. The modal analysis of the combination of the separation
mechanism and the MF satellite is performed to determine the natural frequency, verify
whether the natural frequency meets the requirements of the launch vehicle, and avoid
resonance with the launch vehicle during the launch process. The Lanczos algorithm is
used to extract the first three modes of the combination of the separation mechanism and
the MF satellite, as illustrated in Figure 9, and their natural frequencies are listed in the
Table 4. The combination’s natural frequency is significantly higher than the required
frequency of the launch vehicle to meet design requirements. The first three modes of the
separation mechanism are shown in Figure 10, and the natural frequencies are shown in
Table 5. The separation mechanism has a high fundamental frequency and will not resonate
with the launch vehicle.
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Table 4. Modal analysis results of the combination.

No Frequency (Hz) Mode Shape

1 77.7 X-Direction
2 70.8 Y-Direction
3 82.6 Z-Direction
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Table 5. Modal analysis results of separation mechanism.

No Frequency (Hz) Mode Shape

1 243.6 X-Direction
2 168.8 Y-Direction
3 116.5 Z-Direction

4.4. Random Vibration Analysis

Random vibrations from the spacecraft launch are one of the most severe loads on
the structure’s integrity. Random vibration analysis is used to verify the separation mech-
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anism’s strength and structural integrity by introducing random vibrations through the
mechanical interface. The purpose of this analysis is to identify the structural response
to acoustic noise generated by engine vibration and noise, as well as air friction, during
the initial launch phase. The typical way to describe the severity of loading and potential
damage caused by random vibration is in terms of the PSD (power spectral density) that
the satellite will encounter during launch, which is a frequency domain measure of vibra-
tion amplitude power intensity. The average value of all the amplitudes within a given
frequency range is used to evaluate the constantly changing acceleration amplitude [37].

The random analysis is used to confirm the separation mechanism and MF satellite’s
dynamic mechanical performance. According to Section 4.2 of Table 4, the natural frequency
meets design requirements, indicating that the combination’s dynamic stiffness is sufficient
to avoid resonance with a launch vehicle carrier when subjected to low-frequency sinusoidal
excitation. The random vibration simulation conditions are specified by the launch vehicle
design technicians, as shown in Table 6.

Table 6. Random vibration test conditions.

Frequency (Hz)
Acceptance Conditions

Power Spectrum
Density (g2/Hz)

Total RMS of
Acceleration (g)

Value

20~150 +3 dB/oct

7.19

150~280 0.04
280~320 0.15
320~380 0.10
380~850 0.05
850~1000 0.02

1000~2000 0.005

Direction 3 directions

Time 1 min for each direction

The combination of the separation mechanism and the MF satellite was subjected to
random vibration analysis using the simulation conditions listed in Table 6. As shown in
Figure 11, six sample points were chosen from the MF satellite and two from the separation
mechanism, and the results are shown in Table 7. As a result of the analysis, we can see that
the response on the MF satellite is extremely low, while the maximum response value is
observed on the Z-direction solar panel, which is capable of withstanding a response value
of 30 g. Although the separation mechanism’s cover door and side panel have a slightly
larger response than the MF satellite’s, the separation mechanism contains no electronic
equipment and has a sufficient safety margin to withstand the response. It demonstrates
that the system’s dynamic performance meets the engineering application’s requirements.
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Table 7. Results of random vibration analysis.

No. Location X-Response/grms Y-Response/grms Z-Response/grms

A1 Camera mounting point 4.3 5.6 6.3
A2 Camera backplate 4.2 5.0 5.7
A3 Primary mirror of the camera 3.7 5.1 5.5
A4 Secondary mirror of the camera 5.5 5.5 5.6
A5 OBHD 4.9 4.4 5.4
A6 Solar panel 5.6 9.3 11.6
B1 Cover door 14.9 8.7 12.0
B2 Side panel 6.5 4.6 12.1

4.5. Kinematic Analysis

Due to the large size of the MF satellite envelope, there may be a risk of interference
between the satellite components and the door cover in the process of satellite separation.
It is critical to conduct a kinematic simulation of the satellite separation process to deter-
mine whether any components interfere and to verify the mechanism’s rational design.
First, the model of the entire satellite was roughened, leaving only its outline, and the
satellite’s mass was given an appropriate density of 20 kg. The satellite’s center of mass
and moment of inertia corresponds to the three-dimensional model of the MF satellite. The
separation spring’s elastic coefficient was chosen to be 252 N/m by taking into account the
satellite’s separation velocity and ignoring factors such as friction. Figure 12 illustrates the
separation process.
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As illustrated in Figure 12, there is no interference between any of the components
and the door cover throughout the satellite ejection process. The collision between the
protruding object on the satellite surface and the separation mechanism frame, as well
as the sailboard and the hatch door, should be given special consideration during the
simulation process.

Ejecting velocity

To ensure separation safety, the MF satellite’s ejection velocity should be 0.5 m/s–2.0 m/s.
Figure 13 illustrates the velocity changes that occur during the satellite’s separation process.
The satellite’s final separation velocity is 1.45 m/s, which meets the design requirements,
and it takes approximately 0.51 s for the satellite to completely separate from the com-
pressed state. The separation velocity of the satellite can be adjusted according to the
specific requirements of different rockets by adjusting the elastic coefficient of the separa-
tion spring.

Ejecting angular velocity

Throughout the movement of the MF satellite, the guide rail will be critical in guiding
and adjusting the satellite. The angular velocity variation curve of the MF satellite during
the separation process is depicted in Figure 14. As illustrated, the angular velocity of the
three axials after they escape the separation mechanism completely is 2◦/s, 0.7◦/s, and
2.5◦/s, respectively. The separation angular velocity meets the index requirements.
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5. Experimental Verification

To validate the design of the separation mechanism, vibration and separation tests
were conducted. Following the structural analysis, vibration tests on the ground were used
to determine the fundamental frequency and structural responses. The separation mech-
anism’s functionality, including separation velocity and angular velocity, was evaluated
through separation tests.

5.1. Vibration Test

A vibration test was conducted on the combination of the separation mechanism
and the MF satellite to evaluate the separation mechanism’s reliability during the launch
stage. Six triaxial accelerometers were attached to the surface of the MF satellite and
two to the separation mechanism for vibration testing, and the results were compared to
those from previous simulations. The test site is depicted in Figure 15, and the vibration-
testing procedure is depicted in Figure 16. Individual sine sweeps (Iss) were performed
before and after the main tests to assess the separation mechanism and the MF satellite’s
physical damage.
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The first three-order natural frequencies included in simulations and ground tests are
summarized in Table 8. As shown in Table 8, the 1st mode natural frequency measured by
the accelerometers during the first and final Iss tests was greater than 60 Hz for all axes,
which is sufficiently high to avoid resonance with the launch vehicle. Additionally, the
natural frequency changes in the first mode in the three directions before and following the
vibration test are within 10%, which meets the tolerance requirements, indicating that the
structure is intact and no damage occurred. Comparing the simulation and experimental
values of first-order natural frequencies in three directions reveals that the simulation
values are all greater than the experimental values and the error ranges are all within
10%, which meets the design requirements. The reason for this phenomenon is that the
stiffness ratio of the connection between the MF satellite and the separation mechanism in
the simulation model is greater than that in the actual test, and the finite element model
can be modified appropriately in the later stage to account for the test structure.

Table 8. Summary of natural frequency.

Direction X Y Z

1st mode natural frequency
Numerical analysis 77.7 70.8 82.6

First Iss test 71.3 63.9 78.4
Final Iss test 72.1 62.8 72.7

Natural frequency change
Numerical

analysis/First ISS test −8.2% −9.7% −5.1%

First/Final Iss test +1.1% −1.8% −7.2%

The results of the random vibration test are summarized in Table 9. The satellite’s
equipment has extremely small response values that meet the equipment’s requirements.
When the test values are compared to the simulation values in Table 7, it is discovered
that the test values for the two measuring points on the separation mechanism are very
close to the simulation values, whereas the test values for the satellite equipment are all
less than the simulation values. This behavior is explained by the fact that the satellite and
the separation mechanism are not totally fixed restrictions. There is a slight displacement
between the satellite and the separation mechanism during the launch, and this minor
displacement and friction absorb the energy that should be transferred to the satellite.
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Table 9. Results of random vibration test.

No. Location
X-Response/grms Y-Response/grms Z-Response/grms

Analysis Test Analysis Test Analysis Test

A1 Camera mounting point 4.3 2.2 5.6 2.6 6.3 3.1
A2 Camera backplate 4.2 2.1 5.0 1.6 5.7 2.1
A3 Primary mirror of the camera 3.7 1.6 5.1 2.1 5.5 1.8
A4 Secondary mirror of the camera 5.5 4.2 5.5 2.1 5.6 5.6
A5 OBHD 4.9 2.9 4.4 1.9 5.4 2.3
A6 Solar panel 5.6 4.2 9.3 7.3 11.6 11.7
B1 Cover door 14.9 15.4 8.7 8.4 12.0 11.5
B2 Side panel 6.5 6.7 4.6 4.2 12.1 12.8

5.2. Separation Test

Due to the effects of thermal expansion and cold contraction, as well as the vacuum
environment, the satellite may become stuck during separation. To avoid this, the satellite
was separated following the vibration test at room temperature, vacuum high-temperature
section, and vacuum low-temperature section, respectively. The satellite was separated
successfully under all conditions. The separation mechanism’s functional reliability has
been fully validated at room temperature, −40 ◦C, and 85 ◦C, respectively. The separation
test is illustrated in Figure 17.
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Figure 17. Separation test. (a) room temperature; (b) vacuum high-temperature; (c) vacuum
low-temperature.

In this paper, a gravity compensation system is created to acquire the satellite’s attitude
parameters, such as separation velocity and angular velocity. By using rope suspension to
compensate for the satellite’s gravity, this system simulates the microgravity environment
of space. The gravity compensation system is comprised of a truss, a ruler, a rope pulley,
a rope, a light source, a high-speed camera, a computer processor, and a counterweight
satellite. The principle of the measuring system is illustrated in Figure 18. As depicted in
Figure 19, the entire satellite separation process was captured using a high-speed camera.
Calculations indicate that the instantaneous separation velocity when the satellite is ejected
from the separation mechanism is 1.39 m/s, which meets the indicator requirements. The
actual separation velocity is less than the simulation value, which is due to the simulation
process ignoring the friction between the satellite and the separation mechanism.

Due to the limited energy available to the MF satellites, the separation angular velocity
is a critical indicator of the separation process. If the satellite separation angular velocity is
too high, it will take a long time for the satellite to perform angular velocity damping. If the
satellite’s angular velocity cannot be decreased within the required time range within 4000 s
of separation, it will lack the energy required to deploy the solar panels. As a result, the
separation mechanism must be capable of separating the satellite with the smallest possible
angle of separation. This paper discusses the results of a three-axis gyro for measuring the
satellite’s angular velocity during separation. The installation of a three-axis gyroscope
within the satellite is depicted in Figure 20.
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Several separation tests were conducted to guarantee the test’s reliability, and the
separation angular velocity results were statistically presented in the Table 10. The highest
separation angular velocity in each separation result was less than 1◦/s, as shown in the
table, which matches the index’s standards.

Table 10. Test value for the angular velocity.

No X (◦/s) Y (◦/s) Z (◦/s)

1 0.09 0.32 0.58
2 0.15 0.35 0.57
3 0.13 0.30 0.61
4 0.11 0.33 0.63
5 0.08 0.39 0.59
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6. Conclusions

The launch environment is one of the most hostile environments a satellite will en-
counter throughout its lifetime. It involves significant risks and the possibility of failure.
As a result, it is critical to develop a separation mechanism that is both safe and reliable. In
this paper, the separation mechanism for the MF satellite is designed, analyzed, and tested.

The following conclusions can be obtained from the separation mechanism’s theoreti-
cal analysis, simulation calculation, ground environment test, and separation test: (1) There
are no explosives or redundant separation residues, and the system can be utilized several
times on the ground. The separation mechanism is fully integrated, with a basic structure
and straightforward processing. The mass ratio of the satellite to the separation mecha-
nism is only 0.29, which is much less than the conventional separation mechanism’s mass
ratio, reducing launch costs dramatically. Simultaneously, the interface with the rocket is
straightforward, decreasing reliance on the rocket and therefore expanding satellite launch
alternatives. (2) The simulation analysis shows that the structural strength of the separation
mechanism meets design criteria and has a sufficient safety margin. The fundamental
frequency of the assembly is higher than 60 Hz, and there is no resonance with the carrier
launch vehicle. The random response value of the satellite is minimal, which conforms
to the design index. During the separation process, the MF satellite can efficiently avoid
colliding with the door cover and other structures, and the separation velocity and angular
velocity match design criteria. (3) The principle prototype test verifies the design and
analysis of the separation mechanism. It allows for the efficient and reliable separation of
micro-nano satellites.

However, the separation mechanism still has a large optimization space; if the entire
structure adopts a method of additive manufacturing, it will improve the separation
mechanism’s stiffness and integration while also reducing weight; therefore, this method
needs further study.
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